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PREFACE 
The papers presented at this conference contain information on recent 
research efforts of the National Aeronautics and Space Administration in the 
field of aircraft aerodynamics. The presentations were made according to sub- 
ject matter, as follows : (1) Experimental Techniques, (2) Stability and 
Control, (3) Propulsion Aerodynamics, (4) Subsonic and Transonic Aerodynamics, 
(5) Supersonic Aerodynamics, and (6) Summary Reports (on V/STOL and hypersonic 
cruise aerodynamics) . 
Contributors include NASA staff members from the Ames, Flight, Langley, 
and Lewis Research Centers, as well as representatives of North American 
Aviation, Inc., Lockheed-California Co., and The Boeing Campany. 
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1. DRAG I4lUS-S FROM DImm';C Irlm TUlTNZJCX 
By Ralph I?. Bielat ,  Arvo A, Luom, 
MASA Langle y Research Center 
and James C. Daughedy 
NASA .Arne6 Research Center 
3 : , *  
' This paper examines t h e  q.uestion: Row good a corre la t ion can be 
obtained from drag measuremen'ts made i n  d i f fe ren t  wind-tunnel faci . l l t ies7 
The' correlat5.ons cons ide~ea  pertain only t o  drag data which were obtained on 
the. same models from SnvestigatTons j.n vari0u.s w5nd tunnels where special 
yj efforts  were mad,e t o  &upl'lcate the exact t e s t  conditions. 
, \ 
Drag data obtaineCl f o r  t he  same model i n  d i f f e r en t  wj.xld tunnels at t  s u b  
,. - 
sonZc, transonic, and supersontc spized.s agreed within j percent, provided. 
the.:tests were made i n  accordance w i t h  t h e  rules snd techniques developed 
~o?:wlnd-tunnel t e s t s  a t  these speeds. In the appl icat ion of these rules 
42 and ,techniqu,es, groper considefa"con must be given t o  model support sys-terns, 
t rahsit ion str lps ,  tunnel wall. ef'f'ects, t e s t  Ilimitations, and so Torth. 
s~a';.'ge-scale models, whLch permit hip& values of model Reynolds numbers, can 
" b.eq:"t'&sted a t  subsonic speeds I n  relat ively small t ransonic tunnels, and a 
hl'@. L'evel of confj-dence can be placed i n  the  r e s u l t s  of such Lests. Good 
c$~elsl;lon e x i s t s  between model aata obtai.nsd in the wind tunnel stand by th,e 
rocket technique where the tunnel  constraints are r-ot present-  
. r \ 
Il!TTRODUCTZOB 
curate assessment of  the drag charac.teristics i s  e s sen t i a l  i n  .the 
new 'airplane.  To s large extent, t h i s  aasessm,ent i.s based v$on 
of ex%ensive wind-tunnel imestigat5,ons of sr.aled mod.els of *be 
Because the coneeptj.on. of the airplane is relatively f l u i d .  during 
esign s%a.ges, t he  winr3,-tunnel models of t he  aPrplsne will usually 
umerous detail-s, and often i n  scale, Erom each other  and w i l l  
d i f f e r  from the '  " ~ i n a l ~ '  conception of the airplane.  me cosre- 
e drag data' of such models, consequently, can, become a d i f f i c u l t  
i c u l a r l y  when the t e s t s  are made i n  d.ifTerant tunnels. Unsat- 
r e l a t i o n  i n  drag measukem6nts of-ken can be reconcLled when 
eratj.cn Ls given to dir lerences  5x1 models, tes t  conditions, 
s, test l fmita t ions ,  data, acquisi t ion,  data accura.cy,' data 
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This paper examines the question: How good a correlation can be obtained 
from drag measurements made in different wind-tunnel facilities? The correla- 
tions considered pertain only to drag data which were obtained on the same 
models from investigations in various wind tunnels where special efforts were 
made to duplicate the exact test conditions. First, some of the testing tech- 
niques required to obtain reliable aerodynamic data at transonic speeds are 
discussed, and then comparisons of the experimental drag measurements from dif- 
ferent transonic wind tunnels are shown. Second, some of the problems asso- 
ciated with testing large models at subsonic speeds in a transonic wind tunnel 
are considered, and then some experimental results from two transonic tunnels 
are compared. Third, data obtained in the wind tunnel are compared with data 
obtained by the rocket technique on an identical model. kst, tests conducted 
at supersonic speeds are discussed and then comparative data from different 
tunnels are presented. No attempt' is made in this paper to correlate wind- 
tunnel results with full-scale flight results or to extend wind-tunnel results 
to full-scale Reynolds numbers. 
SYMBOLS 
I chord of airfoil section, in. 
CD drag coefficient 
L Y = ~  rise in drag coefficient above minimum value 
base drag coefficient 
CD,rnin minimum value of drag coefficient 
lift coefficient 
N~ 
' change in lift coefficient from value corresponding to minimum drag 
coefficient 
2s axial distance required for model nose shock to traverse the super- 
sonic flow to test-section boundary and reflect back to test-section 
center line, in. 
I M Mach number 
R Reynolds number 
/" 
t maximum thickness of airfoil section, in. 
x axial distance from model base to mean location of tunnel normal 
shock, in. 
a angle of attack, deg 
A sweep angle of wing, deg 
DISCUSSION 
Testing Techniques at Transonic Speeds 
Model size in relation to tunnel size is one of the critical problems 
to be considered when testing at transonic and supersonic speeds; the sig- 
nificance of this relationship is illustrated in figure 1. In order to assure 
interference-free data, the model must be sufficiently short to avoid impinge- 
ment of boundary-reflected disturbances from the tunnel walls on the model, or 
even close to the base of the model, as indicated by the schematic drawing in 
the figure. In figure 1 the approximate shock-reflection distance Is in 
inches is plotted against free-stream Mach number for airplane-type configura- 
tions for three NASA tunnels differing in size. The shock-reflection distancsb 
for the Iangley 8-foot transonic pressure tunnel were experimentally determined 
for a uing-body model of high fineness ratio. A discussion of the Isngley 
8-foot transonic pressure tunnel results, including the applicability of the 
results to other models differing in size or shape, is given in reference 1. 
The approximate shock-reflection distances show. in the figure for the other 
two tunnels are estimates based on the Langley 8-foot transonic pressure tun- 
nel results and the relative sizes of the tunnels. 
The primary purpose of this figure is to illustrate the fact, which is 
well known to transonic and supersonic wind-tunnel engineers, that when the 
same model is tested in a larger wind tunnel interference-free data can be 
obtained at lower supersonic Mach numbers. As an example, an investigation 
was made in the Iangley 8-foot transonic pressure tunnel on a 43-inch-long 
model, and it was found that a supersonic Mach number of 1.2 was required 
before interference-free supersonic data were obtained. Figure 1 indicates 
that tests of the same model in the larger wind tunnels would give interference- 
free data at a Mach number of approximately 1.1 in the Ames U-foot transonic 
tunnel and approximately 1.07 in the Langley 16-foot transonic tunnel. 
Each combination of test model and wind tunnel, however, offers a some- 
what different problem with regard to the effects of boundary-reflected dis- 
turbances. Therefore, if a precise determination of the shock-reflection dis- 
tances and the minimum supersonic Mach number for interference-free testing is 
needed for a specific model in a given wind tunnel, then actual experimental 
interference studies are necessary at the supersonic Mach numbers. 
Figure 2 illustrates the effects of boundary-reflected disturbances on 
drag when the same 43-inch-long model is tested in two different-size wind tun- 
nels at Mach numbers less than the minimums shown in figure 1. Drag coeffi- 
cient is plotted as a function of Mach nmber in figure 2. It should be pointed 
out that the zero for the drag scale has been suppressed in this figure and also 
in several of the figures to follow. Note that the effect of boundary-reflected 
disturbances on drag (affected test points shown by the solid symbols) extends 
over a substantially larger Mach number range in the smaller wind tunnel than 
in the larger wind tunnel. The solid symbols in the figure show data in a Mach 
number range in which data normally would not be obtained in either tunnel in 
tests of models of this size. 
Figure 3 illustrates the problems associated with testing the model in the 
vicinity of the tunnel normal shock. (see ref. 2.) Shown plotted in this spe- 
cific example is the drag coefficient as a function of the distance of ttz model 
base frcm the tunnel normal-shock position, where x = 0 represents the model 
base in the normal shock as indicated by the dashed model lines. These data 
are for a free-stream Mach number of 1.2. Although the data were obtained in 
a solid-throat tunnel, the general results are applicable to any transonic or 
supersonic tunnel. It is quite obvious that the positive pressures associated 
with the tunnel normal shock can produce very significant drag reductions as 
the base of the model approaches the shock location, and tests of the model gen- 
erally should not be made under conditions where the data can be affected by the 
proximity of the tunnel normal shock. 
Most models are supported by stings in the wind tunnel. Such stings must 
be carefully designed if valid drag information is to be obtained, especially 
in transonic testing. A general recommendation for transonic testing is a 
sting which has a small ratio of sting diameter to model-base diameter, which 
has a constant-diameter section approximately 5 model-base diameters long, and 
which has a sting flare angle (total) no greater than approximately 6'. Some 
insight into the nature and magnitude of sting interference can be found in 
references 3 to 7. 
Some specific examples of the effects of support interference at transonic 
speeds other than the interference caused by the usual sting supports will now 
be discussed. Figure 4 illustrates the effect of support- strut interference 
on the drag coefficient of a missile configuration at O0 angle of attack. (See 
ref. 8. ) The strut was used to stiffen the sting in a lateral plane, especially 
at angle of attack. The strut had a chord of 3 inches and a thickness ratio of 
21 percent, and was located 4 base diameters downstream of the model. The upper 
curves represent the total drag coefficient and the lower curves represent the 
forebody drag coefficient. The drag coefficients for this figure are based on 
body cross-sectional area. These data show that the presence of the strut 
caused reductions in the total drag coefficient, especially near M = 1.0. How- 
ever, these reductions in the drag coefficient are due only to increases in the 
base pressure caused by the presence of the strut, since the forebody drag coef- 
ficients are unaffected by the presence of the strut. 
Figure 5 illustrates the effect of support interference on drag for an 
airplane configuration which has both base and boattailing areas subject to the 
influence of the pressure f i e ld  of the support. The upper sketch shows an aux- 
i l i a r y  support system which was used t o  obtain combined pi tch and s ides l ip  
angles of the model. The middle sketch schematically i l l u s t r a t e s  a mockup of 
the above auxi l iary support system. This mockup consisted of a dummy support, 
a s  shown. Tests were made with the d m y  support on and off (as  indicated by 
the  middle and bottom sketches) i n  order t o  determine the  interference of the 
auxi l iary support. Minimum drag coefficient i s  plot ted a s  a function of Mach 
number; i n  t h i s  case, the drag has not been corrected f o r  base drag. Note the 
drag reductions f o r  Mach numbers l e s s  than 1.2, and par t icu lar ly  the  large 
reductions a t  speeds near sonic, caused by the posi t ive pressure f i e l d  with the 
dummy support on. Figure 6 shows the same comparison a s  i n  f igure 5 except 
tha t  i n  t h i s  case the minimum drag values have been corrected f o r  base drag. 
Again note the e f fec t  of the dummy support on the drag. The drag reduction i s  
l e s s  than tha t  shown i n  figure 5,  but it i s  s t i l l  substant ial  near a Mach num- 
ber of 1.0 because of the mdel  boattail ing. 
Models and Test Conditions f o r  Comparisons 
Some of the drag measurements from di f ferent  wind-tunnel f a c i l i t i e s  a r e  
compared next. In each of the comparisons, the  same physical model was te s t ed  
i n  tw:, o r  more wind tunnels, and usually the same s t ing  and the same in terna l  
balance were used. In each comparison t h e  model was tes ted  i n  the d i f fe rent  
wind tunnels a t  the same t e s t  conditions, except i n  one o r  two cases where the 
Reynolds numbers were somewhat different.  Transition was fixed according t o  
t h e  methods described i n  reference 9 i n  order t o  insure a turbulent boundary 
layer  on the mdels.  A discussion of the use of grit-type boundary-layer tran- 
s i t i on  s t r i p s  on wind-tunnel models is given by Braslow, Hicks, and Harris i n  
paper no. 2. 
Comparisons a t  Transonic Speeds 
The first of the comparisons shows the  variat ion of the  minimum drag coef- 
f i c i e n t  with Mach number f o r  a variable-sweep configuration ( f ig .  7). Sweep 
angles of 26O and 72.5O a r e  shown. A i r  flowed through the ducts, and the drag 
has been corrected f o r  the internal  drag a s  well as  f o r  the  base drag so t h a t  
the drag coefficient i s  the minimum net external drag. The t e s t s  were conducted 
i n  three NASA f a c i l i t i e s :  the Ames 11-foot transonic tunnel and the  Langley 
8-foot and 16-foot transonic tunnels. The data shown are  f o r  a constant 
6 Reynolds number of 2.5 X 10 per foot. The data from the Langley 16-foot 
transonic tunnel were obtained at  somewhat d i f fe rent  Reynolds numbers, how- 
ever, and these data have been corrected f o r  the difference i n  skin f r i c t i o n  
between the t e s t  Reynolds number and the constant Reynolds number value of 
2.5 X lo6 per foot. Attention i s  again called t o  the  f a c t  t h a t  the or igin f o r  
the drag scale i s  not shown in the figure.  Note the correlation which has been 
obtained i n  the three f a c i l i t i e s  throughout the Mach number range shown. For 
example, the spread i n  the faired curves amounts a t  most t o  about 5 counts of 
drag (where one count of drag i s  equivalent t o  a drag coefficient of 0.0001), 
o r  2 t o  3 percent, i n  the subsonic Mach number range and about 2 o r  3 counts 
of drag, or  1 percent, a t  supersonic speeds. 
Figure 8 shows the variation with Mach ntnnber of the minimum drag coeffi- 
cient and figure 9 shows the drag-due-to-lift factor ( for  l i f t  coefficients up 
t o  about 0.3) fo r  two wing sweep angles for  a V/STOL configuration. The wind- 
tunnel t e s t s  were made in the NASA Langley 8-foot transonic pressure tunnel 
(ref .  10) and in  the National Aero- and Astronautical Research Inst i tute (NLR) 
6.55- by 5.25-foot subsonic-transonic pressure wind tunnel, Amsterdam, 
Netherlands. A s  with the previous model (fig. 7), a i r  flowed through the ducts 
and the drag has been corrected fo r  the internal drag and base drag. The 
Reynolds nmbers i n  the two f ac i l i t i e s  were approximately the same. Again, 
note the correlation which exists  i n  both the minimum drag coefficient and 
drag-due-to-lift factor in both fac i l i t i e s .  A t  most, the difference in  the 
drag data amounts t o  about 7 counts of drag, o r  3 percent. 
The data presented i n  figures 10 and 11 are for  a delta-wing configuration. 
Figure 10 shows the minimum drag coefficient and figure 11 shows the drag-due- 
t o - l i f t  factor ( for  l i f t  coefficients up t o  about 0.3) plotted against Mach num- 
ber. The wind-tunnel tes ts  were made in  the NASA -ley 8-foot transonic pres- 
sure tunnel and i n  the Cornell Aeronautical laboratory 8-foot transonic wind 
tunnel f o r  a constant Reynolds number of 2.5 X lo6 per foot. The maximum spread 
between the faired drag curves amounts t o  4 counts of drag, or  3 percent. 
k r g e  Models a t  Subsonic Speeds 
In wind-tunnel tests,  a large model i s  desirable since the model Reynolds 
nmbers w i l l  be higher. At transonic and supersonic speeds the mdel  size 3.s 
usually limited by the problem of boundary-reflected disturbances existing a t  
Mach nmbers greater than 1. This constraint on model size does not exist, of 
course, when the t e s t s  are t o  be made only at subsonic speeds. Since the wind 
tunnel with slotted or  porous walls has greatly reduced o r  eliminated the solid- 
blockage interference, a substantially larger model can be used f o r  subsonic 
t e s t s  i n  a transonic (slotted) wind tunnel than can be used for  subsonic t e s t s  
i n  a comparable closed-throat tunnel. However, the problem of the downwash due 
to  the tunnel-boundary interference on the l i f t  of a large model i s  s t i l l  t o  be 
considered. This type of interference i s  a function of the cross-sectional 
shape of the tunnel; the type, distribution, and amount of tunnel wall ventila- 
tion; the ra t io  of wing span to  tunnel width; the ra t io  of wing area to  tunnel 
cross-sectional area; and the l i f t  coefficient. A recent theoretical analysis 
of tunnel-boundary interference (ref. 11) includes calculations 'of the spanwise 
variation of the interference and the effect of sweepback. Theory indicates 
that  fo r  a large model in the Langley 8-foot transonic pressure tunnel, the 
ic%e:-ference of the tunnel walls on the average induced flow i s  small, with the 
spanwise variation from wing root to  wing t i p  being approximately twice the 
average value. 
Figures 12 and 13 show comparative drag data a t  high subsonic Mach nmbers 
on the same 5-foot-span model of a large subsonic transport.. The model was 
investigated in  the Lsngley 8-foot transonic pressure tunnel and i n  the consid- 
erably larger Langley 16-foot transonic tunnel. The Reynolds number was the 
same in  both tes ts .  The drag and l i f t  data shown are the mean results  obtained 
from t e s t s  of the model upright and inverted. The data from both tunnels have 
been corrected for  the internal drag of the four engines, for  base drag, for  
buoyancy, and for the average downwash due to the tunnel-boundary interference 
on lift. This interference at a lift coefficient of 0.5, for example, was 
estimated to be an average downflow to the model of only 0.05' in the Langley 
8-foot transonic pressure tunnel and 0.01' in the Langley 16-foot transonic 
tunnel. The effect of the interference correction on drag coefficient at a 
lift coefficient of 0.5 was to reduce the drag coefficient by 0.0005 ifi the 
8-foot tunnel tests and by 0.0001 in the 16-foot tunnel tests. 
Figure 12 presents the drag polar at a Mach number of 0.775, which 
corresponds to the approximate cruise Mach number. The Reynolds number was 
3.5 x 106 per foot. Again note that the drag scale does not start at zero. 
The agreement is seen to be satisfactory, the scatter in the data being no 
greater than about 4 counts of drag, or 1 percent, near the cruise lift. Fig- 
ure 13 shows the variation of drag with Mach number at a constant lift coeffi- 
cient of 0.48. The maximum spread between the curves is about 10 counts of 
drag, or 3 percent. 
Comparison of Drag Results From Wind-Tunnel and 
Rocket-Technique Tests 
The next logical question to be asked is: How well does the drag of a 
model measured in the w i n d  tunnel correlate with the drag of the same model 
measured in free flight where the wind-tunnel constraints, such as boundary- 
refiected disturbances, are not present? Figure 14 shows a comparison of the 
drag coefficients of a four-engine delta-wing configuration from measurements 
in free flight by the rocket technique and in the Langley 16-foot transonic 
tunnel. The rocket and wind-tunnel models were identical as regards scale, 
surface smoothness, and so forth, and the Reynolds numbers for the two sets of 
6 data were about 4.0 x 10 per foot. In both cases, air flowed through the 
nacelles, and the drag data have been corrected for internal drag and base 
drag. Note the correlation which has been obtained between the rocket and 
wind-tunnel drag measurements. These investigations were made approximately 
10 years ago. Although the rocket data extend to higher supersonic values 
than indicated, the Mach number capability of the tunnel at that time was lim- 
ited to a maximum of about 1.12. The wind-tunnel data for Mach numbers of 1.05 
and 1.12 shown by the solid symbols were affected by wind-tunnel boundary- 
reflected disturbances. These affected test points are included in the figure 
to illustrate further the problems of boundary-reflected disturbances which 
were discussed earlier. 
Comparisons at Supersonic Speeds 
The next correlation is for tests conducted at supersonic speeds. The 
requirements regarding the techniques for testing at supersonic speeds are not 
nearly as stringent as those for transonic testing. For example, the require- 
ments for the sting-support system can be relaxed; and the chief consideration 
is to determine the model scale so that the model lies well within the Mach 
rhombus throughout the supersonic speed range. Ekperience has shown that it 
i s  somewhat more d i f f i cu l t  t o  achieve a turbulent boundary layer  on models a t  
supersonic speeds because of the thicker  and more s table  boundary layer  present 
, on t h e  models. I n  the correlations which follow, however, t rans i t ion  was fixed 
on the  models by using proper grit-type boundary-layer t rans i t ion  s t r i p s  i n  a 
manner which assured turbulent conditions over the  model surfaces. 
Figure 15 shows the l i f t -drag  polar f o r  a delta-wing configuration a t  a 
Mach number of 3.0. This model i s  the same one t h a t  w a s  used t o  obtain the 
transonic data presented i n  f igures  10 and 11. Figure 16 shows the l i f t -drag  
polar  f o r  an arrow-wing configuration, a l so  a t  a Mach nurdber of 3.0; t h i s  con- 
f igurat ion was investigated without nacelles and ve r t i ca l  t a i l s .  The t e s t s  of 
both configurations were made i n  the Langley Unitary Plan wind tunnel and i n  
the  Ames 8- by 7-foot supersonic wind tunnel at a constant Reynolds number of 
3.0 X lo6 per foot.  Good correlation obviously has been achieved. The max- 
imum sca t t e r  of the  t e s t  points from the fa i red  l i n e  amounts t o  2 counts of 
drag, o r  l e s s  than 2 percent. 
CONCLUDING REXMW 
Numerous cmparisons have shown tht drag data obtained f o r  the same model 
i n  d i f fe rent  wind tunnels a t  subsonic, transonic, and supersonic speeds agreed 
within 3 percent, provided the t e s t s  were made i n  accordance with the rules  and 
techniques developed fo r  wind-tunnel t e s t s  a t  these speeds. I n  the application 
of these rules  and techniques, proper consideration must be given t o  model sup- 
port  systems, t rans i t ion  s t r ips ,  tunnel w a l l  effects ,  t e s t  l imitations,  and so 
for th.  It has been fur ther  demonstrated t h a t  large-scale models, which permit 
high values of model Reynolds numbers, can be tested a t  subsonic speeds i n  
r e l a t ive ly  small transonic tunnels, and a high leve l  of confidence can be placed 
i n  the  r e su l t s  of such tes t s .  It has a lso  been shown t h a t  good correlation 
e x i s t s  between model data obtained i n  the wind tunnel and by the rocket tech- 
nique where the tunnel constraints a re  not present. 
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SUMMARY 
Some general guidelines that are applicable to grit-type boundary- 
layer-transition trips located near the leading edges of model components 
are presented. Conditions that permit transition to be fixed at the rough- 
ness at subsonic and supersonic speeds without a resultant grit drag are 
reviewed. In certain cases in which grit drag is unavoidable, two methods - 
the choice of which depends upon the characteristics of the wind tunnel 
used - for correcting for such drag are discussed. At hypersonic speeds, 
the problem of fixing boundary-layer transition without'distorting the 
turbulent-boundary-layer velocity profile has not been solved. 
INTRODUCTION 
Accurate determination of the low-lift drag characteristics of full- 
scale aircraft from small-scale wind-tunnel tests usually requires that 
boundary-layer transition from laminar to turbulent flow be artificially 
fixed near the leading edges of the various model components. An extrap- 
olation to the full-scale Reynolds number can then be made for aircraft 
protuberances and surface irregularities that are not simulated on the 
model. The use of three-dimensional or grit-type roughness as a boundary- 
layer-transition trip has met with the most success and is the subject of 
this paper. The appendix presents some recent information on the use of 
triangular particles cut fron adhesive tape as a trip. 
SYMBOLS 
C~ drag coefficient 
C ~ ,  min minimum drag coefficient 
---  - - -- -- 
Preceding page blank ,, 
C ~ ,  o zero-lift drag coefficient 
C~ lift coefficient 
k roughness height 
M free- stream Mach number 
~/ft unit Reynolds number (~eynolds number per foot based on free-stream 
velocity and kinematic viscosity), V,/v, 
Rk roughness Reynolds number based on roughness height and velocity 
and kinematic viscosity at top of roughness, ukk/vk 
Rk, cr value of Rk for initiation of artificial transition 
Rx Reynolds number based on free-stream conditions and distance of 
roughness from leading edge, V,x/v, 
Rx , ,in minimum value of R, below which an increase in roughness height 
is required to initiate artificial transition 
u local streamwise component of velocity inside boundary layer 
uk local streamwise component of velocity inside boundary layer at 
top of roughness particle 
v, free-stream velocity 
x distance of roughness from leading edge 
6 total thickness of boundary layer 
"k coefficient of kinematic viscosity at top of roughness particle 
", free-stream kinematic viscosity 
DISCUSSION 
No single trip configuration is effective or, in fact, desirable, regard- 
less of tunnel test conditions or model configuration. A single set of speci- 
fications for a trip design, therefore, cannot be designated. However, some 
general guidelines that are applicable to all grit-type trips are 
(1) The roughness bands should be narrow. Wide bands are unnec- 
essary, and they create drag if carried to extremes. 
(2) The roughness should be sparsely distributed. It i s  undesir- 
able t o  pack the roughness densely because a densely packed band w i l l  
a c t  a s  a two-dimensional t r i p .  Two-dimensional t r i p s  a re  unsatisfac- 
tory  because reasonable heights do not f i x  t rans i t ion  a t  the t r i p  
location. 
( 3 )  Care should be taken not t o  bui ld up layers  of adhesive 
which can form spanwise ridges a t  the edge of the t r i p .  These ridges 
a l so  tend t o  make the t r i p  a c t  a s  a two-dimensional step. 
With these general guidelines i n  mind, a choice of pa r t i c l e  s ize  and loca- 
t i o n  must be made. The proper choice i s  not an obvious one. Several fac tors  
a r e  involved tha t  require careful consideration. The primary factor  involved 
i n  the a r t i f i c i a l  f ixing of t ransi t ion i s  Mach number, and subsonic speeds w i l l  
be considered first.  Before proceeding with the  discussion, however, the 
boundary-layer parameters t o  be used a re  defined with the a id  of f igure 1. 
Shown, t o  an exaggerated scale, i s  the t o t a l  boundary-layer thickness a s  the  
boundary layer grows along a surface. A roughness pa r t i c l e  i s  shown located 
a distance x from the surface leading edge. The height of the pa r t i c l e  i s  
designated a s  k. Also shown is a sketch of the  boundary-layer veloci ty  pro- 
f i l e  a t  the rouqhness location. A roughness Reynolds number i s  formed based 
on the  roughness height k and the loca l  flow conditions a t  the top of the  
roughness - t h a t  is, the  velocity a t  the top of the roughness uk and the kin- 
ematdc viscosi ty  at  the  top of the roughness vk. For roughness Reynolds num- 
bers  l e s s  than a cer tain value, the roughness has no ef fec t  on the locat ion of 
the natural  t ransi t ion.  When the roughness Reynolds number reaches a c r i t i c a l  
value, designated by the subscript cr,  t rans i t ion  moves forward of i t s  nat- 
u r a l  location. A t  subsonic speeds, t r ans i t ion  moves very close t o  the  rough- 
ness when the  c r i t i c a l  value is  attained. Many experimental investigations 
have determined tha t  the value of the c r i t i c a l  Reynolds number i s  approximately 
600 a t  subsonic speeds ( fo r  a r a t i o  of pa r t i c l e  height t o  width of 1 ) .  (see 
re f .  1 o r  2.) With t h i s  value of roughness Reynolds number a s  a c r i te r ion ,  the  
minimum roughness height required t o  i n i t i a t e  a r t i f i c i a l  t rans i t ion  can be cal-  
culated f o r  the given t e s t  conditions and f o r  a selected distance of the rough- 
ness from the leading edge. A Reynolds number based on t h i s  distance x and 
the  free-stream flow conditions has been designated a s  Rx. 
Subsonic Considerations 
Figures 2 and 3 present examples of subsonic drag data plotted against  
roughness height. In  figure 2 a r e  r e su l t s  f o r  a rather  large range of rough- 
ness height on a variable-sweep f ighter  configuration; whereas, i n  f igure , are  
r e su l t s  f o r  a more l imited range of roughness height on f igh te r  and transport  
configurations. The values of roughness height k f o r  a roughness Reynolds 
number of 600 a re  indicated by the  v e r t i c a l  t i c k  f o r  each t e s t .  For a l l  the 
configurations presented, an increase i n  roughness height by a fac tor  of 2 over 
tha t  indicated by Rk = 600 can be tolerated with very l i t t l e  or no drag 
increase. The drag coefficients measured i n  t h i s  range of roughness height 
1 varied within only fl- counts, t ha t  is, S.00015. Therefore, choice of a 2 
roughness grit somewhat larger than that indicated for Rk = 600 will enable 
drag measurements to be made at subsonic speeds without the need for any cor- 
rections due to roughness drag. Use of a nominal grit size one size larger 
than that determined for Rk = 600 is recommended to insure a margin of con- 
servatism for transition. This recommendation would appear to be a good one 
because the average height of roughness in three-dimensional grit has been 
found to be somewhat smaller than the nominal height. The results of careful 
measurements of the particles in representative carborundum-grit trips are pre- 
sented in figures 4 and 5. 
The shape of the curve of drag coefficient plotted against roughness height 
(fig. 2) is a function of particle frontal area and average dynamic pressure 
1 .~ - the pai%ticies. For each g-&t is soiiie-w-l-&t higher Lnan the boulAai;y- 
layer thickness, indicated in figure 2 by the arrow, the drag is about propor- 
tional to only the particle frontal area, because the average dynamic pressure 
over the particle height is approximately constant. As the particle height is 
changed for each particle immersed in the boundary layer, however, the average 
dynamic pressure over the particle height changes with a change in height. The 
drag varies in this region, therefore, with the change in average dynamic pres- 
sure as well as with the frontal area. The exact shape of the drag-coefficient 
curve for carborundum-type grit, then, can be different for different trips 
because of the variation of particle sizes present in the grit and because of 
a variation in boundary-layer thickness across the span when the grit location 
from the leading edge is not constant. 
The important point to be reiterated is that for all the examples of sub- 
sonic data shown, the drag variation with roughness height approaches a plateau 
region for nominal grit sizes smaller than the boundary-layer thickness but 
larger than the value determined for Rk = 600. This desirable plateau region 
occurs only when another important criterion is satisfied. This criterion will 
be indicated in the following discussion. 
Figure 6, which repeats the curve from figure 2 for the variable-sweep con- 
6 figuration that was obtained at a tunnel unit Reynolds number of 5.9 x 10 , 
shows the effect of decreasing unit Reynolds number. When the unit Reynolds 
number was reduced from 5.9 x 106 to 3.0 X 106, transition was still fixed at 
the roughness height equivalent to a roughness Reynolds number of 600, and a 
plateau region was once again obtained. When the unit Reynolds number was f b r -  
ther reduced to 1 x lo6, it appears that a value of % of 600 was not suffi- 
cient to fix transition at the roughness. The increase in height required to 
fix transition prevented the attainment of a plateau region - that is, there 
was always a large variation of drag coefficient with roughness height. It 
appears possible to correlate the conditions at which a value of Ih, greater 
than 600 is required to fix transition at the roughness on the basis of %, 
the previously mentioned length Reynolds number based on the distance from the 
leading edge to the roughness location. Values of Rx based on the distance 
to the trip at the mean-aerodynamic-chord location are presented in figure 6 
for the three unit Reynolds numbers. The effect of Rx on the critical 
roughness Reynolds number Rk,,, is  shown by f igure  7. The shaded band repre- 
sents dozens of data points. The value of R i s  constant a t  about 600, 
except a t  the low values of the length ~eyno lds  number &. A t  the low values 
of Rx - resul t ing from e i ther  a decrease i n  tunnel uni t  Reynolds number d r  a 
decrease i n  distance - the  c r i t i c a l  roughness Reynolds number increases; there- 
fore, the  roughness height required t o  induce t r ans i t ion  increases. These 
la rger  heights w i l l  cause roughness drag large enough t o  eliminate the  plateau 
region, as poTriously indicated f o r  t h e  low Reynolds number curve i n  f igure 6. 
For subsonic t e s t s ,  it i s  usually possible t o  locate  the roughness a t  a length 
Reynolds number of at  l e a s t  0.1 x l&, while maintaining a locat ion f a r  enough 
forward t o  have essent ia l ly  full-chord turbulent flow. It can be seen t h a t  
0.1 x 106 i s  about the  value a t  which Rk,cr departs from the constant value 
of 600. The previous data showing the  plateau region f o r  the f igh te r  and t rans-  
port  configurations (f igs .  2 and 3 )  were obtained f o r  values of Rx greater  
than 0.1 x 106. 
Supersonic Considerations 
A t  supersonic Ikch number, selection of g r i t  height and location becomes 
more complicated. Firs t ly ,  as  indicated i n  f igure  8, an increase i n  Mach num- 
ber  increases the  val.ue.of which i s  defined a s  the value of Rx below 
which RklCr increases. (see f ig .  7. ) For combinations of roughness locat ion 
and tunnel uni t  Reynolds number resul t ing i n  values of Rx smaller than these 
minlmum values, it becomes increasingly d i f f i c u l t  t o  induce t ransi t ion.  Sec- 
ondly, f o r  values of R, greater than R x , d n r  t he  value of roughness Reynolds 
number a t  which t rans i t ion  s t a r t s  t o  move forward of i ts  natural  posit ion 
Rk,cr a l so  increases with increasing Mach number greater  than about 3.6. This, 
too, r e su l t s  i n  an increase in required roughness height a t  the  higher Mach 
numbers. Thirdly, a s  Mach number increases, the roughness Reynolds number must 
be increased t o  a value greater than the c r i t i c a l  value i n  order t o  move t ran-  
s i t i on  forward t o  the v ic in i ty  of the roughness, a s  indicated by the upper curve 
i n  the right-hand p lo t  of figure 8. The increase i n  Rk t o  a value greater  
than the c r i t i c a l  value i s  not required a t  the lower Mach numbers where RkJcr 
i s  suff ic ient  t o  induce t rans i t ion  i n  the v ic in i ty  of the roughness. Pa r t s  of 
these curves a r e  shown dashed because very few data a r e  available t o  es tab l i sh  
the values quantitatively.  The limited data tha t  a r e  available up t o  Mach 6, 
however, do indicate the trends plotted. 
It is apparent f r o m  figure 8 tha t  a t  hypersonic speeds, f ixing t rans i t ion  
on wind-tunnel models becomes increasingly d i f f i c u l t .  In fac t ,  roughness height 
several times larger  than the boundary-layer thickness was required t o  f i x . t r a n -  
s i t i o n  a t  a t r i p  a t  a Mach number of 6. Severe, undesirable d is tor t ions  of the 
boundary-layer veloci ty  profi le  accompany such large roughness. Discussion of 
the  significance of the transit ion-fixing d i f f i cu l ty  with regard t o  hypersonic 
wind-tunnel tes t ing  is  included i n  paper no. 35 by David E. Fetterman e t  a l .  
Further discussion herein of supersonic data w i l l  be res t r ic ted  t o  Mach 
numbers up t o  3 - the range of in te res t  f o r  the supersonic transport. It has 
already been indicated tha t  a t  Mach numbers up t o  3, a roughness height equiv- 
a len t  t o  a value of Rk of about 600 w i l l  f i x  t rans i t ion  very near the rough- 
ness so long a s  the value of Rx a t  the roughness i s  greater  than the minimum 
value indicated i n  figure 8. It i s  not always possible o r  pract ical ,  however, 
t o  locate  roughness f a r  enough rearward dimensionally o r  t o  operate a t  a uni t  
Reynolds number high enough t o  obtain a value of R, a t  l e a s t  tha t  large. In 
other words, i n  some supersonic wind tunnels, the maximum tunnel uni t  Reynolds 
number o r  the model scale i s  not large enough t o  produce these minimum values 
of Rx fo r  roughness located a s  near the leading edge a s  desired. In  tunnels 
la rger  *3Ait P,e j~A=lds  rA"ubzr 2spzbi l i t ics ,  it m o ~ r  r u u ~  -A+ r ~ v v  hrr ur; r ~ c & u r u r c  4 n - n 4 L l r r  4- u u  A n.n UAA 
a l l  t e s t s  a t  the maximum unit  Reynolds number condition because of considera- 
t ions  such a s  angle-of-attack res t r ic t ions  due t o  balance l imitat ions a t  the 
higher dynamic pressures. For supersonic t e s t s ,  therefore, a need usually 
e x i s t s  f o r  the use of roughness configurations that cause g r i t  drag. A correc- 
t i o n  f o r  t h i s  g r i t  drag must, of course, be determined. Two methods a re  being 
used, the  choice of which depends upon the character is t ics  of the wind tunnel 
used. 
Figure 9 i l l u s t r a t e s  a technique tha t  can be used f o r  determining the  g r i t  
drag i n  wind tunnels having a variable Reynolds number capability. The tech- 
nique i s  limited, however, t o  those wind tunnels with a suf f ic ien t ly  high u n i t  
Reynolds number and free-stream turbulence leve l  t o  produce essent ia l ly  a l l -  
turbulent flow on the model surfaces a t  the highest unit  Reynolds number without 
a r t i f i c i a l  t r i p s .  The data shown i n  the f igure were taken a t  a Mach number of 
2.75 with a delta-wing-body model. Shown on the left-hand side of the figure 
i s  a log-scale p lo t  of the  zero- l i f t  drag coefficient a s  a function of the free- 
stream uni t  Reynolds number. The c i rcu lar  symbols represent f ree  t rans i t ion  and 
the  square symbols represent measurements with t r ans i t ion  t r i p s  located near the 
model leading edges. The roughness par t ic les  were sized t o  produce t rans i t ion  
6 a t  the t r i p  a t  the t e s t  Reynolds number per foot  of 3 x 10 , which i s  the high- 
e s t  uni t  Reynolds number a t  which complete l i f t -d rag  polars could be taken 
without exceeding the model balance limits. A comparison with turbulent theory 
and observation of sublimation material placed on the model surfaces during the 
t e s t s  indicate tha t  the model without t r i p s  had essent ia l ly  all-turbulent flow 
6 a t  uni t  Reynolds number of about 6 X 10 and greater.  By extrapolating along 
the  theoret ical  turbulent curve fo r  a smooth f l a t  p la te  back t o  the t e s t  
6 Reynolds number per foot of 3 X 10 , the g r i t  drag i s  obtained a s  th? difference 
between the extrapolated smooth value and the drag measured with the g r i t .  The 
increment i n  drag coefficient due t o  the g r i t  w a s  0.0005 i n  t h i s  t e s t .  On the 
right-hand side of figure 9, the square symbols represent the  measured variat ion 
of drag coefficient with lift coefficient f o r  the  model with fixed t rans i t ion  a t  
the.  Reynolds number per foot of 3 X lob. The sol id  l i n e  i s  the corrected polar 
which has been adjusted f o r  the grit-drag increment. 
Figure 10 i l l u s t r a t e s  a technique tha t  can be used f o r  grit-drag determi- 
nation i n  wind tunnels which do not have a variable Reynolds number capabi l i ty  
or which cannot achieve a sufficiently high Reynolds number to produce all- 
turbulent flow on the model surfaces without artificial trips. The data shown 
in this figure were taken with the same delta-wing model as in the previous fig- 
6 ure, at the same Mach number of 2.75, and at a unit Reynolds number of 3 x 10 . 
On the left-hand side of the figure is a plot of the variation of the drag 
coefficient with lift coefficient for the model with artificial trips of dif- 
ferent roughness heights. Each of the particle sizes shown was sufficiently 
large to produce transition at the trip. In order to determine the all- 
turbulent drag of the moaei wlthout trips, the data are cross-plotted in the 
right-hand plot of the figure as a function of the particle size squared at 
various values of lift coefficient. The parameter k2 is used rather than k 
because, for these roughness heights which are all greater than the boundary- 
layer thickness, the drag is about proportional to a characteristic area as 
discussed previously. The arrow indicates the roughness height equal to the 
boundary-layer thickness at zero lift. The all-turbulent drag of the smooth 
model is obtained by extrapolating,linearly to zero roughness height. The cor- 
rected all-turbulent drag polar for the model is shown as the solid line in 
the left-hand plot of the figure. 
Figure 11 shows a comparison of the corrected drag polar for the model as 
determined by the two techniques. The circular symbols represent the corrected 
drag polar as determined by the variable Reynolds number technique and the 
square symbols represent the corrected drag polar as determined by the variable 
roughness height technique. As can be seen in the figure, the agreement in 
this case is excellent. 
Determination of the correct slope of CD plotted against k2 in the 
variable roughness size method, however, is not as simple as the curves of fig- 
ure 10 may indicate. This fact is explained by figure 12 in which the zero- 
lift drag-coefficient curve is repeated as the solid line but additional points 
of larger and smaller roughness heights are included. If the two larger par- 
ticles are considered in the fairing, as indicated by the dashed line, the 
lower resultant slope of CD,o plotted against k2 results in a significant 
change in the grit-drag correction. These larger particles are over three times 
as high as the boundary-layer thickness, and other experiments have indicated 
that particles of such magnitude can either decrease or increase the local skin 
friction behind the roughness because of distortions in the boundary-layer 
velocity profiles. Roughness too much larger than the boundary-layer thickness, 
therefore, should be avoided, but it is not clear at present how large a rough- 
ness can be tolerated. Additional work is underway to define better the height 
limitations. For the smallest roughness height investigated and for natural 
transition, visual-observation techniques of the boundary-layer condition can 
be used to determine the amount of laminar flow present. With calculations of 
the drag decrement associated with the laminar flow, additional points may be 
provided to help determine the slope of the curve. It is clear that in applying 
the variable roughness size method for evaluating the roughness drag, extreme 
care is required in determining the boundary-layer conditions through the range 
of roughness height so that an educated judgment can be used in fairing the 
slope of CD plotted against k2. 
General Considerations 
The discussion of the use of transition trips on wind-tunnel models has 
been restricted in this paper to the problem of determining full-scale low-lift 
drag characteristics. So long as the flow over the surfaces of wind-tunnel 
models remains attached, the other force and moment coefficients measured at 
small scale will, for all practical purposes, be equal to the full-scale char- 
acteristics. If, however, regions of flow separation exist at test conditions, 
the characteristics may be affected by the differences between the test and 
full-scale Reynolds numbers. Some aspects of the flow-separation problem are 
discussed in paper no. 3 by Donald L. Loving and in paper no. 23 by William P. 
Henderson. 
A final point to be made concerns the previously mentioned variation of 
particle height present in a trip composed of distributed grit. Although this 
is not a serious problem, further sieving of the grit before application would 
certainly be helpful. Also, the use of other types of three-dimensional rough- 
ness rather than grit in an attempt to provide uniform and more easily control- 
lable trips has been under investigation for some time. Although all pertinent 
problems have not yet been completely resolved, recent results for one of these 
types appear encouraging and some of the information on this roughness is 
included in the appendix. 
It is possible to fix boundary-layer transition far forward on wind-tunnel 
models at stibsonic speeds with grit-type transition trips bving little or no 
grit drag. This is possible also at supersonic speeds, but only if a suffi- 
ciently high test Reynolds number is attainable. Testing expediency or tunnel 
characteristics, however, usually dictate the use of trips, at supersonic 
speeds, that produce grit drag. Two methods of correcting for this grit drag, 
depending upon the tunnel characteristics, are currently being used. At hyper- 
sonic speeds, the problem of fixing boundary-layer transition near the leading 
edges of the model compon.ents without distorting the turbulent-boundary-layer 
velocity profile has not been solved. 
APPENDIX 
'ITUANGULAR PARTICLES OF ADKESrVE TAPE FOR BOUNDARY-LAYER TRANSITION 
Two practical difficulties encountered in the use of carborundum roughness 
particles are the lack of uniformity of the particle pattern (caused by large 
variations in size and shape of the individual particles) and the length of 
time required for application. These problems are accentuated when it is nec- 
essary to repeat the application of the roughness bands several times as is 
done in one of the currently used techniques for assessing the particle-drag 
penalty. 
A type of three-dimensional roughness which offers promise of eliminating 
these difficulties consists of triangular particles cut from adhesive tape. 
The size and shape of these particles can be accurately controlled and no addi- 
tional bonding agent is required to affix the particles to the model surface, 
with a resultant savings in time for application. Triangular particles of this 
type have been tested at the University of Maryland in a water tunnel (refs. 3 
and 4) and at the Ames Research Center in air. In both studies, the triangular 
roughness particle was shown to be more effective in promoting artificial tran- 
sition than spherical roughness particles of the same height. 
Results obtained from tests at supersonic* speeds at Ames are shown in fig- 
ure 13. The ratio of minimum spherical trip Reynolds number to minimum trian- 
gular trip Reynolds number for transition near the roughness is plotted against 
6 6 Mach number for station Reynolds numbers from 0.025 X 10 to 0.6 x 10 and for 
particles with height greater than the boundary-layer thickness. These results 
show that for the conditions of figure 13, the particle height required to fix 
transition near the roughness is less for triangular trips than for spherical 
trips. A t  the top of figure 13 is a sketch showing the dimensions and orienta- 
tion with respect to the free stream of the triangular trips used in the Ames 
tests. Triangles with apex angles ranging from 45O to 135' were found to pro- 
duce only small variations in the transition-promoting effectiveness in the 
studies of reference 4. However, it has been found in both the Ames and the 
University of Maryland studies that a reduction in effectiveness will be real- 
ized if the apex of the triangle does not point into the flow. 
Although the use of triangular roughness appears encouraging, further 
investigation is required in the following problem areas: 
(1) The amount of distortion of the boundary layer caused by the trian- 
gular trips as compared with the spherical trips 
(2) The drag penalty of the triangular trips compared with the spherical 
trips 
(3) The effect of wing leading-edge sweep on the transition-promoting 
effectiveness of the triangular trips 
APPENDIX - Concluded 
(4) The effect of pressure gradient on the transition-promoting effec- 
tiveness of the triangular trips 
(5) The effectiveness of triangular trips with heights less than the 
boundary-layer thickness 
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3 WIND-TUNNEL-FLIGHT CORRELATION OF 
SHOCK-INDUCED SEPARATED FLOW 1 
By Donald L. Loving 
NASA Langley Research Center 
SUMMARY 
- - 
A preliminary study i s  made of the discrepancies between wind-tunnel 
predictions and actual  f l i g h t  resu l t s  f o r  conditions of supercr i t ica l  sepa- 
rated flow. The limited resul ts  obtained fo r  two combinations of Mach num- 
ber and l i f t ,  both involving supercritical-flow separation, suggest t ha t  the I 
problem i s  related t o  Reynolds number and tha t  an improvement i n  the correla- 
t i on  might be obtained by fixing the  t rans i t ion  on a model so as  t o  produce 
a re la t ive  boundary-layer thickness a t  the t r a i l i n g  edge comparable t o  tha t  
calculated t o  ex is t  i n  f l i gh t .  The need f o r  continued research i s  indicated. 
The purpose of t h i s  discussion i s  t o  caution experimenters concerning 
the  use of wind-tunnel resu l t s  i n  predicting f l i g h t  loads and moments when 
supercr i t ica l  separatqd flow i s  present. Whenever separated flow has been 
observed on wind-tunnel models, the extrapolation of these resu l t s  t o  f l i g h t  
conditions has always been subject t o  question. The discrepancies between 
aerodynamic resu l t s  from f l igh t  and wind-tunnel investigations disclosed 
herein should not come a s  a surprise. They a r e  merely additional evidence 
of the  problem associated with separated flows. 
Two combinations of Mach number and lift, both involving supercr i t ica l  
flow separation, a re  examined. One i s  f o r  Mach numbers above cruise a t  
l i f t i n g  conditions near cruise, and the other i s  f o r  Mach numbers near cruise  
a t  l i f t i n g  conditions higher than cruise. 
An example of the d i f f icu l ty  tha t  might be encountered was observed 
during recent f l i g h t  t e s t s  of a cargo-transport airplane. A t  supercr i t ica l  
Mach numbers the wing pressures and pitching moments of the airplane were 
considerably different  from those predicted i n  wind-tunnel t e s t s .  No general 
procedure has been developed for resolving such discrepancies. Investiga- 
t ions  a r e  being conducted, however, t o  provide a be t t e r  understanding of the 
fac tors  involved, and the resu l t s  herein a re  presented t o  report  on the  progress 
of these e f for t s .  
I SYMBOLS 
C~ drag coefficient , ~ r a ~ / ~ ~  
C L lift coefficient,  L i f t / a s  
I Cm pitching-moment coefficient , Pitching mornent/~sE 
loca l  pressure coefficient,  (pl - pm)/\ 
I b  span of wing, meters 
, c chord of wing, meters 
- 
c mean aerodynamic chord of wing, meters 
M free-stream Mach number 
I pz loca l  s t a t i c  pressure, newtons/meter2 
I 
I 
I PW free-stream s t a t i c  pressure, newtons/meter2 
I 
'm 
free-stream dynamic pressure, newtons/mete? 
S t o t a l  area of wing, meters2 
I 
I x longitudinal distance, measured from wing leading edge, meters 
af angle of attack of fuselage, degrees 
DISCUSSION 
A n  indication of the differences between wind-tunnel and f l i g h t  data i s  
shown by the pressure dis t r ibut ions i n  figures 1 and 2. I n  figure 1 i s  shown 
a comparison of the chordwise pressure dis t r ibut ions on the upper surface of 
a cargo-transport wing a t  a Mach number of 0.75, fo r  a fuselage angle of a t tack  
of -0.6O, where the l i f t  coefficients f o r  the complete configurations a re  
s l igh t ly  l e s s  than 0.3 and the  wing pressures a re  a l l  subcr i t ica l .  Transition 
was fixed near the leading eclge cf the wind-tunnel model by the method discussed 
i n  paper number 2 by Braslow, Hicks, and Harris. The data a re  f o r  the approxi- 
mate 40-percent -semispan s tat ion.  The chordwise trend of the pressures shows 
good agreement i n  shape between the wind-tunnel and f l i g h t  resu l t s ,  although a 
small increase i n  the negative pressure-coefficient leve l  i s  noted fo r  the  
f l i g h t  resu l t s  . 
I n  figure 2 i s  shown the same type of comparison a t  a higher-than-cruise 
Mach number of 0.85 for an angle of a t tack of approximately oO. The l i f t  coef - 
f i c i en t s  associated with these wind-tunnel and f l i g h t  conditions a re  0.24 and 
0.34, respectively. The flow over the wing fo r  these conditions i s  super- 
c r i t i c a l .  For example, a local  supercr i t ica l  Mach number of about 1.32 i s  
associated with the f l i g h t  peak pressure. As may be seen, the pressure dis- 
t r ibut ions obtained i n  the wind tunnel and i n  f l i g h t  a re  markedly dissimilar 
i n  shape. The adverse pressure gradients i n  t h i s  p lo t  indicate tha t  the loca- 
t i on  of the f l i g h t  shock and attendant separation i s  rearward of t h a t  i n  the 
wind tunnel by about 20 percent chord. Associated with t h i s  s h i f t  i n  shock, of 
course, i s  a rearward s h i f t  of the  center of pressure and therefore more nega- 
t i v e  pitching moments re la t ive  t o  values predicted from the wind-tunnel t e s t s .  
Because of the possible impact of t h i s  discrepancy on the  satisfacto-ry-pre- 
diction of loads, s t ab i l i t y ,  and performance of a i r c r a f t  of t h i s  type, an 
investigation has been undertaken t o  resolve t h i s  d i f f icu l ty .  
A wind-tunnel investigation of several twist dis t r ibut ions indicated t h a t  
differences i n  wing f l ex ib i l i t y  did not greatly contribute t o  the differences 
between wind-tunnel and f l igh t  resu l t s .  It then was assumed tha t  the problem 
might be associated with Reynolds number or scaling effects .  Consideration of 
various factors  suggested tha t  the d i f f icu l ty  might be caused by differences i n  
the  boundary-layer conditions that  a f fec t  shock-induced flow separation. A t  a 
given free-stream Mach number, the  parameter that has the  la rges t  e f fec t  on 
shock-boundary-layer interaction i s  the boundary-layer thickness. For the  
par t icu lar  problem of supercritical-flow separation the " re la t ive  thickness" 
was presumed t o  be a major factor. Relative thickness is  defined a s  the r a t i o  
of the  absolute thickness a t  any s ta t ion  t o  chord length. A study of these 
e f f ec t s  was thus considered a reasonable approach. 
Figure 3 i l l u s t r a t e s ,  i n  an exaggerated manner, the re la t ive  thickness 
e f fec t .  Since the re la t ive  thickness of the turbulent boundary layer var ies  
inversely with a power (115) of the  Reynolds number, the re la t ive  thickness a t  
any given percent chord s tat ion would be greater on a small-scale wind-tunnel 
model with t rans i t ion  fixed near the leading edge than on a similar ful l -scale  
wing with natural  t rans i t ion  in f l i gh t .  When the  loca l  flow becomes sonic f o r  
both of these configurations, the displacement of the  separated flow would tend 
t o  push the  shock and accompanying separation far ther  forward on the wind-tunnel 
mode 1. 
It appeared, therefore, that  the  solution t o  the  problem might be t o  develop 
a method tha t  would provide a turbulent boundary layer near the t r a i l i n g  edge of 
the  wind-tunnel model with the same re la t ive  thickness as  would be encountered 
i n  actual  f l i gh t .  
With t h i s  objective as a goal, a t rans i t ion  s t r i p  was moved progressively 
rearward on a model during t e s t s  conducted i n  the Langley 8-foot transonic pres- 
sure tunnel. Theoretically, as the s t r i p  i s  moved downstream the  extent of 
laminar flow ahead of the  s t r i p  w i l l  increase, and the distance over which the 
turbulent layer can build up w i l l  be reduced. A s  a resu l t ,  a t  any given posi- 
t i o n  downstream of the s t r i p ,  the turbulent layer w i l l  become thinner and tend 
t o  approach the re la t ive  thickness of the boundary layer i n  f l i gh t .  It then was 
reasoned tha t  when supercritical-flow conditions were reached on the two con- 
figurations,  the shock position on the model would tend t o  approach the same 
position a s  on the  airplane. The thinnest turbulent layer  would be attained, 
of course, with the s t r i p  removed. 
Figure 4 shows the effect on the chordwise supercritical-pressure distri- 
bution of moving the  t ransi t ion s t r i p  on the model. The t e s t  conditions and 
the wing are  the same as those used t o  obtain the  previously presented pressure 
data ( f ig .  2) .  However, for  these resul ts ,  t he  model was tes ted  with the  ta i l .  
o f f ,  and the  fuselage was somewhat different.  The changes should not have any 
effect  on the basic phenomena under discussion. A s  the s t r i p  was moved from 
7.5 percent chord t o  50 percent chord, the shock posit ion moved rearward. Visual 
observations of the flow pattern,  obtained by the fluorescent-oil f i lm method 
( r e f .  l ) ,  indicated that  a number of i so la ted  roughness par t ic les  present on the 
surface of the wing produced wedges of turbulent flow i n  the  predominantly Lami- 
i-fiP fioow- ahead of tLe  G-L& the focatiGr; of ' ---- ' + 4  A- PA- +I.- -+..:. b r c u r m s  urvr l  r u s  uub 0 u r  rp 
a t  50 percent chord was actual ly  near 40 percent chord. When the s t r i p  was 
removed, visual observations of the  flow patterns fo r  t h i s  natural-transit ion 
condition indicated that  the  average location of t rans i t ion  was near 50 2ercent 
chord, which means tha t ,  along with turbulent wedges i n  the laminar boundary 
layer  over the forward portion of the wing, some laminar flow extended behind the 
50 percent chord. The shock moved far ther  rearward t o  the downstream position 
shown i n  this figure. When the  f l i g h t  data points from figure 2 a re  compared 
with these natural t ransi t ion model resul ts ,  the shock positions appear t o  be, 
f o r  a l l  p rac t ica l  purposes, the same. For t h i s  par t icular  natural t rans i t ion  
location, calculations were made and indicated tha t  the  re la t ive  thickness of the 
boundary layer a t  the t r a i l i n g  edge of the model was the  same as  tha t  of the 
ful l -scale  airplane i n  f l igh t .  
These recent resu l t s  appear t o  give evidence t h a t  the re la t ive  boundary- 
layer t h i c h e s s  a t  the  t r a i l i n g  edge may be a primary parameter i n  determining 
the shock location and resultant pressure dis t r ibut ion.  Additional experimen- 
t a t i o n  i s  necessary, of course, t o  validate t h i s  ten ta t ive  conclusion. The 
r e su l t s  thus f a r  obtained, however, do indicate tha t  the discrepancies between 
wind-tunnel and f l i g h t  data a re  a re la t ive  boundary-layer thickness e f fec t ;  
t ha t  i s ,  a scale effect .  
The changes i n  aerodynamic forces tha t  occurred a s  the  t rans i t ion  s t r i p  was 
moved a re  presented i n  figure 5 f o r  a near-cruise angle of a t tack  of 2O and a 
Mach number of 0.85. Plotted i n  t h i s  figure as  so l id  l i nes  a re  the variations 
of l i f t ,  drag, and pitching-moment coefficients as  a function of the t rans i t ion-  
s t r i p  location. The short-dash l ines  indicate the l eve l  of the fmces  and 
moment with the t ransi t ion s t r i p  removed. The difference between the  l i f t  and 
drag fo r  the usual forward posit ion of a t rans i t ion  s t r i p  and the values 
obtained with natural  t ransi t ion i t  indicative of an increase i n  l i f t -drag  r a t i o  
of about 20 percent. Of even more importance for  the  same t e s t  conditions, the . 
vaxiation of pitching moment i s  representative of a rearward s h i f t  i n  the  cen- 
t e r  of pressure of 11 percent. 
The resu l t s  of th i s  wind-tunnel investigation on a high-aspect-ratio sub- 
sonic wing a t  above-cruise Mach numbers, near cruise l i f t ,  provide evidence tha t  
the discrepancy between wind-tunnel and f l i g h t  pressure and force data apparently 
r e su l t s  from a re la t ive  boundary-layer-thickness effect  on supercritical-flow 
sepa~a t ion .  It would be expected t h a t  the same phenomena a lso  would ex i s t  near 
40 
the cruise  Mach number, but a t  higher-than-c-se l i f t ,  since shock-induced sep- 
arat ion a lso  occurs for  these conditions. In figure 6 a re  plot ted the wind-tunnel 1 
pitching-moment coefficients as a function of l i f t  for  the  same model jus t  dis-  
cussed with two extreme boundary-layer t e s t  conditions a t  a Mach number of 0.75. I 
For the  configuration with t rans i t ion  fixed near the leading edge (x/c = 0.075) a 
reduction i n  s t a b i l i t y  occurs a t  l i f t  coefficients s l igh t ly  above cruise.  When 
the s t r i p  i s  removed, not only a r e  the pitching-moment coeff ic ients  more nega- 
t i ve ,  but the  trend toward ins t ab i l i t y  i s  delayed t o  a higher l i f t  coefficient.  
An examination of the wind-tunnel pressure data (which a r e  not presented) indi-  
cated tha t  t h i s  difference i s  associated with the  same separation phenomena 
just described f o r  the  subsonic King operating beyond i t s  cruise Mach number; 
- d t h  the  t rans i t ion  s t r i p  removed, shock-induced separation occurred f a r the r  
rearward along the chord. A s  was indicated i n  the  previous discussion, it i s  
probable tha t  the natural-transit ion configuration more nearly simulates f l i g h t  
conditions than the fixed-transit ion configuration. Available f l i g h t  data do 
not go up t o  the point of divergence, so they have not been included i n  the 
figure.  
CONCLUDING REMARKS 
Because, a t  supercr i t ical  speeds, pressure dis t r ibut ions obtained from 
model and full-scale f l i g h t  t e s t s  may be different ,  a study has been made for  
the  purpose of improving t h i s  correlation. 
On the  basis  of t h i s  study, a reasonable assumption appears t o  be t h a t  the 
problem i s  one of a Reynolds number e f fec t  on shock-induced boundary-layer 
separation. This e f fec t  appears associatecl with differences between t h e  re la -  
t i v e  thickness of the boundary layer on models and fu l l - sca le  airplanes.  
A t  the present time no conclusive means a re  established f o r  exactly simu- 
l a t ing  the supercritical-flow phenomena on models a s  they ex i s t  i n  f l i g h t .  On 
the  basis  of present knowledge, however, it does appear tha t  ful l -scale  charac- 
t e r i s t i c s  may be obtained, a t  l eas t ,  on subsonic wings by locating t rans i t ion  
on a model so a s  t o  produce the same re la t ive  boundary-layer thiclmess a t  the  
t r a i l i n g  edge as  has been calculated t o  ex is t  i n  f l i gh t .  
Unti l  t h i s  or  other methods can be more defini te ly established, it i s  sug- 
gested a s  an interim recommendation tha t  wind-tunnel studies be made with 
t rans i t ion  occurring a t  various locations. In  t h i s  manner, a t  l eas t ,  the  
sens i t iv i ty  of shock-induced separation t o  modification of the boundary-layer 
conditions can be determined. 
1. Loving, Donald L.;  and Katzoff, S.: The Fluorescent-Oil Film Method and 
Other Techniques fo r  Boundary-Layer Flow Visualization. NASA MEMO 3-17-5gL, 
1959 
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4. som m m  DEVELOPMENTS OF DYNAMIC 
TECHNIQUES FOR WIND TUNNELS 
By Harleth G. Wiley, Robert A. Kilgor<, 
and Jean Gilman, Jr. 
NASA Langley Research Center 
SUMMARY 
Some recent developments i n  improved dynamic techniques f o r  wind-tunnel 
re,earch are  discussed. A new method fo r  experimental gust research permits 
measurement of the response of a dynamically scaled model t o  a gust f i e l d  gen- 
erated i n  a wind tunnel by an osci l la t ing airstream. PrelFminary investigations 
indicate tha t  the technique should be useful f o r  determination of aerodynamic- 
s t ruc tura l  t ransfer  functions and dynamic-stability derivatives. Two types of 
magnetic model suspension and balance systems f o r  wind tunnels tha t  have been 
developed i n  the  United States and i n  Europe a re  described. The National 
Aeronautics and Space Administration i s  sponsoring in-house and contract studies 
t o  define the engineering problems of developing these magnetic suspension sys- 
tems in to  operational wind-tunnel research f a c i l i t i e s .  Equipment has been 
developed f o r  determining the significant and unpredictable damping derivatives 
of current a i r c r a f t  configurations a t  high angles of attack and i n  regions of 
gross aerodynamic ins t ab i l i t i e s .  Experimental research with these techniques 
'provides the basis  f o r  developing methods fo r  more accurately predicting damping 
I 
levels  and trends, especially a t  f l i g h t  angles of attack. 
INTRODUCTION 
Many of the dynamic problems of current and proposed a i r c r a f t  configura- 
t ions a r i se  from the inab i l i t y  of researchers t o  predict ,  by re l iab le  theory, 
the mechanics of the aerodynamic phenomena involved. The dynamic aerodynamic 
character is t ics  of configurations with swept wings, complex engine packages, 
and slender bodies a re  d i f f i cu l t  t o  predict  theoret ical ly  a t  r e a l i s t i c  angles 
of attack. In addition, the aeroelastic study is  becoming increasingly complex 
because of more f lex ib le  structures and more stringent mission requirements. 
Aerodynamic and s t ruc tura l  responses, of course, can be obtained by ful l -scale  
f l i g h t  t e s t s ,  and some dynamic character is t ics  can be measured with p i lo t l e s s  
f ree-f l ight  model t e s t s .  However, one of the best  approaches t o  the fundamental 
understanding and ultimate solution of these dynamic problems continues t o  be 
from experiments in the  controlled environment of the wind tunnel. Therefore, 
e f fo r t s  have continued within NASA t o  develop and improve wind-tunnel techniques 
f o r  studying these dynamic problems. 
The purpose of t h i s  paper i s  t o  review recent developments fo r  three sepa- 
r a t e  dynamic techniques fo r  wind tunnels. The three areas t o  be discussed are:  
(1 )  An osc i l la t ing  airstream technique f o r  determining gust response, (2 )  recent 
developments i n  magnetic model suspension and balance systems, and ( 3 )  tech- 
niques f o r  measuring d y n d c - s t a b i l i t y  derivatives at angles of attack. 
SYMBOLS 
1 C$ damping-in-roll parameter 
% + oscillatory damping-in-pitch parameter 
Cnr - Cni cos a osci l la tory damping-in-yaw parameter 
C + C  s i n a  I Ip 2 r 3  osci l la tory damping-in-roll parameter 
k reduced-frequency parameter 
M Mach number 
V stream velocity 
a angle of attack 
0, vane amplitude 
DISCUSSION 
Oscillating Airstream Technique 
A system fo r  measuring the response of an aeroelast ical ly  scaled model t o  
an osc i l la t ing  ver t ica l  gust f i e ld ,  generated by osc i l la t ing  vanes, has been 
developed. A plan view of the major components of the system i s  presented i n  
figure 1. A se t  of biplane vanes i s  located on each wall i n  the entrance noz- 
zle of the Langley transonic dynamics tunnel. The three-dimensional vanes have 
a span of 3.5 f ee t  and a panel aspect r a t i o  of 1.2. The biplane vanes on each 
tunnel w a l l  a re  hydraulically driven and are  synchronized t o  osc i l l a t e  sinu- 
soidal ly  i n  pitch. The ver t ica l  velocity component of the flow f i e l d  generated 
by the osc i l la t ing  vanes causes an osc i l la t ion  of the airstream, which simulates 
a time-varying vert ical  gust f i e l d  of controlled frequency i n  the t e s t  section. 
A complete description of the principle and de ta i l s  of the technique i s  con- 
tained i n  references l a n d  2. 
The vanes are located well upstream i n  the subsonic portion of the entrance 
nozzle so  tha t  l oca l  shock waves cannot be generated on the vanes. Thus, t e s t s  
can be made a t  transonic speeds i n  the  t e s t  section without shock interference 
from the  vanes. In addition, the t e s t  area l i e s  between the vane wakes so tha t  
the spanwise gust dis t r ibut ion i n  the t e s t  area i s  essent ia l ly  uniform (within 
about 10 percent) and allows t e s t s  of models with spans up t o  about 6 f ee t .  
The osc i l la tor  system was designed fo r  operation a t  vane amplitudes Bv 
from 3 O  t o  12O at frequencies up t o  20 cycles per second. Currently, however, 
operation i s  power limited by the power absorbed by the aerodynamic damping of 
the vanes, which i s  a function of vane amplitude and dynamic pressure. Figure 2 
presents the typical  variation of gust amplitudes obtained a t  the center l i n e  
of the t e s t  area fo r  various gust frequencies. These par t icu lar  cal ibrat ions 
were maCe fo r  Freon as the t e s t  medium and f o r  Mach numbers of 0.8, 1.0, 
and 1.1. The vane amplitude Ov was go. Although the character is t ic  decrease 
i n  gust amplitude with increasing frequency is  appreciable, as  shown i n  f i g -  
ure 2, the gust amplitude at the higher frequencies appears t o  be adequate f o r  
t e s t  purposes. 
For the i n i t i a l  development t e s t s ,  a simple dynamically scaled model w a s  
mounted in the  t e s t  area on a two-cable support system with suf f ic ien t  freedom 
t o  allow the model t o  be flown by remote control. Thus, both the  rigid-body 
response and the s t ruc tura l  response of the model t o  the osc i l la t ing  airstream 
simulates free-f l ight  response t o  ve r t i ca l  gusts. A t r a i l i n g  umbilical cable 
car r ies  control signals t o  the model and data measurements of the model f l i g h t  
character is t ics .  (snubber cables, which a re  slack i n  f l igh t ,  are  used as 
safety r e s t r a in t s  as explained i n  reference 2. ) 
As an i l l u s t r a t ion  of the usefulness of the technique, some preliminary 
measurements, at  a Mach number of 1.0, of the acceleration response a t  the 
center of gravity of the dynamically scaled airplane model are  presented i n  
figure 3.  (The reduced-frequency parameter k covers only the short-period, 
rigid-body frequency range for  the purposes of t h i s  discussion. Actually, the 
at ta inable  reduced frequency for  these t e s t  conditions i s  about three times 
tha t  shown.) The experimental normal-acceleration f'unctions are  shown as sym- 
bols and the calculated normal acceleration i s  shown as the so l id  l ine .  A t  a 
reduced frequency of about 0.006 a model plunging mode is apparent. This sec- 
ondary plunging mode i s  introduced by the character is t ics  of the cable-support 
system which modify the otherwise free-f l ight  response of the model. Modifica- 
t ions t o  the cable support system probably can reduce the model response i n  the 
plunging mode obtained i n  these preliminary t e s t s .  The second peak i s  the 
longitudinal response of the model i n  the short-period, rigid-body mode. The 
calculated and experimental values of the normal-acceleration function are  i n  
reasonably good agreement. The discrepancies may well be due t o  the rigid-body 
s t a b i l i t y  derivatives tha t  were used f o r  these preliminary calculations or t o  
possible undefined ef fec ts  of the cable support system. Further de ta i l s  of 
these p r e l h i n a r y  t e s t s  and calibrations a re  presented i n  reference 2. 
The i n i t i a l  development t e s t s  show tha t  a sat isfactory experimental tech- 
nique f o r  subjecting a dynamically scaled model t o  a controlled gust f i e l d  has 
been developed. A method f o r  mounting the model t o  simulate the free-f l ight  
modes i s  available. Although several improvements a re  needed, the technique, 
when f u l l y  developed, should be especially valuable for  experimental research 
i n  two dynamic problem areas. F i r s t ,  it should permit be t te r  determination and 
evaluation of t ransfer  functions a t  transonic speeds. These functions can be 
derived from experimental measurement of the amplitude and phase of model 
response t o  gust inputs through ranges of gust frequencies. The functions 
r e l a t e  the instantaneous loads and s t ruc tura l  response of aerodynamic configu- 
rat ions t o  gusts and turbulence caused by atmospheric phenomena or by man-made 
explosions. These frequency-response flrnctions are  especially c r i t i c a l  f o r  the 
design of a i r c r a f t  fo r  low-altitude high-speed missions and f o r  large f lex ib le  
a i r c r a f t  and boosters with low natural frequencies and low load factors.  In 
addition, the technique should be adaptable t o  the determination of dynamic- 
s t a b i l i t y  derivatives for  both r ig id  and f lex ib le  aerodynamic configurations. 
Magnetic Suspension and Balance Systems 
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oped both i n  the United States and i n  Europe. This discussion is  a r6sum6 of 
recent progress i n  the area and of the contribution of NASA i n  sponsoring 
research contracts and grants t o  study the problems of developing two types of 
magnetic suspension systems in to  operational wind-tunnel research f a c i l i t i e s .  
The two systems d i f f e r  fundamentally i n  the type and degree of r e s t r a in t  imposed 
on the model by the magnetic f ie lds .  
The f i r s t  system provides firm magnetic control i n  a l l  major model degrees 
of freedom. This type of magnetic suspension system was f irst  developed i n  
France. (see r e f .  3. ) A similar system has been developed at the Massachusetts 
Ins t i tu t e  of Technology (MIT) under sponsorship of the  U.S. Air Force (ref .  4 ) .  
The fundamentals of these systems are shown i n  figure 4. The magnetic f i e lds  
of direct-current l i f t  co i l s  a c t  on a cyl indrical  i ron core embedded within a 
nonmagnetic model. Light and photocell systems sense ve r t i ca l  movement o f ' t he  
model and control the current t o  the two l i f t  co i l s  t o  maintain the desired 
model ve r t i ca l  position. The angle of a t tack can be changed by rais ing or  
lowering the two horizontal l i gh t  and photocell systems re la t ive  t o  each other. 
Similar l a t e r a l  co i l s  and position-sensing systems are  mounted in  a horizontal 
plane t o  control the side forces. A large air-core drag c o i l  surrounds the 
tunnel upstream of the model t o  hold the  model against  the drag forces. 
The elimination of the aerodynamic interference of mechanical support 
structures i s  the obvious primzry advantage of t h i s  system. Thus, measurements 
of heat-transfer rates,  aerodynamic pressures, and forces and moments a re  
unaffected by flow distortions; and studies of t rue  wakes and base e f fec ts  can 
be made. In addition, the systems should be adaptable t o  forced-response 
dynamic-stability testing. However, these devices as they now ex i s t  are  sub- 
jec t  t o  several operational problems. The asymmetrically arranged support co i l s  
cause cmplicated magnetic-field and model-position interact ions,  The opt ica l  
position-sensing schemes work well only fo r  symmetrical models or  fo r  models 
with s t raight- l ine elements. Finally, for  use i n  large wind tunnels, the physi- 
c a l  s ize  and power requirements of the co i l s  a r e  large, especially if the co i l s  
are  operated a t  normal temperature. 
The Langley Research Center i s  now sponsoring a research contract with MIT 
t o  study some of these problems as they apply t o  a magnetic suspension and bal- 
ance system fo r  a 15-inch-diameter, Mach 10, hypersonic wind tunnel. These 
studies have resulted in  an advanced concept of symmetrical co i l  arrangements 
t o  minimize magnetic-field interactions. More versatile position-sensing 
devices are  being investigated. In addition, the studies show that  for  the 
15-inch-diameter hypersonic wind tunnel, co i l  sizes and power requirements are 
large but appear feasible, even with normal-temperature co i l  construction. 
The second magnetic suspension concept i s  a system that  i s  uniquely adapted 
t o  simulated free f l igh t  i n  that it allows model response i n  certain degrees of 
freedom. A p i lo t  fac i l i ty  was bu i l t  at the -ley Research Center t o  verify 
the concept and t o  permit component development (ref.  5). The device, i n  i t s  
simplest form, ut i l izes a single, large, direct-current co i l  encircling the 
wind-tunnel t e s t  section, as i l lustrated i n  figure 5. The magnetic f i e ld  gen- 
erated by the single co i l  i s  axially symmetrical and diverges from the center 
line. A sphere of magnetic material i s  suspended in  the f ie ld .  When the sphere 
i s  fixed i n  the axial  position by the typical position-sensing and current- 
control system, the divergent f i e ld  stabilizes the sphere toward the center 
line. This 4.75-inch-inside-diameter p i lo t  f ac i l i t y  suspended an iron sphere 
successfully in 1964. Results from subsequent t es t s  showed that  a combined 
12-pound load applied t o  a 3-inch-diameter sphere could be supported with a 
t o t a l  power expenditure of less than 5000 watts. 
It is conceived that  a special magnetic material with negligible eddy- 
current losses w i l l  allow the sphere t o  rotate freely about any of i t s  axes. 
The magnetic sphere could then be mounted a t  the center of gravity of an aero- 
dynamic model of nonmagnetic material. This concept could be used i n  a wind 
tuunel t o  allow dynamic simulation of an aerodynamic body i n  free f l ight ,  with 
vir tually cunplete rotational response about a l l  major axes. 
An advanced concept of the magnetic suspension system just described, but 
with three-dimensional magnetic model control, was developed by the University 
of Virginia for  the study of wakes and sphere drag (ref.  6 ) .  More recent devel- 
opments were presented i n  a paper by Dr .  H. M. Parker of the University of 
Virginia at a symposium a t  Wright Patterson Air Force Base, April 1966. The 
Langley Research Center has recently sponsored a grant t o  the University of 
Virginia for  a study of the engineering aspects of scaling up t h i s  three- 
dimensional magnetic system to a more useful size. In th i s  study the feasibi l-  
i t y  of using supercooled or  superconducting coils for magnet construction i s  
being explored. These techniques offer the possibility of large reductions i n  
co i l  size-and power requirements. 
Thus, two basic types of magnetic model suspension systems for wind tunnels 
have been developed and are being successfully operated. The advantages of 
these new systems are obvious. Both in-house and contract efforts  m e  pres- 
ently under way a t  the Langley Research Center to  define the problems of devel- 
oping both magnetic suspension systems into operational wind-tunnel research 
fac i l i t i e s .  
Techniques fo r  Measuring Dynamic-Stability Derivatives 
The third experimental technique to  be discussed involves the measurement 
of rigid-body dynamic-stability derivatives. Much dynamic research i s  
accomplished at  the  Langley Research Center with the  well-known free-flight- 
model techniques i n  the ful l -scale  tunnel at  low speeds. Equipment and tech- 
niques also are  available a t  the Ames and Langley Research Centers of NASA fo r  
the  measurement of damping derivatives at  moderate t o  high Mach numbers. The 
present discussion i s  confined, however, t o  the r ig id ly  forced dynamic- 
s t a b i l i t y  mechanisms developed at Langley especially fo r  investigating configu- 
rations at appreciable angles of attack. These devices permit experimental 
determination of the theoretically unpredictable damping derivatives at  angles 
of a t tack  where separated flow may be present and i n  regions of gross aerody- 
namic ins t ab i l i t i e s .  A r6sum6 of the capabi l i t ies  of the exis t ing Langley 
dynamic-stability equipment, and the  character is t ics  of several new devices 
which should be i n  operation within the year, i s  presented i n  tab le  I. 
TABLE I.- E X P E R m A L  DYNAMICSTABIUTY CAPABILITIES 
* ~ ~ u i ~ r n e n t  under construction. 
s 
As shown, the steady-state ro l l ing  derivatives can be obtained at  Mach numbers 
from 0.2 t o  1.0 f o r  angles of a t tack from -35' t o  35O.  The osc i l la tory  pitching, 
yawing, and ro l l ing  derivatives can be determined over a wide range of Mach num- 
bers and angles of attack. The dynamic-stability equipment described i n  tab le  I 
can be operated through the f u l l  Reynolds number ranges of the  wind tunnels i n  
which they are used. Although not shown i n  the table,  these dynamic-stability 
devices a l so  can obtain the aerodynamic s t i f fness  derivatives and the pertinent 
l a t e r a l  cross derivatives, where applicable. 
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Steady r o l l  
Oscillatory 
pi tch 
or  
Oscillatory 
Yaw 
- 
Oscillatory 
r o l l  
b 
I)amping 
derivatives 
C 
2~ 
".,+%!I 
cr+ - cni cos a 
C + C  s i n a  
Id 
number 
0.2 t o  1.0 
f 0.13 
0.2 t o  1.2 1 1.5 t o  4.6 
10.0 
0.13 
1 0.2 t o  L.2 
Frequency, 
CPS 
3 t o  10 
( n s )  
o t o  2 
3 t o  30 
3 t o  30 
*5 t o  60 
0 t o  2 t 
"3 t o  30 
Angle 
of 
attack, 
deg 
*35 
+180 
-5 t o  6 4  
-3 t o  25 
- 1 8 t o 2 4  
+180 
-2 t o  22 
I 
Amplitude, 
deg 
------- 
0 t o  30 
3, 1, 2 
5, 1, 2 
1.2 
0 t o  30 
2.5 
These experimental techniques are used extensively for investigations of 
the rigid-body dynamic-stability characteristics of current aircraft and space- 
craft configurations. A chart of some of the research accamplished, and that 
presently underway, is presented in figure 6. The horizontal bars indicate the 
Mach number ranges for which research has been accomplished for a broad range 
of configuration types. (The results of some of these investigations are pre- 
sented in references 7 to 27.) The programs have involved studies of the 
effects on the pitching, yawing, and rolling derivatives of configuration- 
component breakdowns, angle of attack, Mach number, Reynolds number, and oscil- 
lation frequency and amplitude. The research has provided a better under- 
standing of some of the aerodynamic phenomena involved and should provide the 
basis for development of better methods of prediction, especially at angles of 
attack where flow separation occurs. 
These wind-tunnel investigations have uncovered some interesting and sig- 
nificant damping trends for several current aircraft configurations. The vari- 
ation of pitch damping with angle of attack at a Mach nunher of 0.40 for two 
airplane models with moderately swept subsonic-wing configurations is presented 
in figure 7. (positive aerodynamic damping is indicated by the arrow. ) The 
characteristics of a typical, swept-wing, subsonic transport with four wing- 
mounted jet engines are shown by the solid curve (from ref. 8). The dashed 
line indicates the pitch-damping characteristics of a variable-sweep fighter 
model with the wings swept 20'.  o or the latter tests the highly-swept inboard 
leading edge, or glove, was removed. This change resulted in a relatively 
thick, subsonic type of wing, with the leading edge straight in to the fuselwe, ) 
The pitch damping for both configurations is about constant at the lower angles 
of attack, but becomes negative near the stall region. The negative pitch 
damping near the stall for these subsonic, swept-wing configurations may well 
. - expedite entry into the stall and/or intensify a pitch-up tendency. Incorpora- 
tion of the highly swept inboard glove on the variable-sweep fighter model con- 
siderably increased the level of pitch damping near the stall as shown in 
figure 7. 
From the data of figure 7 it is also apparent that the levels of pitch 
damping determined at an angle of attack of 0' cannot reasonably be extrapolated 
to the higher angles of attack. In addition, it is obvious that rigidly forced 
dynamic-stability mechanisms are required for investigations of unstable flight 
regions such as those shown here. 
The Langley rigidly forced dynamic -stability equipment is especially use - 
ful for investigations of high-angle-of-attack phenomena such as the deep stall 
of T-tail airplane configurations. The pitch-damping characteristics of a 
T-tail transport model with aft-fuselage-mounted jet engines are presented in 
figure 8. (The typical decrease in damping near the stall previously discussed 
is also a characteristic of this T-tail configuration.) In the deep-stall 
region, near an angle of attack of 40°, sharply decreased damping is also 
evident. 
Although this unexpected, and theoretically unpredicted, decrease in pitch 
damping is not understood at present, research on T-tail configurations is con- 
tinuing. The characteristic itself may be quite significant. Simulator studies 
at -ley, of the characteristics of T-tail airplanes, show that decreased or 
51 - 
negative pitch damping is beneficial in preventing "lock-in" at a deep-stall 
attitude (ref. 28). Thus, the seemingly adverse decreased damping character- 
' istic may well prove to be helpful. The ability to define, experimentally, 
unpredictable damping phenomena such as those just discussed again illitrates 
the value of these techniques for investigations of dynamic-stability deriva- 
tives at pertinent angles of attack. 
CONCLUDING IIESIARKS 
Several experimental dynamic techniques for wind-tunnel research have been 
reviewed. One such technique is a new method for experimental gust research. 
This method permits measurement of the response of a dynamically scaled model 
to a gust field generated in a wind tunnel by an oscillating airstream. In 
addition, studies are being undertaken both at the Langley Research Center and 
under NASA contract to define the engineering problems associated with the 
development of two types of magnetic-suspension systems into operational wind- 
tunnel research facilities. Techniques have also been developed for determining 
the significant and unpredictable damping derivatives of current aircraft con- 
figurations at high angles of attack and in regions of gross aerodynamic insta- 
bilities. Experimental research with these techniques provides the bases for 
developing methods for more accurately predicting damping levels, expecially 
at flight angles of attack. 
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5. SOME CONFIGURATION EFFECTS ON STATIC STABILITY OF AIRPLANES 
1 
AT HIGH ANGLES OF ATTACK AND LOW SPEEDS 
By Edward J. ~ay, Vernard E. Lockwood, 
and William P. Henderson 
NASA Langley Research Center 
SUMMARY 
A review has been made to examine some of the problems and possible 
solutions regarding stability at high angles of attack and low speeds. 
Pitch-up of fixed-wing configurations has been alleviated by the employment 
of wing leading edge and canard devices. Pitch-up for variable-sweep-wing 
configurations can be alleviated by a low horizontal tail, free-floating the 
forewing, reduction of the forewing sweep, or deflection of the forewing. 
The deep-stall characteristics of T-tail airplanes can be improved by 
increasing the ratio of tail span to nacelle span and by careful selection of 
nacelle position. Indications are that directional stability at high angles 
of attack can be improved by proper selection of fuselage cross-section 
shape. Directional stability for certain configurations can be improved by 
placing the vertical tail surfaces near the wing tips. 
INTRODUCTION 
The design requirements necessary for good performance at high speeds 
often result in undesirable low-speed stability characteristics at moderate 
and high angles of attack. Although many contemporary airplanes incorporate 
elaborate stability augmentation devices, it is still desirable to strive 
for good unaugmented stability characteristics. 
The purpose of this paper is to review some of the problems and possi- 
ble solutions regarding high angle-of-attack stability at subsonic Mach 
numbers. The scope of this presentation includes a discussion of the pitch- 
up problems of fixed-wing and variable-sweep-wing configurations, the deep- 
stall characteristics of T-tailairplanes, and tbe effects of fuselage 
cross-section shape and vertical tail position on directional stability. 
SYMBOLS 
reference wing span 
nacelle span 
Preceding page blank 
- 
- - 
- - -  - -  61 
horizontal tail span 
wing mean geometric chord 
pitching-moment coefficient, Pitching moment qSE 
pitching-moment coefficient provided by horizontal tail 
pitching-moment coefficient , at 40 percent wing mean geometric 
chord 
Yawing moment 
yawing-moment coefficient, 
qSb 
&n directional stability parameter, - 
a~ 
pressure coefficient, Plocal ' pfree stream 
qfree stream 
difference in pressure coefficient between upper and lower 
surface of wing 
Side force 
side-force coefficient, 
qs 
vertical distance from nacelle plane of symmetry to mean chord 
plane of horizontal tail 
horizontal tail incidence (positive trailing edge down), degrees 
longitudinal distance from aft end of nacelle to quarter-chord 
of mean geometric chord of horizontal tail 
Mach number 
pressure 
dynamic pressure 
reference wing area 
exposed canard area 
free-stream air velocity 
cross-wind velocity 
angle of attack, degrees 
s ides l ip  angle, degrees 
leading-edge sweep of forewing o r  outer wing panel, degrees 
deflection of wing leading-edge f l aps  (posit ive leading edge up), 
degrees 
FIXED-WING CONl?IGURATIONS 
The longitudinal s t ab i l i t y  problems which a r i s e  a t  low speeds f o r  one par- 
t i cu la r  high performance supersonic transport  concept a re  i l l u s t r a t e d  i n  f ig -  
ure 1. The basic configuration, shown a t  the  top of the figure,  incorporated a 
warped wing with sharp leading edges and cranked wing t ips .  The extreme insta- 
b i l i t y  f o r  the basic arrangement r e su l t s  from the sharp leading edges of the  
wing and the combined planform effects  of the cranked wing t i p s  and t ra i l ing-  
edge cutout. 
An extensive wind-tunnel investigation was conducted i n  the  Langley high- 
speed 7- by 10-foot tunnel t o  determine whether the longitudinal s t a b i l i t y  
character is t ics  of this configuration could be improved. The sketch a t  the 
lower r ight  of f igure 1 indicates the modifications which were made t o  the con- 
figuration. An inboard portion of the  wing leading edge was deflected downward 
and a comparatively smaller outboard segment was deflected upward. I n  addition, 
the  radius of the inboard half of the  wing leading edge was increased. The 
leading-edge modifications did not a f f e c t  the  maxiam l if t -drag r a t i o  a t  low 
speeds. These modifications resulted i n  a favorable redis t r ibut ion of lift 
over the wing and a consequent improvement i n  the  s t a b i l i t y  character is t ics .  
An increment i n  maximum l i f t -drag r a t i o  of about 0.60 over that obtained f o r  the  
basic configuration can be expected when the outboard f l ap  i s  undeflected. How- 
ever, a s l igh t  destabilizing tendency i n  the pitching-moment var iat ion with l i f t  
coefficient i s  noted. The increased leading-edge radius of the modified config- 
uration could be incorporated without diminishing the supersonic performance 
capabi l i t ies  of the configuration ( re f .  1 ) .  Longitudinal s t a b i l i t y  problems, 
however, might be encountered a t  other f l i g h t  conditions when the wing leading 
edge i s  undeflected. 
Variable-geometry canard devices have been envisioned as a method which 
might be u t i l i zed  t o  reduce pitch nonlinearit ies and increase the  trimmed l i f t  
coefficient a t  landing and take-off a t t i tudes .  The pitching-moment character- 
i s t i c s  f o r  the  basic configuration have been repeated i n  figure 2. Pitching- 
moment r e su l t s  a re  also shown for  the basic 'configuration with two variable- 
sweep-canard arrangements which form pa r t  of the main wing when i n  the retracted 
position. These p i tch  data have been adjusted t o  the  same leve l  of s t a b i l i t y  a t  
low angles of attack. This adjustment required a 4-percent forward s h i f t  i n  
center of gravity f o r  the small canard arrangement and an 8-percent s h i f t  f o r  
the large canard arrangement. For t h i s  configuration, a forward s h i f t  i n  center 
of gravity would resu l t  i n  a trim drag penalty a t  the cruise Mach number. These 
data indicate t h a t  longitudinal s t a b i l i t y  a t  the higher angles of a t tack can be 
improved considerably by sweeping a relat ively small portion of the wing forward 
and deflecting a portion of the forewing. Additional improvements i n  the pi tch 
character is t ics  of the canard configurations might be expected by incorporating 
the  additional wing leading-edge modifications shown i n  figure 1. F'rom a com- 
parison of f igures  1 and 2 a t  landing and take-off a t t i tudes,  the  nose-up moments 
of the canard configurations a re  substantially higher than those indicated f o r  
the modified configuration shown i n  figure 1. The posit ive moments would allow 
a trailing-edge-down control deflection and a consequent improvement i n  the 
trimmed l i f t .  I n  addition, f lap deflections on the  canard surface would provide 
additional nose-up moments f o r  trimming which would enable an increase i n  the  
deflection of the high-l i f t  devices. The unfavorable forward s h i f t  i n  aerody- 
r?&c: center resulting f rnm sweepi~g ~annrd fnm~ard mfg)rf, he diminished by 
u t i l i z ing  an extended trailing-edge-flap arrangement. m e n d i n g  the f laps  would 
reduce the trailing-edge cutout and have a favorable effect  on the l inear i ty  of 
the p i tch  curve. 
VARIABLF:-SWEEP-WING CONFIGURATIONS 
One of the  problems which has faced the designer of supersonic airplanes i s  
the incompatibility between the wing geometry requirements f o r  high-speed and 
low-speed f l igh t .  For variable-sweep-wing airplanes, the large highly swept 
area ahead of the movable wing i s  essent ial  t o  minimize aerodynamic-center t r ave l  
with wing sweep. This area generally resu l t s  i n  a l o s s  i n  longitudinal s t a b i l i t y  
i n  the  intermediate t o  high range of angle of a t tack fo r  the low-sweep condi- 
t ions.  I n  order t o  be t te r  understand t h i s  aerodynamic behavior, pressure distri- 
butions fo r  an outboard-pivot-variable-sweep-wing-fuselage combination have been 
determined and compared with s t a t i c  pitching-moment resu l t s .  The r e su l t s  of t h i s  
study are  shown i n  figure 3. The variations of pressure coefficients over the  
wing, a t  two different  angles of attack, have been superimposed on t u f t  sketches. 
From t h i s  f igure a t  an angle of attack of about 6 O ,  i n  the l inea r  range of p i tch  
data, the pressure distributions indicate typical  potent ial  angle-of-attack 
loading with no t i p  separation. A t  an angle of attack of about 160, a f t e r  the 
loss  i n  s t a b i l i t y  occurs, the tuft sketch a t  the r ight  of the f igure i l l u s t r a t e s  
the strong leading-edge vortex system on the highly swept inboard portion of the 
wing. The influence of t h i s  vortex system i s  reflected i n  t h e  pressure d i s t r i -  
butions shown a t  the right. The center of pressure on the inboard section 
moved a f t  s l ight ly ;  however, the loading ahead of the  moment center was substan- 
t i a l l y  increased. As  the vortex system moves spanwise across the  wing, high 
angularit ies a re  induced on the outboard panel a t  l a w  speeds. The induced 
angular i t ies  on the movable wing panel resu l t  i n  separation on the  outer panel, 
as indicated by the f la t tening of the chordwise pressure distributions.  Although 
the center of pressure on the outer sections moves a f t  s l ight ly  with increasing 
angle of attack, the  magnitude of the l i f t  a t  the wing t i p  remains essent ial ly  
the same. The ins t ab i l i t y  noted i n  the  p i tch  curve, therefore,  resu l t s  from the 
combined effects  of outer panel s t a l l  and the nonlinear l i f t  on the inboard wing 
panel. 
Several methods which have been shown t o  be successful i n  a l lev ia t ing  this 
pitch-up problem are i l l u s t r a t ed  i n  f igure 4. Pitching-moment resu l t s  a re  shown 
f o r  several arrangements of a variable-sweep-wing supersonic configuration which 
incorporates a re la t ive ly  low horizontal t a i l .  The longitudinal s t a b i l i t y  char- 
ac t e r i s t i c s  of the  basic configuration are  considerably be t t e r  than the p i tch  
character is t ics  indicated fo r  the variable-sweep arrangement discussed previously 
because of the  low horizontal t a i l  and the improved s t a l l  character is t ics  of the 
outer wing panels. These data indicate the  additional improvements i n  p i tch  
character is t ics  which might be obtained by varying the geometry of the forewing. 
On the l e f t  of f igure 4, p i tch  data a re  shown f o r  the outboard-pivot-variable- 
sweep-wing configuration, with several different forewing sweeps. These resu l t s  
i l l u s t r a t e  tha t  if a reduction in  forewing sweep can be tolerated, from a per- 
formance standpoint, a s tabi l iz ing tendency can be obtained. I f  the cruise  Mach 
number of the airplane dictates  the employment of a highly swept forewing, the 
unfavorable e f fec ts  of the forewing might be reduced a t  subsonic speeds by 
deflecting a portion of the fixed wing. The ef fec t  of deflecting the forewing 
i s  i l l u s t r a t e d  a t  the r ight  of figure 4. The sketch indicates the portion of 
forewing which was deflected. The pitching-moment r e su l t s  indicate t h a t  deflec- 
t ing  the forewing 40° would tend t o  increase s t a b i l i t y  i n  the high angle-of- 
a t tack region. References 2 and 3 indicate the e f fec ts  of forewing sweep and 
deflection on similar variable-sweep-wing supersonic transport  concepts. 
The adverse e f fec ts  of the highly swept fixed-wing area can be diminished 
fur ther  by the  u t i l i za t ion  of a free-floating apex o r  by the  incorporation of a 
double pivot arrangement. Figure 5 indicates the  profound improvements i n  longi- 
tudinal s t a b i l i t y  characteristics which can be obtained by these methods. These 
ef fec ts  a re  discussed i n  d e t a i l  i n  references 4 and 5. 
DEEP-STALL CHARACTERISTICS OF T-T-4IL AIIiPLANES 
There has been a great deal of research on T- ta i l  airplanes during the  past 
several years. The purpose of the present discussion i s  t o  review the longitu- 
d ina l  s t a b i l i t y  problems associated with T- t a i l  transport  airplanes and t o  indi- 
cate  the profound effect  of several configuration variables. Figure 6 shows 
the  longitudinal s t a b i l i t y  characteristics f o r  a typical  T- ta i l  configuration 
with aft-mounted engines over a large angle-of-attack range. The curve f o r  the 
ta i l -of f  configuration indicates a s table  break a f t e r  the wing s t a l l s  and a 
trend towards nose-down moments. Recent research has indicated that substant ial  
improvements i n  the longitudinal s t a b i l i t y  character is t ics  of T- t a i l  airplanes 
can be obtained by the employment of auxiliary horizontal t a i l s  and by careful  
ta i lor ing  of the wing and fuselage designs. (see refs.  6 and 7. ) When the 
T- ta i l  i s  added t o  t h i s  arrangement, an extreme loss  i n  longitudinal s t a b i l i t y  
i s  encountered which i s  followed by a s tab le  t r i m  point a t  an angle of a t tack of 
about 40°. Adequate control must be provided i n  the so-called "deep-stall" 
region or  the airplane would remain locked i n  a t  these extremely high angles of 
attack. For this configuration, a horizontal t a i l  s e t t i ng  of 5' provided a nose- 
down moment, which would enable the airplane t o  ro ta te  towards the unstalled 
condition. 
The extreme loss  i n  longitudinal s t a b i l i t y  indicated f o r  t h i s  configuration 
i s  associated with the loss  i n  horizontal t a i l  contribution when the  T- t a i l  
i 
passes through the airplane wake system. The sketch at the lower right of fig- 
ure 6 illustrates the behavior of the T-tail airplane in the deep-stall region. 
The vector V shown in the sketch represents the relative air velocity. At 
these extremely high angles of attack the wing wake, reinforced by more profound 
nacelle-pylon wake, envelopes the horizontal tail and renders it nearly ineffec- 
tive. In the deep-stall region the airplane might actually plunge downward along 
the flight path indicated by the dashed line even though the airplane attitude 
is relr,iively level. T-tail research has indicated that, for this particular 
configuration, the loss in horizontal tail contribution can be correlated closely 
with the relationship between the nacelle and horizontal tail positions. 
The configuration sketch at the top of figure 7 indicates the pertinent 
dimensions of the T-tail model in terms of wing mean geometric chord E and 
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correlation are defined in the configuration sketch. At the bottom of the fig- 
ure, the loss in tail contribution, shown as the ordinate of the plot, is the 
ratio of the reduction in tail contribution to the maximum pitching-moment coef- 
ficient provided by the horizontal tail. The loss in tail contributions has 
been plotted against the ratio of nacelle distance ahead of the tail to horizon- 
tal tail height above the nacelle. The data points were obtained by varying the 
tail height (open symbols) and the nacelle distance (half-closed symbols) and by 
combined variations of the nacelle and horizontal tail arrangements (square sym- 
bols). The lines represent results for various ratios of tail span to nacelle 
span. The data for a ratio of tail span to nacelle span equal to 1.37 indicate 
that, for variations of either tail height or nacelle distance, the loss in tail 
'contribution can be correlated with the ratio of the nacelle distance to hori- 
zontal tail height. The other data indicate that, as the ratio of tail span to 
nacelle span is increased, the loss in horizontal tail contribution is reduced. 
These results represent data for a particular configuration; however, the trends 
indicated should generally apply to other T-tail airplanes with aft-mounted 
engines. 
EFFECT OF FUSELAGE CROSS-SECTION SHAPE 
AND VERTICAL TAIL POSITION ON DIRECTIONAL STABILITY 
Many present-day airplanes employ noncircular fuselage cross-section 
shapes. An interesting effect of fuselage cross-section shape on directional 
stability at the higher angles of attack was noted from results obtained in the 
Langley high-speed 7- by 10-foot tunnel. (see fig. 8.) A sketch of the com- 
plete configuration is shown at the top of the figure. The configuration 
employing the circular forebody exhibits a reduction in directional stability 
with increasing angle of attack. This effect is associated with the loss of 
vertical tail effectiveness caused by the adverse sidewash from the wing and 
forebody (ref. 8). With the noncircular forebody, there is a large increase in 
directional stability in the intermediate range *of angle of attack and consid- 
erably higher directional stability up to the maximum angle of attack. In order 
to obtain a better understanding of this effect, the two forebodies were tested 
alone. The directional stability parameters of the two different forebodies are 
shown at the right of figure 8. These parameters were obtained by assuming the 
center-of-gravity location and reference geometry of the complete configuration. 
A t  lower angles of attack, both forebodies indicated a destabilizing ef fec t  but, 
a t  the higher angles of attack, the direct ional  s t a b i l i t y  parameter of the non- 
c i rcu lar  forebody became positive. These resu l t s  indicate tha t  the favorable 
effects  noted f o r  the configuration with the noncircular forebody were largely 
dependent upon the d i rec t  contribution of the  forebody. I n  the  higher angle-of- 
a t tack region, a force opposed t o  the normal cross-flow component i s  developed 
on the  noncircular forebody as a r e su l t  of the  asymmetric flow character is t ics  
on the body. (see refs. 9 and 10. ) The additional differences between the  
direct ional  s t a b i l i t y  of the two complete configurations a re  associated with the 
wing-body interference and the  forebody ef fec t  on the sidewash character is t ics .  
Since these e f fec ts  are  associated with nonpotential flow, the noncircular body 
was tested t o  higher Reynolds numbers t o  determine whether the favorable e f fec ts  
would diminish. A t  a Reynolds number comparable t o  about one-half the full- 
scale condition fo r  a landing supersonic transport  configuration, the favorable 
s ide force was increased considerably f o r  the modified c i rcu lar  forebody. It 
should be noted, however, t ha t  nose bluntness has a pronounced ef fec t  on the  
side-force variation with angle of attack. Removing the pointed nose and 
rounding the fore  par t  of the remaining body resul ted i n  a negative s ide force 
which was pract ical ly  invariant with angle of attack. 
Another approach t o  improving the direct ional  s t a b i l i t y  a t  high angles of 
a t tack would, of course, be t o  se lec t  a v e r t i c a l  t a i l  posit ion which avoids the 
adverse sidewash effects.  One such approach i s  the addition of ventral  f in s ,  
which has been widely accepted. Another method which i s  qui te  compatible with 
the aerodynamic aesign of a supersonic cruise concept i s  the use of twin tails. 
I n  f igure 9, the direct ional  s t a b i l i t y  parameter C i s  presented f o r  the  
cranked wing t i p  configuration with outboard v e r t i c a l  t a i l s  and with the ver- 
t i c a l  t a i l  located on the a f t e r  portion of the fuselage. The t a i l  volume of 
the two ve r t i ca l  t a i l  arrangements was nearly equal. These data show tha t  the  
direct ional  s t a b i l i t y  of the configuration having the ve r t i ca l  t a i l  on the  fuse- 
lage center l i n e  diminished with increasing angle of attack. The loss  i n  direc- 
t i ona l  s t a b i l i t y  f o r  t h i s  configuration r e su l t s  from the unfavorable sidewash 
angularit ies generated on the ve r t i ca l  t a i l  by the wing-fuselage vortex system. 
The outboard ve r t i ca l  t a i l s ,  located i n  a favorable sidewash f i e ld ,  became more 
effect ive a t  the higher angles of attack. I n  addition, the outboard ve r t i ca l  
t a i l s  were found t o  have a favorable e f fec t  on the longitudinal s t a b i l i t y  char- 
a c t e r i s t i c s  of the configuration. 
CONCLUDING REMARKS 
A review has been made t o  ascertain some of the problems and possible solu- 
t ions regarding high angle-of-attack s t a b i l i t y  of modern a i r c r a f t  a t  subsonic 
Mach numbers. Several design changes and t h e i r  favorable effect  on subsonic 
s t a b i l i t y  a t  high angles of attack are  as follows: 
1. The pitch-up of highly swept fixed-wing configurations has been a l lev i -  
' ated by the employment of wing leading-edge and canard devices. 
2. Pitch-up for variable-sweep-wing configurations can be alleviated by a 
low horizontal tail, reduction of the forewing sweep, a free-floating forewing, 
a folding forewing, or deflection of the forewing. 
3. The deep-stall characteristics of T-tail airplanes can be improved by 
increasing the ratio of tail span to nacelle span and by careful selection of 
nacelle position. 
4. Indications are that directional stability at high angles of attack can 
be improved by proper selection of fuselage cross-section shape. 
5. Directional stability for certain configurations can be improved by 
placisg the rerti z a l  tail =iL-f ne&- the -w-Lrig t i p s .  
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6. AERODYNAMIC -CENTER CONSIDERATIONS OF WINGS I 
AND WING-BODY COMBINATIONS 
By John E. Lamar and William J. Alford, Jr. 
NASA Langley Research Center 
SUMMARY 
Aerodynamic-center variations with Mach number are considered for 
wings of different planform. The normalizing parameter used is the square 
root of the wing area, which provides a more meaningful basis for comparing 
the aerodynamic-center shifts than does the mean geometric chord. The 
theoretical methods used are shown to be adequate for predicting typical 
aerodynamic-center shifts, and ways of minimizing the shifts for both fixed 
and variable-sweep wings are presented. 
INTRODUCTION 
In the desie of supersonic aircraft, a detailed knowledge of the 
aerodynamic-center position is important in order to minimize trim drag, 
maximize load-factor capability, and provide acceptable handling qualities. 
One of the principal contributions to the aerodynamic-center movement is 
the well-known change in load distribution with Mach number in going from 
subsonic to supersonic speeds. In addition, large aerodynamic-center var- 
iations are quite often associated with variable-geometry features such as 
variable wing sweep. 
The purpose of this paper is to review the choice of normalizing param- 
eters and the effects of Mach number on the aerodynamic-center movement of 
rigid wing-body combinations at low lift. For fixed wings the effects of 
both conventional and composite planforms on the aerodynamic-center shift 
are presented, and for variable-sweep wings the characteristic movements of 
aerodynamic-center position with pivot location and with variable-geometry 
apex are discussed. 
Since systematic experimental investigations of the effects of planform 
on the aerodynamic-center movement with Mach number are still limited, the 
approach followed herein is to establish the validity of the computative 
processes by illustrative comparison with experiment and then to rely on 
theory to show the systematic variations. The two theories used in this 
paper are for the wing alone in unseparated flow. One is a modified 
Multhopp subsonic lifting-surface theory developed by the senior author 
(unpublished), and the other is a supersonic lifting-surface theory 
(ref. 1). For wings experiencing separated flow these theories are not 
adequate for predicting the aerodynamic-center movement. 
SYMBOLS 
aspect ratio 
distance from apex of high-sweep wing to apex of low-sweep wing 
(see fig. 10) 
span 
lift coefficient 
- 
pressure coefficient, Plocal Pfree stream Q 
incremen3al pressure coefficient, Cp,upper - Cp,lower 
mean geometric chord 
root chord of basic planform 
tip chord of basic planform 
longitudinal distance from root trailing edge to tip trailing edge 
constant 
longitudinal distance from apex to tip trailing edge 
Mach number 
static pressure 
free-stream dynamic pressure 
wing area 
chordwise distance from apex of high-sweep wing to plane-of-symmetry 
intercept with trailing edge of free-floating apex 
- 
~ x~ chordwise distance from a reference point to aerodynamic center at 
I any Mach number 
I 
Si.~=09%=0. chordwise distance from a reference point to aerodynamic 
, z~=2,z&3 center at specific Mach number indicated by subscript 
I fi incremental change in aerodynamic-center location 
spanwise distance from plane of symmetry to leading-edge break 
spanwise distance from plane of symmetry to pivot 
angle of attack 
leading-edge sweep of wing 
leading-edge sweep of outer panel 
leading-edge sweep of cranked wing tip 
taper ratio 
REQUIFEDENT OF A NORMALIZING PARAMETER 
A knowledge of the actual dimensional movement of the aerodynamic center 
is required in order to determine the out-of-trim moments which must be bal- 
anced by the control surface. Thus, in the selection of a normalizing parameter 
the need for a reference length which, for a given wing area, is independent of 
planform is considered to be of primary importance. The reference length 
selected is the square root of the wing area E, which, of course, is inde- 
pendent of planform and therefore provides fractional aerodynamic-center move- 
ments that are proportional to the actual dimensional shifts. 
The customary use of the mean geometric chord E ,  although adequate for 
normalizing the aerodynamic-center shift for a given planform, is not convenient 
when comparing planforms, since the magnitude of is dependent upon planform. 
The relationship between E and is given both algebraically and graph- 
ically in figure 1 for wings which fit within the geometry limitations shown 
and may be of help in transferring aerodynamic-center shifts from one normal- 
izing parameter to another. 
DISCUSSION 
Comparison of Theory and Ekperiment 
Some typical experimentally determined aerodynamic-center shifts with Mach 
number (ref. 2), which are useful in evaluating the theories and the previously 
mentioned normalizing parameters, are presented in figures 2 and 3. 
The experimental shifts, together with theoretical predictions, are shown 
in figure 2 for a series of delta wings with aspect ratios ranging from 2 to 4. 
In this figure is the distance between the aerodynamic-center location at 
a Mach number of 0.23 and the aerodynamic-center location at any Mach number. 
The mean geometric chord 'c and the square root of the wing area 6 are 
used as normalizing parameters, and both &/c and &/@ are plotted as 
functions of Mach number. When the aerodynamic-center shift is based on the 
respective E ,  the delta wing with the lowest aspect ratio has the smallest 
incremental change in aerodynamic-center location at the supersonic Mach num- 
bers. However, when the aerodynamic-center shift is based on the respective 
B, all three wings exhibit essentially the same fractional change in 
aerodynamic-center location throughout the Mach number range. The theories 
predict reasonably well the aerodynamic-center shifts for these delta-wing- 
bodies. 
Figure 3 presents three wing-body combinations and 'illustrates the effect 
of wing sweep and taper ratio on the aerodynamic-center shift with Mach number. 
3.e w i c g s  are cf aspect ratis 3 =6 hwe ~ ; l a i S o x s  raiiging froiii a ti-apezsi&al 
shape to a delta shape. Of the three wing-body combinations shown, the delta- 
wing-body configuration is seen to exhibit the smallest change in aerodynamic- 
- 
center location for Mach numbers greater than lwhen c is used as the normal- 
izing parameter. However, when is used as the normalizing parameter, the 
aerodynamic-center shift for the sweptback-wing-body configuration is almost 
as small. Again the agreement between theory and experiment is reasonable. 
When the trapezoidal, sweptback, and delta planforms are sized for take-off 
and landing conditions at a = 12O, the lift developed on each planform is taken 
into account, as shown in figure 4. The delta wing no longer exhibits the 
smallest aerodynamic-center shift since its value of lift-curve slope is the 
lowest. 
Fixed-Wing Studies 
In figures discussed subsequently, the aerodynamic-center shifts have been 
computed by the theoretical methods. For wings which have fixed planforms, the 
reference length is the 6 of each planform. 
The results of one .such aerodynamic-center study for a series of conven- 
tional fixed wings with planform variation in sweep and in taper and notch 
ratios are presented in figure 5. For a delta wing, dl2 = 0 and for an arrow 
wing, dl2 > 0. For illustrative purposes both the effect of changing the 
leading-edge sweep and the notch ratio when the taper ratio is zero and the 
effect of changing the taper and notch ratios when the leading-edge sweep angle 
is 60° are presented. 
When the taper ratio is zero, a decrease in A Z / 6  of about 0.05 occurs 
as the notch ratio is increased from 0 to 0.5 for leading-edge sweep angles of 
45' and 60'. For a sweep angle of 70°, A%/G at first decreases approxi- 
mately 0.01 and then increases about 0.01 above its value at dl2 = 0. At any 
particular notch ratio, the wing with the lowest sweep shows the smallest 
aerodynamic-center shift. 
I When the wing leading-edge sweep angle is 60°, decreases in / of 
0.05,  0.09, and 0.12 occur over the range of notch ratios considered for taper 
ratios of 0, 0.25, and 0.50, respectively. At any particular notch ratio, the 
wing with the lowest taper ratio exhibits the smallest aerodynamic-center 
shift. When the supersonic Mach number is other than 3, different $trends in 
the aerodynamic-center movement may occur with increasing notch ratio. 
One method of minimizing the aerodynamic-center shift of an arrow wing is 
to reduce the sweep of the wing tip by shearing it forward. Some calculated 
results illustrating this technique are presented in figure 6. The basic arrow 
wing has a sweep of 7b0, and / is reduced to about half its original value 
by shearing the tip forward from 74' to 5'. The reason for this reduction is 
t h s t  wings with cranked tips carry more of the loading inboard where the sweep 
is higher and where the value of lift-curve slope is less influenced by Mach 
number. 'I'hus, the inner panel tends to pull the aerodynamic center forward 
with increasing supersonic Mach number. 
One method of reducing the aerodynamic-center shift of a delta wing is the 
addition of a forewing inboard. In figure 7 the effect of such an addition is 
presented as a function of the leading-edge-break location and apex extension. 
A reduction in the aerodynamic-center shift is obtained for each apex location 
yb is increased from 0 to 0.7. At any particular value of leading-edge- 
as q z  
break' ratio within the range examined, the wing with the most forward apex or 
the longest root chord has the smallest aerodynamic-center shift, because the 
inboard sweeps are higher and therefore the inner panel has a lower aspect ratio 
which gives it an essentially invariant value of lift-curve slope with Mach 
number.. However, the outer panel has a higher aspect ratio and lower sweep, 
and the value of lift-curve slope decreases with increasing supersonic Mach 
number. Thus, the inner panel carries proportionally more of the loading. The 
aerodynamic center is forced forward with increasing values of leading-edge- 
break ratio because of the area added inboard. Ekperimental substantiation of 
this low level of aerodynamic-center shift, with a model that had a wing which 
covered most of the body, was provided by Hopkins, Hicks, and Carmichael in 
paper no. 32 of this conference. (see also ref. 3. ) 
In addition, wing-body combinations exhibit smaller aerodynamic-center 
shifts than does the wing alone because the body acts as a forewing with a very 
low value of leading-edge-break ratio. 
Variable-Sweep-Wing Studies 
For wings with variable sweep, a problem in aerodynamic-center variation, 
in addition to that caused by the Mach number effect, results from changes in 
the wing sweep. The shift resulting from wing-sweep changes must be minimized 
in order to make variable-sweep wings competitive, from aerodynamic-center con- 
siderations, with fixed wings. To illustrate this problem, the theoretical 
loading distributions of a variable-sweep wing with an outboard pivot (ref. 4) 
at a Mach number of 0.23 and at low lift is presented in figure 8. At the top 
of this figure the variable-sweep wing is shown in its low-sweep and high-sweep 
positions, and superimposed on the low-sweep planform are its theoretical and 
experimental chordwise pressure loadings which are seen to be in good agreement. 
At the bottom of the figure the theoretical longitudinal loading distributions 
f o r  both sweeps have been computed a t  CL = 0.12 and projected onto the plane 
of symmetry. A s  the outer panel i s  swept back, the inner panel car r ies  more 
of the loading and thus tends t o  balance out the additional moments created by 
the  reduced outer-panel loadings act ing through longer moment arms. In  t h i s  
example, because of the outboard location of the pivot, the  aerodynamic center, 
a s  given by the chordwise location of the l i f t  vector, ac tua l ly  s h i f t s  s l ight ly  
forward. 
A study was undertaken t o  determine the e f fec t  t ha t  the  pivot location has 
on the aerodynamic-center sh i f t ,  and the r e su l t s  a re  presented i n  figure 9. In 
t h i s  figure and i n  figure 10, t he  reference planform area i s  taken f o r  the wing 
i n  i t s  high-sweep position. 
Each pivot l i e s  on the l o c i  of points from which the outer panel can be 
swept from i t s  high-sweep posit ion t o  a low-sweep position. The re la t ive  chord- 
wise location of the pivot determines the chordwise posit ion of the outer panel 
a t  low sweep without changing the  sweep angle o r  the semispan. 
The resu l t s  of the theore t ica l  study show tha t  the t o t a l  aerodynamic-center 
s h i f t  AZ/\TS (see f ig .  9 )  can be reduced from 0.2 t o  0.1 by moving the pivot 
outboard. The dashed l i n e  i s  used a s  a reference t o  indicate tha t  portion of 
the t o t a l  s h i f t  caused by the change i n  Mach number from 0.2 t o  2 a t  A, = 70°. 
The remaining s h i f t  i s  a t t r ibuted  t o  the change i n  sweep from 1 5 O  t o  70' a t  
M = 0.2. The movement of the pivot outboard changes only the par t  of the  s h i f t  
dependent on sweep. By proper positioning of the pivot, t h i s  part of the s h i f t  
can be eliminated. When the sweep ef fec t  causes the  aerodynamic center t o  move 
ahead of i t s  low-speed high-sweep position, the Mach number e f fec t  i s  reduced. 
These r e su l t s  are  supported by experimental data f o r  a similar wirg-body 
conibination. Figure 9 shows tha t  a reduction i n  the  t o t a l  aerodynamic-center 
s h i f t  of 0.07 occurs as the spanwise location of the pivot i s  moved from one 
extreme t o  the other. The character is t ics  of t h i s  combination and how the pivot 
location af fec ts  maneuverability considerations are  discussed by Taylor i n  paper 
no. 7 of t h i s  conference. 
I n  paper no. 5 ,  Ray, Lockwood, and Henderson note t h a t  i f  a high inboard 
sweep i s  required f o r  supersonic f l i gh t ,  then a t  subsonic speeds and low outer- 
panel sweep, devices such a s  the double inboard pivot ( r e f .  5 )  and the free- 
f loa t ing  apex ( re f .  6) can be used t o  eliminate the resul t ing pitch-up. These 
devices also provide a means of controlling the aerodynamic-center movement, a s  
i l l u s t r a t e d  i n  figure 10, where they are  shown t o  have the following two fea- 
tures  i n  common: (1) When the outer panel i s  i n  i t s  low-sweep position, the 
forewing o r  apex i s  e i ther  pivoted inside the fuselage o r  allowed t o  free-float 
carrying no load; and (2) when the outer panel i s  swept back, the apex i s  
affixed t o  the front  of the  outer panel and forms a continuous leading edge. 
Lifting-surface calculations have been made t o  i l l u s t r a t e  the  e f fec t  of 
the amount of the apex which i s  folded or  free-floated. Varying amounts of the 
apex have been removed t o  represent the aerodynamic effect  of both concepts. 
With the removal, subsonically, of an increasingly large amount of the apex 
(correlated with the chordwise distance x) , the t o t a l  aerodynamic-center 
s h i f t  decreases from about 0.18 t o  0. Again the dashed l i n e  represents 
tha t  portion of the  sh i f t  due t o  changing the Mach number from 0 t o  3 when 
1\, = 71.5~. The effect  of changing the sweep & from 71.5' t o  25' a t  M r- 0 
makes up the  remainder of the sh i f t .  
When x/a = 0, the  change i n  wing sweep has essent ia l ly  no effet- ':  conse- 
quently, almost a l l  the aerodynamic-center s h i f t  i s  due t o  the change i '" 
number. However, when x/a = 1.0, the sweep ef fec t  i s  large enough t o  ca,,- 
a l l  the Mach number effect .  
It should be noted tha t  the aerodynamic-center s h i f t  may also be minimized 
by changing the supersonic Mach number o r  by changing the center-of-gravity 
location a t  the d i f fe rent  sweeps and Mach numbers. 
CONCLUSIONS 
A general conclusion of t h i s  study i s  that ,  when comparing aerodynamic- 
center movements of wings of different planform, a normalizing parameter inde- 
pendent of planfom, such as the square root of the wing area, i s  more appro- 
p r i a t e  than the customarily used mean geometric chord, which i s  dependent on 
planform. The following.specific conclusions were reached: 
1. The theoret ical  methods have been demonstrated t o  be adequate f o r  pre- 
dict ing the  aerodynamic-center s h i f t  with Mach number f o r  a var ie ty  of wing 
planforms, but a r e  not suitable f o r  determining the  absolute aerodynamic-center 
location a t  any Mach number since body and interference ef fec ts  a re  not 
included. 
2. For fixed wings, the  aerodynamic-center s h i f t  can be controlled by 
proper selection of sweep and of taper  and notch r a t ios  and by inboard and 
outboard area proportioning with d i f fe rent  degrees of sweep. 
3 .  For variable-sweep wings the aerodynamic-center s h i f t  can be controlled 
by pivot location and by apex devices, such as the double inboard pivot and the  
free-floating apex. 
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7. RECENT AERODYNAMIC STUDIES APPLICABLE TC 
HIGH PERFORMANCE MANEWERING AIRCRAFT 
By Robert T. Taylor 
NASA Langley Research Center 
SUMMARY 
Recent emphasis on air-to-air  combat has led  the NASA t o  intensify the 
research of methods f o r  improving the maneuvering normal load factor  while 
retaining a high degree of performance f o r  other combat missions. 
The r e su l t s  of recent wing buffeting t e s t s  a t  high subsonic speeds have 
shown that  the use of trailing-edge f laps  delays buffeting onset by delaying 
separation. The s t a t i c  margin a t  supersonic speeds can be reduced and the nor- 
mal load factor  increased with the use of e i the r  retractable  canards or variable 
sweep aft horizontal tails. Positioning the horizontal t a i l  low on the  fuselage 
w a s  shown t o  be superior on two counts: (1)  A t  supersonic speeds the lower t a i l  
experiences an increase i n  control effectiveness with increasing l i f t ,  and 
(2)  the complete configuration aerodynamic center s h i f t  with Mach number i s  
smaller with the  low tai l .  - 
INTRODUCTION 
The trend t o  design one a i r c ra f t  t o  accomplish a variety of missions leads 
t o  compromises which l i m i t  the maneuverability of the a i r c ra f t .  A s  an example 
of the  conflicting requirements, the high wing loading dictated by gust a l lev ia-  
t i o n  i n  the  low l eve l  supersonic interdict ion mission tends t o  produce l imi t s  
on the  maneuvering normal load factor at moderate dynamic pressures. Recent 
emphasis on maneuverability i n  air-to-air  combat has l ed  NASA t o  intensify 
research in to  the methods by which improvements i n  load factor  may be realized 
while retaining a high leve l  of performance fo r  other missions. 
Figure 1 w i l l  serve t o  i l l u s t r a t e  the subjects chosen f o r  discussion 
i n  t h i s  paper. The typical  load factors  a re  shown as a function of Mach 
number at  a wing loading of 100 pounds per square foot a t  36 000 and 
60 000 fee t .  The s t ruc tura l  l i m i t  of f ighter  a i r c r a f t  i s  shown a t  a load factor  
of 7.33. Normally, below the s t ructural  l ine,  the load factor  i s  restrained by 
aerodynamic considerations; note tha t  the maximum l i f t  coefficient CL,- 
I 
l imi t s  the  load factor at low speed. A t  Mach numbers between 0.60 and 1.0, 
buffeting l imi ts  the load factor  rather  than CL,ma. A t  supersonic speeds 
L I aerodynamic longitudinal control power usually c k t a i l s  the load fac tor  as 
. shown by the position of t h e  control boundary below the CL,- curve. The 
e f fec t  of increasing a l t i tude  i s  shown by comparison of the supersonic load 
fac tors  at a l t i tudes  of 36 000 and 60 000 fee t .  The obvious r e su l t  is  a 
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decreased load factor  a t  a l l  Mach numbers due t o  the reduced dynamic pressure. 
~ 
For a typica l  engine size it would be possible t o  maintain speed at the  load 
factors  indicated along the dashed l ine .  A t  load factors  higher than t h i s  l ine,  
the a i r c r a f t  w i l l  decelerate, but it i s  s t i l l  useful t o  study ways t o  increase 
load factor  i n  the direction of CL,- o r  the s t ruc tura l  l imi t  especially at  
the  higher a l t i tudes  in  order t o  improve maneuverability. 
The maneuverability considerations given i n  t h i s  paper are  as follows: 
Results of some recent buffet  t e s t s ,  made i n  an attempt t o  r a i se  the buffet  
l i m i t  at subsonic speeds, are  presented. The ef fec t  of s t a t i c  margin changes 
at supersonic speeds, investigated i n  an attempt t o  r a i se  the control l imit ,  
i s  discussed i n  terms of instantaneous load factor.  Also, same methods of 
increasing longitudinal control power at supersonic speeds are presented.. 
COEFFICIENTS AND SYMBOLS 
b wing span 
C~ l i f t  coefficient 
C ~ , ~  maximum l i f t  coefficient 
I 
I % pitching-moment coefficient 
'basic 
mean aerodynamic chord 
net thrus t  
a l t i t ude  
t a i l  incidence 
Mach number 
primary flow r a t e  
secondary flow ra t e  
load factor, L i f t  
Weight 
reference area 
basic reference area 
exposed t a i l  axea 
weight 
Yf l a t e r a l  extent of trailing-edge f lap  
Y~ l a t e r a l  distance t o  wing pivot 
Z t t a i l  height 
6f f l ap  deflection 
j e t  deflection 
hc t a i l  leading-edge sweep angle 
h, wing leading-edge sweep angle 
A taper r a t i o  
u root-mean-square bending moment 
Subscripts : 
max maximum 
T take-off conditions 
Buffeting at High Subsonic Speeds 
Aerodynamic buffeting at high subsonic speeds has been defined as a s truc-  
t u r d  response t o  separated flow caused by shock-boundary-layer interaction. 
The a i r c r a f t  designer has control of a number of parameters such as wing a i r -  
f o i l  section, sweepback, aspect ra t io ,  and, at the higher subsonic speeds, 
variations i n  the vehicle area diagram ( r e f .  l ) ,  a l l  of which have an influence 
on buffeting. The compromises in  a given design, however, usually are  made i n  
a direction t o  improve performance rather than buffeting. 
The wind tunnel i s  a powerful experimental t o o l  f o r  assessing wing buf- 
fe t ing  onset. This fac t  has been shown by comparison of a number of model and 
ful l -scale  airplane t e s t s .  (see refs .  2, 3, and 4.) Tests of a general 
research nature have been undertaken recently at Langley Research Center and 
are  intended t o  explore means of rais ing the lift at which buffeting f i r s t  
occurs. Figure 2 i l l u s t r a t e s  some of these resu l t s .  The root-mean-square 
value of the osc i l la t ing  bending s t r a i n  a i s  plot ted as a function of CL 
f o r  three wing sweeps of the  model shown. An NACA 2408 wing section, pa ra l l e l  
t o  f r ee  stream, was used on the  outer panel i n  the 25' sweep position. The 
values of a were obtained by monitoring the output of a s t r a i n  gage mounted 
i n  the root section of the wing a s  indicated i n  the sketch. These data were 
acquired a t  a Mach number of 0.86. The rapid increase i n  a at about 
CL = 0.50 i s  taken as the onset of buffeting. For the f l i g h t  conditions l i s t e d  
i n  the figure, a wing loading of 100 pounds per square foot and an a l t i t ude  of 
36 000 feet ,  the maximum load factor  before buffeting onset i n  only 1.25. 
Changing wing sweep angle from 25' through 45O i s  seen t o  have only a minor 
e f fec t  on the  i n i t i a l b u f f e t i n g .  However, past onset at  CL = 0.80, the e f fec t  
of increasing sweep angle i s  a marked reduction i n  buffeting intensi ty .  
Whereas the sweep ef fec t  shown i s  beneficial, the objective of the program 
i s  t o  delay the buffeting onset t o  a higher l i f t .  One possible method of a l l e -  
viating buffeting onset i s  through the use of trailing-edge flaps,  which allow 
the high loads t o  develop a t  low angles of attack. The physical e f fec t  on the 
wing i s  a smoothing of the chordwise loading and the  delay of separation. Some 
buffeting measurements a re  shown fo r  cz cuni'iguraiivn ~2% trailing-edge flsp 
i n  figure 3. 
The root-mean-square bending moment a i s  shown i n  figure 3 as a function 
of CL f o r  a wing sweep of 35' at a Mach number of 0.86. The flaps-retracted 
(dashed) curve i s  repeated for  reference. Other curves represent data fo r  f laps  
extended 113 of the local  chord from about 1/4 t o  3/4 of the  wing semispan. A 
comparison of the flaps-retracted curve with t h a t  f o r  the  f laps extended a t  zero 
deflection reveals that the additional wing area simply reducks the buffeting 
intensity,  having a negligible e f fec t  on buffet  onset. As the f lap  i s  deflected, 
however, the onset point moves t o  a value of CL of- about 0.67. With the 
assumptions of the previous figure, the maximum load factor  before buffet  onset 
i s  approximately 1.7. 
The f l ap  span and f l q  chord were selected a r b i t r a r i l y  fo r  these t e s t s .  
It was assumed tha t  some span a t  the t i p  of the  wing would be required f o r  an 
aileron r o l l  control, and therefore the f l a p  span was limited. It i s  of in te r -  
e s t  t o  assess the effect  of f l a p  span. Figure 4 shows similar resu l t s  obtained 
with a plain f l ap  on which the span was varied. The root-mean-square fluctu- 
a t ing moment i s  plotted as  a function of the l i f t  coefficient a t  a Mach number 
of 0.86. The f l ap  deflection f o r  the so l id  and broken curves i s  = 10'. The 
dashed curve i s  repeated once more f o r  reference. The broken curve represents 
data f o r  a f l ap  extended from about 1/4 t o  3/4 of the wing semispan. The so l id  
curve shows data taken when the f l ap  i s  deflected 10' from 1/4 of the wing 
semispan t o  the wing t i p .  These data indicate t h a t  the improvement i n  lift at 
which buffeting occurs i s  not sensi t ive t o  the  span of the p la in  f l a p  tested.  
These data do not represent any attempt t o  optimize the f l ap  configuration . 
or  f lap  deflections but are  presented t o  indicate some ear ly resu l t s  of a pro- 
gram recently undertaken by the NASA t o  improve buffeting. 
Supersonic Considerations 
1 As mentioned ear l ie r  the supersonic maneuverability i s  usually l imited by 
' the control power available. In order t o  move the control boundary toward the 
s t ruc tura l  l i m i t  o r  the l i f t  limit, two different approaches may be considered. 
F i rs t ,  reducing the  supersonic longitudinal s t a b i l i t y  leve l  w i l l  increase the 
amount of instantaneous load factor for  a given control and, second, the control 
power i t s e l f  could be improved, thus increasing the load factor .  
Longitudinal S t a b i l i t y  
Various wing geometry effects  a re  shown i n  figure 5.  The f i r s t  e f fec t  t o  
be noted i n  t h i s  figure i s  t h e  e f fec t  of planfom noted i n  paper no. 6 by Lamar 
and Alford where it was indicated tha t  the clipped arrow wing had. l e s s  aero- 
dynamic center s h i f t  than did the de l t a  wing. On the l e f t  i s  a comparison of 
an axrow and two de l t a  wings, a11 clipped t o  a taper r a t i o  of 0.125. A l l  wings 
had a leading-edge sweep angle of 60°. Similar planforms were shown i n  paper 
no. 6. The ef fec t  of t h i s  reduced aerodynamic center s h i f t  on the trimmed 
normal load fac tor  plot ted against a l t i t ude  is shown fo r  M = 3.0. The assumed 
conditions a re  W/S = 100 pounds per square foot  f o r  the basic wing and a con- 
s tan t  t a i l  load available for  trim a t  the maximum load factor .  A comparison of 
the  load factors  a t  a 70 000-foot a l t i t ude  indicates that  the arrow wing 
(dashed curve) gives 4.0gJ whereas the de l ta  (dot-dash curve) at the same 
wing area has 2.3g. This difference in load factor  is  due to  the difference 
i n  aerodynamic center s h i f t  between these two planforms. 
The second effect  depends on the  s i ze  of the wing. An examination of the  
l i f t -curve slopes of the two wing shapes a t  subsonic speeds showed the arrow 
wing t o  have the  lower landing speed at  a given angle of attack. Increasing 
the s i ze  of the de l t a  by a factor of 1.3 t o  give comparable landing performance 
and locating the  wing t o  give the same subsonic s t a t i c  masgin appeared logical .  
The r e su l t s  of these changes i n  the  wing are  indicated by the so l id  curve which 
shows an even lower trimmed load fac tor  a t  Mach 3.0 (n = 2.0). This resul t ,  
even though surprising at f i r s t ,  i s  eas i ly  understood when the assumption of a 
constant t a i l  load i s  recalled. The larger  wing has a larger  load s h i f t  meas- 
ured i n  f e e t  at  the higher Mach numbers; the constant t a i l  power then cannot 
balance as high a value of wing l i f t  and i f  the airplane weight i s  constant the  
trimmed load fac tor  decreases. Increasing the wing s ize  decreases the super- 
sonic maximum trimmed load factor when the aero.dymmic control power i s  limited. 
If, on the other hand, the configuration i s  l imited i n  l i f t  and not l imited i n  
control, increasing the  wing size increases the available load factor; there- 
fore, wing loading, f o r  the conditions considered, i s  not a unique parameter 
f o r  the  determination of maximum load factor  at  supersonic speeds. 
Figure 6 i l l u s t r a t e s  the effect  of pivot location f o r  the variable sweep 
wing. The wing pivot location is given i n  terms of the semispan of the high 
sweep wing. Paper no. 6 discussed the aerodynamic center s h i f t  with sweep and 
i t s  sens i t iv i ty  t o  the location of the wing pivot. The reduction i n  s t a t i c  
margin afforded by the pivot change accounts fo r  the increase i n  load fac tor  
shown i n  the figure.  A t  60 000 feet ,  the pivot at  42 percent of the semispan 
gives a load factor  of 1.5 whereas the  pivot at 56 percent of the semispan 
gives about 2.2. 
Although the Mach ef fec t  on the wing is  the primary cause of the increase 
i n  s t a b i l i t y  i n  going from subsonic t o  supersonic speeds, application of var i-  
able geometry t o  other components of the a i r c r a f t  could be u t i l i zed  t o  of fse t  
the e f fec t  of the undesirable supersonic loading. Two possible methods which 
have been studied are  shown i n  figure 7. 
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The retractable  canard concept i l l u s t r a t e d  on the l e f t  of figure 7 
( re fs .  5,  6, and 7) had a highly swept wing and a low a f t  horizontal ta i l  for  
control. With the  canard retracted, the subsonic conditions f i x  the center of 
gravity. A t  a supersonic speed of about M = 2.0 with W/S = 100 pounds per 
square foot, the available load factor  i s  about 2.6 at an a l t i t ude  of 
60 000 fee t .  As the canard i s  extended at supersonic speeds, the reduction i n  
s t a t i c  margin allows trim t o  a load factor  of 4.6 with the same control deflec- 
t ion.  I f  the canard can be unfolded with some posi t ive incidence, the gain i n  
load factor  can be even higher. 
Another concept for the reduction of the supersonic s t a t i c  margin i s  the 
variable sweep horizontal t a i l ,  i l l u s t r a t ed  on the r igh t  of figure 7. This 
concept assumes tha t ,  t o  reduce the wave drag, the  t a i l  must be swept back 
during supersonic f l igh t  ( r e f .  8 ) .  A t  subsonic speed, however, the t a i l  may be 
unswept t o  furnish a greater span and increased effectiveness, thereby allowing 
a more a f t  center of gravity. The lower supersonic s t a t i c  margin due t o  t h i s  
more aft  center of gravity improves the load factor  t o  about 6.5 with the vari-  
able sweep ta i l  as contrasted with about 2.2 f o r  the forward center of gravity 
associated with the fixed t a i l .  The effectiveness of the concept i s  sensi t ive 
t o  the t a i l  arm however, as it i s  possible fo r  the t a i l  arm t o  decrease f a s t e r  
than effectiveness increases on short coupled configurations. 
Longitudinal Control 
The replacement of the elevator control w i t h  the all-movable horizontal 
ta i l  was probably the f i r s t  s tep toward improved supersonic longitudinal control 
effectiveness; all-movable tails have been widely accepted f o r  many years. The 
advantages of t a i l  length, size,  and e f f i c i en t  planfom with regaxd t o  control 
effectiveness are  obvious, but quite often compromises must be made because of 
considerations such as a i r c r a f t  length or weight. One approach which may be 
open t o  the designer, however, i s  t o  locate the horizontal t a i l  i n  the most 
advantageous flow f ield.  A t  subsonic speeds the importance of the ve r t i ca l  
location of the horizontal t a i l  i s  well documented and the  des i rab i l i ty  of a 
low t a i l  posit ion for  s t a b i l i t y  i s  generally accepted. In order t o  determine 
the e f fec t  of the ver t ica l  location of the horizontal t a i l  on supersonic maneu- 
verabili ty,  a systematic investigation w a s  recently undertaken by the NASA. 
The configuration studied i s  shown i n  figure 8. 
Two sizes  of the horizontal t a i l  were tested. The s izes  and locations were 
selected t o  keep the  horizontal-tail  volume coefficient a constant. Each t a i l  
then w a s  t es ted  i n  two ve r t i ca l  locations, i n  the chord plane of the wing 
and 0.06E below the wing .  Control effectiveness as well as the s t a b i l i t y  con- 
t r ibut ion  of each t a i l  was measured. The effect of ve r t i ca l  posit ion f o r  the 
small t a i l  i s  shown in figure 9. 
Presented i n  figure 9, fo r  a Mach number of 2.16, i s  pitching-moment coef- 
f i c i e n t  as a function of l i f t  coefficient fo r  the chord-plane t a i l  (shown 
dashed) and f o r  the  low t a i l  (shorn so l id) .  Note tha t  both tails show the  same 
s t a b i l i t y  l eve l  and essentially the  same leve l  of control effectiveness a t  zero 
lift. As lift increases the.chord-plane t a i l  loses effectiveness and the low 
t a i l  gains effectiveness with the r e su l t  t h a t  the low t a i l  t r i m s  a t  a l i f t  
coefficient which i s  40 percent higher than that  associated with the chord- 
plane tail ,  both having -20' incidence. 
Essentially the same resul t  w a s  found when the large closely coupled t a i l s  
were tested as shown i n  figure 10. The pitching-moment coeff ic ient  i s  plot ted 
as  a function of lift coefficient a t  a Mach number of 2.16 fo r  the  chord-plane 
tail (dashed) and the l o w  t a i l  (sol id) .  Compared as  before with the same 
moment reference (or center of gravity), the low t a i l  shows about a 50-percent 
increase i n  trimmed CL with -20' of incidence. 
Further t e s t s  on t h i s  model showed t h a t  the low t a i l  has, a s  might be 
expected, a higher s t a b i l i t y  contribution a t  subsonic speeds due t o  i t s  posi- 
t i on  below the high downwash f ie ld of the wing and, therefore, l e s s  s t a b i l i t y  
increase with Mach nmber. If the r e su l t s  a re  compared on the basis  of both 
the low t a i l  and the chord-plane ta i l  having the same s t a t i c  margin at 
M = 0.90, the low t a i l  r e su l t  i s  even more dramatic. These data, adjusted, a re  
shown as  the dotted curve (extrapolated t o  trim as the supersonic t e s t s  were 
not carr ied t o  suff ic ient ly  high l i f t ) .  These e f fec ts  f o r  the large closely 
coupled t a i l  a re  shown i n  figure ll i n  which load factors  as a function of a l t i -  
tude are  compared. A t  60 000 feet  the chord-plane t a i l  gives a load fac tor  
of 2.6. A t  the same center of gravity the  low t a i l  gives 3.8. A t  a s t a t i c  
margin equal t o  tha t  of the  configuration with the chord-plane ta i l  a t  M = 0.90, 
the value (extrapolated) fo r  the l o w  ta i l  is  5.8. 
. Another method, which appears t o  of fer  a great deal of promise fo r  
enhancing load fac tor  at supersonic speeds, involved deflecting the  thrus t  of 
the  je t  engine. A possible method of deflecting the th rus t  is i l l u s t r a t e d  i n  
f igure 12. On the r ight  of the figure a duct i s  shown schematically. Hot gas 
is  taken from the convergent section and bypassed around the throat  and 
re-injected i n  the divergent section where it separates the main flow i n  a con- 
t ro l l ed  manner proportional t o  the injected flow. The ef fec t  of deflection of 
the  gross thrus t  at  M = 2.16 on load fac tor  i s  a function of a l t i tude .  The 
so l id  curve shows the available load fac tor  with -25O incidence of the hori- 
zontal t a i l  (data from re f .  9) .  The dashed curve shows the calculated load 
fac tor  as the exhaust of the engine i s  deflected -5' i n  combination with deflec- 
t i on  of the horizontal tail. The engine is  assumed t o  be sized t o  give a 
thrust-weight r a t i o  of 0.80 at take-of f conditions. Once again at 60 000 f e e t  
the  load factor  has improved from about 2.2 t o  about 5.6 as a r e su l t  of deflec- 
t i o n  of the thrust .  
Data obtained on a similar nozzle configuration indicate tha t  t o  def lect  
the  j e t  -5') about 6 percent of the primary nozzle flow i s  required f o r  
re-injection. 
CONCLUDING FmMARKs 
In conclusion, some resul ts  of recent wing buffeting t e s t s  have shown that 
the moderate increases i n  wing sweep for  variable sweep wings provide a s ignif-  
icant  reduction i n  the buffeting in tens i ty  a t  high subsonic speed. The use of 
trailing-edge f laps delays buffeting onset by redistributing the chord load and 
delaying separation. 
A number of methods were shown whereby the s t a t i c  margin a t  supersonic 
speeds can be reduced with a consequent improvement i n  the  normal load factor.  
These methods included retractable  canards and variable sweep aft horizontal 
tails. 
Positioning the horizontal t a i l  low on the fuselage as opposed t o  posi- 
tioning on the chord plane of the wing w a s  shown t o  be superior on two counts: 
(1) the lower t a i l  experiences an increase i n  control effectiveness with l i f t  
whereas the effectiveness of the chord-plane t a i l  decreases as l i f t  increases, 
and (2)  the aerodynamic center s h i f t  with Mach number appears t o  be much 
smaller when the t a i l  i s  mounted low on the fuselage. An a l te rna te  system 
fo r  aerodynamic control i s  discussed, which involves deflection of the main 
flow of the  j e t  engines; approximately 6 percent of the main nozzle flow i s  
required t o  def lect  the j e t  -5'. 
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8. A SUMARY OF NASA DATA RELATIVE TO EXTERNAL-STORE 
D 
By Linwood W. McKinney and Edward C. Polhamus 
NASA Langley Research Center 
SUMMARY 
The available NACA and NASA data relating to the carriage and separa- 
tion characteristics of external stores are summarized, and some typical 
aerodynamic characteristics of stores in the carriage position are pre- 
sented. Some of the subsonic interference origins and methods of combining 
experimental flow fields with theory to predict store forces and moments are 
illustrated by a comparison of calculated and measured store normal force 
and pitching moment. The effects of various combinations of speed, dive 
angle, airplane load factor, and store density on the separation character- 
istics are illustrated by using calculated store trajectories. This paper 
includes a bibliography of NACA and NASA reports relative to the release of 
stores from airplanes. 
INTRODUCTION 
Operational experience by the military services during the past year 
. - has focused attention on problems associated with the release of various 
types of external stores. While a considerable amount of research relative 
to the carriage and release of external stores was done by the NACA in the 
past, research on stores during the last 10 years has been concentrated 
primarily in the area of the release characteristics of internally carried 
stores and the effect of external stores on aircraft stability and perform- 
ance, with some related work on the separation characteristics of lifting 
reentry research vehicles from a carrier airplane. However, in view of the 
current interest in the carriage and release characteristics of external 
stores, it was believed that a summary of the available NACA and NASA data 
. would be useful to those engaged in developing and evaluating analytical 
methods of studying these problems. 
The purpose of this paper is to describe the configurations which have 
been studied and the range of variables covered, to present same typical 
aerodynamic characteristics of stores in the carriage position, and to 
illustrate the effect of these characteristics on the separation character- 
istics of a store under various delivery conditions. A bibliography of 
NACA and NASA reports related to the release of stores from airplanes is 
also included. 
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SYMBOLS 
A wing aspect ratio 
?Y lateral. acceleration, f eet/second2 
az vertical acceleration, feet/ second2 
b wing span, feet 
local wing chord, feet 
store pitching-moment coefficient referred to 0.4622, 
Store pitching moment 
qss2 
store normal-force coefficient, no- 
qss 
store yawing-moment coefficient referred to 0.4621, 
Store yawinn moment 
pressure coefficient 
store side-force coefficient, side, Orce 
qss 
equivalent airspeed, knots 
store incidence angle relative to wing reference line, degrees 
store length, feet 
Mach number 
airplane incremental load factor, referred to steady equilibrium 
flight conditions 
dynamic pressure, pounds/f oot2 
airplane wing area, feet2 
store reference area, maximum frontal area of body, feet2 
wing thickness ratio 
airplane weight, pounds 
-. 
w s store  weight, pounds 
W/S airplane wing loading, pounds/f oot2 
% angle of a t tack of airplane wing, degrees 
Y dive ( f l igh t  -path) angle, degrees 
h taper r a t i o  
4 / 4  wing sweep of quarter-chord l ine ,  degrees 
CONFIGURATIONS STUDIED 
The major portion of the wind-tunnel studies fo r  wing-pylon-store con- 
figurations which are  applicable t o  the current problem area u t i l i zed  one of 
the two t e s t  methods shown i n  figure 1. The top sketch i l l u s t r a t e s  the method 
i n  which the aerodynamic forces and moments of the s tore  i n  the  carriage posi- 
t i on  are  measured by means of a strain-gage balance mounted within the s tore  
and attached t o  the wing pylon. D a t a  obtained by t h i s  method can be used t o  
determine the s tore  ca?riage loads and the i n i t i a l  separation character is t ics  
of the store.  The lower sketch i l l u s t r a t e s  the method i n  which the s tore  i s  
supported by a s t ing  through an in te rna l  strain-gage balance. I n  addition t o  
providing carriage loads, t he  sting-support method allows the  s tore  t o  be 
tes ted  a t  various positions and a t t i tudes  re la t ive  t o  the airplane and thereby 
provides s tore  aerodynamic data which can be used t o  compute both the release 
and the t rajectory characteristics of the store.  
Comparisons between computed t ra jec tor ies  using aerodynamic data obtained 
by t h i s  technique and trajectory measurements made i n  f l i g h t  and with f r ee - fa l l  
techniques a re  given i n  references 1 and 2, respectively, and indicate a s a t i s -  
factory agreement. 
The use of f r ee - fa l l  and forced-ejection methods by NASA has been directed 
primarily toward ejection from bomb bays rather than the release of external 
stores, and w i l l  not be discussed here. However, a bibliography of t h i s  work 
i s  included. It should a l so  be pointed out tha t  problems associated with 
scaling (refs .  3 t o  6) and simulation of release conditions, such a s  dive angle, 
tend t o  limit the usefulness of the  f r ee - fa l l  and forced-ejection methods. The 
configurations studied by the techniques shown i n  f igure 1 a r e  described i n  f i g -  
ures 2 and 3 .  The configurations studied by the pylon-support method a re  shown 
i n  figure 2, and the configurations studied by the sting-support method a re  
shown i n  figure 3 .  A bottom view of the airplane i s  shown and the  various 
s tores  tes ted a re  shown i n  the carriage position. The a l te rna te  location of the 
s tore  i s  shown by the  dotted outline. The table  under the sketches l i s t s  some 
of the pertinent geometric characteristics of the wings, the  Mach number ranges 
of the t e s t ,  the f a c i l i t y  used, t h e  reference containing the data of the more 
important variables studied, and the type of data obtained. 
Wing planforms cover the sweep range from o0 to 47O and include a 60' 
delta wing. Aspect ratios from 4 to 7.7 were covered. The Mach numbers 
rrnged from approximately 0 to 2.01. Both finned and unfinned stores have 
been investigated. In general, the configurations studied are representative 
of rather large stores primarily because the balances required for the smaller 
stores were not available. Five-component force data are available for con- 
figurations 1 t o  5; pressure distributions on the stores were measured for con- 
figurations 6 to 8; for configuration 8, complete wing pressure distributions 
were measured without the store and with the store in two verticallocati0nS. 
Five-component force data have also been obtained on configurations 9 to 12, 
and for the supersonic studies on configurations ll and 12 store force data 
have been obtained for a large number of positions within the shaded area for 
several vertical store locations. For the subsonic studies ( configurations 13 
and 141, the local angularities in both the longitudinal and lateral planes and 
the local flow velocities were measured at various vertical locations beneath 
the wing and fuselage for the range of spanwise and chordwise locations indi- 
cated by the dashed line for the unswept wing and the shaded area for the swept 
wing. These configurations are similar to two of those used to measure store 
force data and therefore are useful not only in evaluating flow-field theories 
but also in evaluating methods of predicting store forces. 
TYPICAL AERODYNAMIC CHARACTERISTICS 
Inasmuch as the current operational problems are primarily associated with 
subsonic deliveries, the remainder of this paper will deal with the subsonic 
case. 
Configuration 5 was chosen to illustrate some typical aerodynamic charac- 
teristics of a store in the carriage position and to show the effects of deliv- 
ery conditions on release characteristics and is presented in figure 4. The 
pertinent geometric characteristics of the wing and the location of the store 
beneath the wing are indicated. This configuration was selected because of its 
similarity to configuration 14,.for which complete flow-field surveys were 
available. 
Before presenting the various aerodynamic characteristics of the store, a 
somewhat detailed look at the store normal-force and pitching-moment character- 
istics will be made to illustrate the order of magnitude of the various flow- 
field induced effects and to indicate the effectiveness of simplified theory 
for predicting the store forces and moments. The calculations are based on the 
application of the measured flow field (ref. 7) to body-fin theory and ignore 
the mutual interference effects between the wing and store. Figure 5 shows a 
comparison of the calculated and measured store normal-force coefficient with 
wing angle of attack for the body, the fins, and the body-fin cornbination. For 
the body alone it will be noted that the calculated buoyancy effect (shown by the 
short-dash line) associated with the wing-body-induced static-pressure gradient 
is rather large and produces a negative nodl-force-curve slope and a large 
positive normal force at % = OO. The positive force at % = O0 is, of 
course, associated with the wing-thickness-induced buoyancy and will increase 
with increasing wing thickness ratio. The wing for this case was 6 percent thick. 
The effect of the flow angularity on the body (indicated as the local a effect) 
includes both the induced-angle-of-attack and induced-camber effects determined 
by the method of reference 8 with the crossflow-separation effects accounted 
for by the method of reference 9. The sum of the buoyancy and local a effects 
shown by the solid line indicates a positive value of normal force at a ~ ,  = 00 
and is in fairly good agreement with the experimental data. The estimate of the 
fin increment accounting for the local angle-of-attack distribution, shown by 
the solid line in the lower left of figure 5, indicates a slope of about one- 
half of that predicted for the isolated fins and reasonably good agreement with 
experiment. The reduction in slope is, of course, associated with the a n ? -  
lift-induced downwash characteristics while the positive normal force at 
a, = O0 is due to the thickness-induced upwash. The results for the body-fin 
cmbination, shown at the lower right of figure 5, also indicate fairly good 
yeement with the experiment. 
The calculated and measured pitching-moment coefficients for the body, 
the fins, and the body-fin combination are shown in figure 6 as functions of 
wing angle of attack. The methods used were the same as those previously 
described in connection with the normal force. For the body alone, the 
buoyancy effect gives a stabilizing moment whereas the local angle-of-attack 
eff.ect calculated by the methods of reference 4 gives an unstable slope. The 
sum of the buoyancy and local-angle-of-attack effect is shown by the solid line 
and indicates the same slope as the experiment over most of the angle-of-attack 
range; however, the magnitude of body pitching moment predicted is considerably 
higher. The estimate for the fin accounting for the local-angle-of-att~ck .
effect and shown on the lower left of figure 6 shows reasonable agreement at 
the lower values of .%; however, at the higher value of a, this agreement 
deteriorates. The discrepancies between the calculated and experimental values 
of pitching-moment coefficient for both the body and the fin are additive so 
that the estimate for the body-fin combination gives, in general, poor agree- 
ment with the experiment. This figure serves to point out the need for more 
sophisticated theories to predict the store pitching-moment characteristics in 
the interference flow field. 
Experimentally obtained aerodynamic characteristics for the example con- 
figuration (configuration 5) at a Mach number of 0.50 are shown in figure 7. 
The normal-force and pitching-moment curves are the same curves that were dis- 
cussed on the two preceding figures and are presented here for completeness. 
In the lateral plane, a positive value of side-force coefficient (Cy), 
indicating a force toward the fuselage, is obtained at % = OO. As a, is 
increased, a change in sign of Cy  occurs. The significant $oint to be noted 
about the yawing moment is that the lateral center of pressure lies ahead of 
the store center of gravity for the complete wing angle-of-attack range shown, 
and, as a result, the nose of the store will be yawed in the direction of the 
side force. Figure 8 further illustrates the change in sign of side force 
with angle of attack and shows the experimental store pressure distributions 
measured on configuration 8 at a, = 00 and aw = 80. The pressure distribu- 
tion on the isolated store is also shown for reference. Note that at % = O0 
high negative pressures are acting on the inboard side of the store whereas at 
a, = 80 high positive pressures are obtained on the inboard side of the store. 
SEPARATION CHARACTERISTICS 
Since a l l  the  curves shown i n  f igure 7 a re  displaced at a, = O0 and i n  
the l a t e r a l  case change sign with wing angle of attack, airspeed would be 
expected t o  have a large influence on the  forces developed on the s tore  a t  t 
release. To i l l u s t r a t e  the order of magnitude of t h i s  e f fec t  on the i n i t i a l  
s tore  t ra jectory,  the l inear  accelerations act ing on the s tore  at release a re  
shown i n  f igure 9 f o r  the example configuration. 
On the l e f t  of figure 9, the  e f fec t  of equivalent airspeed on the  ve r t i ca l  
acceleration a t  the store f i n  f o r  a s tore  at is = O0 re la t ive  t o  the wing 
chord l ine ,  i s  shown for  s tore  weights of 180 and 960 pounds. The ve r t i ca l  
a ~ c e i e ~ a t i ~ ~ i  r r t  i'ne sivre nose a t  is = -3" i s  aiso shown a s  a function of 
airspeed f o r  s tore  weights of 180 and 960 pounds. A s  indicated by the arrows, 
posi t ive acceleration i s  toward the  airplane wing. The points on the s tore  f o r  
which the acceleration i s  shown are  the most c r i t i c a l  points from contact con- 
sideration when both the store normal force and pitching moment a re  accounted 
for .  The weights were taken t o  represent near minimum and maximum weights f o r  
t h i s  c lass  of store.  The wing angle-of-attack variation used i n  the  calcula- 
t i on  corresponds t o  the angle of a t tack required f o r  steady leve l  f l i g h t  of the 
ca r r i e r  airplane at a wing loading of 100 lb / f t2  over the speed range and there- 
fore  decreases with increasing speed. For a wing loading of 100 l b / f t 2  t h i s  
configuration gives an airplane weight of 18 650 pounds. For the lightweight 
s tore  a t  is = 0' the f i n  accelerates toward the wing and t h i s  acceleration 
increases rapidly with airspeed, and resul ts ,  of course, f r o m  the  buoyancy ef fec t  
a t  a, = OO. When the s tore  i s  mounted with -50 incidence r e l a t ive  t o  the wing, 
the norrrial force at % = O0 i s  negative and t h i s  trend i s  reversed; tha t  is, 
as speed i s  increased and s tore  weight reduced, the s t a re  i s  accelerated away 
from the wing at  a fas te r  ra te .  
The curves on the r ight  of the f igure show that ,  as speed i s  increased, 
the l a t e r a l  acceleration changes from an acceleration away from the fuselage t o  
an acceleration toward the fuselage, as indicated by the  variation of Cy and 
Cn with wing angle of attack i n  f igure 7. 
To account f o r  the e f fec t  of dive angle on the  s tore  separation character- 
i s t i c s ,  a three-degree-of-freedom system of motion equations was used t o  calcu- 
l a t e  s tore  t ra jec tor ies  i n  the  longitudinal plane. This e f fec t  of dive angle 
i s  i l l u s t r a t e d  i n  figure 10 f o r  a 960-pound s tore  released at 530 knots. 
On the l e f t  of figure 10 calculated t r a j ec to r i e s  a re  shown at a dive 
angle 7 of 00 f o r  i n i t i a l  s tore  incidence angles of o0 and -5O, and on the  
r igh t  of the f igure  a t  a dive angle of 7 5 O  a l so  f o r  i n i t i a l  s tore  incidence 
angles of 00 and -5'. 
A t  zero dive angle the 
a i r c r a f t  reference and the i 
figure 9 by the dashed l i n e  
does not occur. For a dive 
weight of the s tore  i s  essent ia l ly  normal t o  the 
. n i t i a l  acceleration corresponds t o  tha t  shown i n  
at 530 knots. When the s tore  i s  released contact 
angle of approximately 7 5 O  the normal weight com- 
ponent i s  reduced by the cosine of the dive angle and a cumponent of the weight 
goes in to  thrus t  which accelerates the s tore  r e l a t ive  t o  the ca r r i e r  airplane. 
Since the  s tore  normal-force curves a re  displaced a t  a, = 0°, the reduction i n  
s tore  normal force resul t ing f r m  the change i n  a, required t o  maintain steady 
f l i g h t  on the 7 5 O  f l i gh t  path i s  insignif icant  r e l a t ive  t o  the reduction of the 
gravity component. As a result ,  f o r  is = oO, the s tore  normal force approxi- 
mately equals i ts  normal weight component and the nose-down pi tch ro ta t ion  com- 
bined with the forward acceleration of the  s tore  r e l a t ive  t o  the airplane causes 
the s tore  f i n  t o  contact the t r a i l i n g  edge of the  wing. However, at  is = -5O, 
contact i s  not indicated. Although the dive angle at which contact i s  shown 
f o r  t h i s  s tore  i s  large, a store having larger  f i n s  or  located beneath a thicker 
wing section, where the buoyancy ef fec t  would be greater, would be expected t o  
contact the wing at lower dive angles. The r e su l t s  of the calculated t r a j ec -  
to r i e s  f o r  the example configuration a t  is = o0 a re  summarized i n  f igure 11. 
The l i n e s  or boundaries on the  l e f t  of the f igure represent the  maximum 
dive angle f o r  release of a 960-pound s tore  without contact between the f i n  and 
airplane wing as a function of equivalent airspeed, under conditions of steady 
f l i g h t  and imposed incremental load fac tors  of -0.25 and -0.5. Contact i s  indi-  
cated on the hatched side of the boundary. The dashed l i n e  shows the boundary 
obtained if compressibility effects  a r e  neglected. (The compressibility 
e f fec ts  a re  based on sea-level conditions. ) For the store-airplane configura- 
t ion  i l l u s t r a t e d  here the  reduction i n  s tore  normal force and increase i n  drag 
associated with the higher Mach numbers opens the boundaries at the higher air- 
speeds. D a t a  obtained on airplanes during at tack missions indicate t h a t  a t  the 
instant  of ordnance release the airplane i s  qui te  often i n  a pushover. For 
certain delivery techniques, a pushover i s  required t o  of fse t  the horizontal  
dr if t  associated with increases i n  speed during a dive. Figure 11 indicates  
tha t  severe penalties i n  both maximum permissible dive angle and f l i g h t  speed 
may be encountered i f  the store i s  released during a pushover. 
On the r ight  of the figure the effect  of s tore  weight on contact at  
release i s  shown a s  a function of equivalent airspeed f o r  fl ight-path angles 
of o0 and 60°. The boundaries indicate  the  m i n i m  weight at which the s tore  
can be released without contact over the  speed range f o r  the two dive angles. 
In t h i s  f igure contact i s  indicated below the boundary. 
CONCLUDING REMARKS 
The available NACA and NASA data r e l a t ing  t o  the carriage and separation 
character is t ics  of external stores have been summarized. A comparison of calcu- 
la ted and measured s tore  normal force and pitching moment has been presented t o  
i l l u s t r a t e  some of the subsonic interference origins and methods of combining 
experimental flow f i e l d s  w i t h  theory t o  predict  s tore  forces and moments. This 
comparison indicates tha t  additional work i s  required t o  develop completely 
sat isfactory analyt ical  methods of obtaining s tore  moments i n  the interference 
flow f i e ld .  Therefore, a t  present it appears tha t  the best  method i s  t o  meas- 
ure the store character is t ics  i n  the wind tunnel. When the aerodynamic charac- 
t e r i s t i c s  of a store i n  the wing flow f i e l d  a re  known, the s tore  t r a j ec to r i e s  
can be calculated with reasonable accuracy. The ef fec ts  of various combinations 
of speed, dive angle, airplane load factor ,  and s tore  density on the separation 
character is t ics  a re  i l lus t ra ted  by using calculated store t ra jec tor ies .  
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9. SlVDY OF LOW-SPEED FLYING QUALITIES OF VERY LARGE AIRPLANES 
- - 
BY MEANS OF AN IN-FLIGHT SIMULATOR 
By Robert 0. Schade 
NASA Langley Research Center 
and Ri.chard F. Vornaske 
NASA Ames Research Center 
SUMMARY 
Very large j e t  transports such as  the supersonic transport  (SST) and 
the C - 5  type airplanes now being considered introduce geometric and design 
features which can be expected t o  a f f ec t  low-speed handling qual i t ies  
adversely. A s  a r e su l t ,  the Langley and Ames Research Centers have recently 
conducted f l i g h t  programs i n  which a large j e t  transport  was used a s  an in -  
f l i g h t  SST simulator t o  study the low-speed handling qual i t ies  of the  SST 
and the  C-5  type configurations. 
P i lo t s  found the i n i t i a l  pitch response t o  be sluggish, and they con- 
sidered it a problem. Undesirable t rans ien t  response character is t ics  were. 
created by the  low frequencies of the  longitudinal short-period motion. For 
the configurations tested,  it appears t h a t  some so r t  of s t a b i l i t y  aupenta-  
t i o n  w i l l  be necessary t o  correct the  sluggish i n i t i a l  pi tch response and the 
undesirable t ransient  response caused by the  low frequency of the  longitudinal 
short-period motion. For the delta-type SST configuration, the  speed-thrust 
i n s t a b i l i t y  d id  not present any appreciable problem f o r  the  par t icu lar  p i l o t  
evaluation tasks used i n  these tes t s .  However, more t h r o t t l e  ac t fv i ty  and 
p i l o t  workload were required t o  perform the same evaluation tasks.  Roll-to- 
yaw coupling did not cause noticeable problems f o r  the  configurations and 
parameters tes ted.  However, the C-5  type airplane may require some form of 
la teral-direct ional  s t a b i l i t y  augmentation. 
INTRODUCTION , 
Some of the f'uture very large j e t  transports such a s  the SST1s and the 
C-5's have mass and dimensional character is t ics  t h a t  a re  considerably d i f -  
ferent  from those of present j e t  transports.  A comparison of some of the 
mass character is t ics  of present jet  transports with those of several gener- 
a l ized  future large jet-transport configurations i s  shown i n  tab le  I. The 
future large j e t  transports a re  a del ta  type SST, a variable-geometry type 
- 
SST, and a C-5  type transport .  The data presented represent parameter r a t i o s  
of future j e t  transports t o  present j e t  transports,  and the r a t io s  of the  
weights are  indicative of the large differences i n  s ize.  It can be seen from 
the  data tha t  the pi tch moments of i n e r t i a  of future transports a r e  a t  l eas t  
th ree  t o  s i x  times those of current j e t s  ana Luab thz periods of the longitu- 
d ina l  short-period motion and Dutch r o l l  motion are  considerably longer. 
These different  character is t ics  tend t o  cause problems, par t icular ly i n  
low-speed f l i g h t .  Some of the possible problems re la ted  t o  the s i ze  of these 
a i r c r a f t  are: sluggish or low i n i t i a l  aerodynamic pi tch response resul t ing 
from high p i tch  iner t ias ;  unusual dynamic or t ransient  character is t ics  resul t ing 
from low frequencies of the longitudinal short-period and Dutch ro l lmot ions ;  
and roll-to-yaw coupling resul t ing from unusual mass and aerodynamic 
character is t ics .  
There a re  other possible problems re la ted  t o  specif ic  operating conditions 
- -  A -  --A" -P .,*mr 1 o -na  I V L  bUCDC t Y Y = ~  V = + J  , jet  t r=c=nr tc .  Fnr e x ~ l n l e ;  o ~ e r a t i o n  with 
speed-thrust i n s t ab i l i t y  (or  operation on the  back side of the thrust-required 
curve) may cause a problem fo r  the de l ta  type SST configurations; these con- 
figurations operate i n  t h i s  condition because of the t a rge t  approach speed 
recommended by the Federal Aviation Agency. 
Since the geometric and design features of these very large j e t  transports 
appear t o  introduce characteristics which can adversely a f f ec t  the low-speed 
f lying qual i t ies ,  an exploratory investigation of the possible problem areas 
was made t o  obtain some preliminary indications of c r i t e r i a  and requirements 
f o r  t h i s  type of airplane. The best method t o  study these potent ial  low-speed 
problems would be with an in-f l ight  simulator; therefore, a contract was nego- 
t i a t e d  with the Boeing Company t o  modify a j e t  transport  fo r  in- f l ight  
simulation. 
Presented i n  t h i s  report  a r e  the r e su l t s  of two f l i g h t - t e s t  programs i n  
which the modified jet-transport airplane was used: t e s t s  conducted a t  the  
Langley Research Center of two simulated SST type configurations and t e s t s  con- 
ducted a t  the Ames Research Center of some parametric variations related t o  the 
C-5 type airplane. Because of the basic difference i n  the setup of the  param- 
e t e r s  of these two programs, the r e su l t s  w i l l  be discussed separately. How- 
ever, the same general trends were noted i n  both se t s  of t e s t s .  
SYMBOLS 
6c deflection of control column, in .  
h deflection of control wheel, deg 
tl hamping ra t io  
@+I Dutch r o l l  damping parameter, l /sec 
$ pitching acceleration, rad/sec 
g/i/6c longitudinal control sens i t iv i ty  parameter, rad/sec2 in .  
6 ro l l ing  velocity , deg/sec 
$/% l a t e r a l  control sensi t ivi ty  paremeter, l /sec 
cyl undamped natural frequency, rad/sec 
"h2 longitudinal short -period s t a b i l i t y  parameter, ( rad/sec )2 
APPAFiATUS AND EWIPMENT 
The airplane that was used as an in- f l ight  simulator i s  shown i n  f igure  1; 
it i s  the Boeing 707 prototype ( the  367-80 airplane) .  The nose boom shown i n  
the figure has a vane a t  the forward end fo r  sensing the angles of a t tack  and 
s ides l ip .  
Details of the method of simulation a re  described i n  reference 1, and 
the functions used a re  indicated i n  table  11. A s  may be noted, the  desired 
pitching, rol l ing,  and yawing motions were obtained by conventional inputs t o  
the elevator, l a t e r a l  control, and rudder, respectively. The unique features  
of the system are  the simulation of the l i f t  and drag character is t ics  by modu- 
l a t i n g  the spoi lers  and thrus t  reversers. Although the simulation of nonlinear 
ground ef fec ts  by use of height information from the  radar alt imeter i s  another 
of the  unique features of this system, ground-effect r e su l t s  will not be Us- 
cussed i n  t h i s  paper. 
TEST PROCEWRES 
For each of the t e s t s ,  the low-speed f l i g h t  character is t ics  were evaluated 
by using the simulated Instrument Fl ight  Rules (IFR) approach i l l u s t r a t e d  i n  
figure 2 as  the basic evaluation task. The airplane intercepted the loca l izer  
a t  approximately 8 miles from the runway a t  an a l t i t ude  of 1500 fee t .  A t  the  
intercept  of the  glide slope, approximately 5 miles from the  runway, the  p i l o t  
i n i t i a t e d  the  descent and attempted t o  f l y  the  prescribed f l i g h t  path a s  closely 
a s  possible down t o  approximately 200 f e e t  and, i f  conditions were favorable, 
t o  continue visually t o  touchdown. The la teral-direct ional  t e s t s  were made 
with the local izer  of fse t  200 feet from the  runway center l ine .  After the  s i m -  
u lated I F R  breakout occurred a t  an a l t i t ude  of 200 fee t ,  the p i lo t  performed a 
v isua l  sidestep maneuver t o  l i n e  up with the  runway. 
RESULTS AND DISCUSSION 
Longitudinal Aerodynamic Characteristics 
Results of Lan~ley  Research Center t e s t s . -  Some of the  more pert inent  
r e su l t s  of the Langley Research Center studies of the  longitudinal aerodynamic 
. . 
"> 
charac ter i s t ics  of generalized configurations of a de l ta  type and a, variable- 
geometry type SST i n  which the in- f l ight  simulator was used are  summarized i n  
figures 3 t o  7. 
Because of the large values of the  moment of ine r t i a ,  the SST configura- 
t ions  exhibited sluggish i n i t i a l  pi tch response, as  i l l u s t r a t ed  i n  f igure 3. In 
t h i s  figure,  the changes i n  glide-path angle and pitching velocity with a s tep 
elevator input are  compared for the two SST configurations and the present j e t  
t ransport .  Compared with present j e t  transports,  the supersonic transport  has 
a rather  low and sluggish i n i t i a l  pi tch response (o r  velocity).  This response, 
along with the greater l i f t  losses due t o  control f o r  the  short-coupled SST 
airplane, resul ted i n  considerably longer times being required fo r  small glide- 
path changes. These longer times made it d i f f i c u l t  fo r  the p i l o t  t o  make 
quick and precise glide-path corrections and resulted i n  a higher p i l o t  work- 
load. The data of figure 3 show, however, t h a t  a f t e r  t h i s  i n i t i a l  period the 
SST configurations had higher maximum pitching veloci t ies  than the present j e t  
transport .  
One method of relieving t h i s  sluggish-initial-response problem i s  the use 
of high i n i t i a l  control gearing fed  through a stability-augmentation system. 
Shown i n  figure 4 a re  the variations of elevator deflection, pitching velocity, 
and change i n  angle of a t tack with time f o r  the basic airplane and the airplane 
with such a stability-augmentation system. The curves f o r  the basic airplane 
represent the  response of a conventional airplane t o  a step elevator input. 
The operation of the  stability-augmentation system on the airplane i s  a s  
follows: The high i n i t i a l  control gearing causes an increased pi tch r a t e  and 
angle-of-attack response, a s  shown i n  the  figure; but, a s  both pi tch r a t e  and 
angle of a t tack  build up, the  augmentation system, which i s  a l so  sensi t ive t o  
these parameters, washes out the increased elevator gearing. A s  a resu l t ,  the 
i n i t i a l  response i s  considerably improved without the already adequate steady- 
s t a t e  response becoming overly sensi t ive.  
Another problem encountered during the f l i g h t  program, which the  p i lo t s  
called apparent low damping, i s  i l l u s t r a t e d  i n  figure 5. This figure,  which 
i s  an i l l u s t r a t i v e  example and not f l i g h t  data, shows a comparison of the 
resul t ing pitching velocity following a step elevator input f o r  present j e t  
transports and f o r  very large future j e t  transports.  The so l id  curves i l l u s -  
t r a t e  the osci l la tory motion, and the dashed curves i l l u s t r a t e  the resul t ing 
motion wi th  no osci l la t ion.  Both the  oscillatory-motion curves have the same 
cycles t o  damp t o  half amplitude. Cycles t o  damp t o  half  amplitude i s  nor- 
mally used by the p i lo t  as  an indication of the damping. I n  t h i s  i l l u s t r a t i v e  
example, the SST period i s  double t h a t  of the present je t ;  therefore, the 
motion takes twice as long t o  damp. When the p i l o t  applies control, the pres- 
ent j e t  transports generally respond as  shown on the  l e f t  s ide of the f igure.  
However, f o r  the  SST ( r ight  side of f i g .  5 ) )  the osc i l la tory  motion continues 
i n t o  the par t  of the maneuver where it should have died out. This type of 
operation leads t o  problems i n  precision maneuvering. For example, when 
maneuvering the SST type configurations, the p i l o t s  would f i r s t  apply more 
pitching moment or control than normally required i n  an e f fo r t  t o  obtain be t t e r  
i n i t i a l  pi tch response; t h i s  procedure was then followed by a control reversal  
t o  minimize the large overshoot (apparent low damping) and s t i l l  maintain the  
desired steady-state pitching velocity. 
Shown i n  figure 6 i s  the  evaluation of a s t a b i l i t y - a w e n t a t i o n  system 
tha t  was used t o  correct t h i s  maneuvering problem. Plot ted i n  the  f igure i s  the 
undamped natural  frequency of the longitudinal short-period osc i l la t ion  q-, 
a s  a function of the damping ra t io  I: f o r  the basic and augmented SST type 
airplanes. The l e t t e r s  "P.R." next t o  the symbols indicate  the average Cooper 
p i l o t  ratings of two p i lo t s  f o r  each condition. This numerical p i l o t  r a t ing  
system ( r e f .  2 )  i s  shown i n  table  111. These numerical ra t ings suggest re la -  
1 t i v e  f l i g h t  i i i f f icul t ies ;  f o r  example, ratings of or  l e s s  a re  sat isfactory,  
ra t ings between and are  unsatisfactory, and rat ings above are  unaccep- 
2 2 2 
t ab le  t o  catastrophic. 
The data of figure 6 show that  use of the f i n a l  sat isfactory s t a b i l i t y -  
augmentation system i n  both configurations resulted i n  an increase i n  the  nat- 
u r a l  frequency with essent ial ly  no change i n  the  damping ra t io .  I n  order t o  
determine the e f fec t  of increasing both the damping and the  frequency, some 
f l igh t - t e s t  data fo r  an increased damping r a t i o  of 0.94 with a moderate increase 
i n  frequency a re  a l so  plot ted i n  t h i s  figure.  Although t h i s  change improved the  
basic condition, the p i l o t s  still were not en t i re ly  sa t i s f i ed  with the apparent 
damping character is t ics  of the airplane a s  shown by the poorer average p i l o t  
ra t ing  of 9 as  compared with a ra t ing  of 3 fo r  the  f i n a l  s t ab i l i t y -  2 
augmentation system. 
A specific SST problem tha t  was associated with the generalized de l t a  con- 
figuration during the  landing approach was operation of the  a i r c r a f t  on the back 
s ide of the thrust-required curve or  with speed-thrust i n s t a b i l i t y  where 
increased power i s  required t o  f l y  slower. I l l u s t r a t ed  i n  figure 7 a re  the  
e f fec ts  of back side operation; two typica l  simulated IF'R approaches a re  shown. 
The desired glide slopes with ver t ica l  of fse ts  a re  indicated by the two s e t s  of 
pa ra l l e l  l ines .  The ve r t i ca l  offsets were put in to  the glide slopes f o r  these 
t e s t s  t o  establ ish an additional p i l o t  task tha t  would help evaluate the  speed- 
th rus t  i n s t ab i l i t y .  The figure shows comparison data f o r  a del ta  type SST with 
a value of speed-thrust i n s t ab i l i t y  ( thrus t  weight r a t i o  divided by velocity) 
of -0.0024 and a normal value of speed-thrust s t a b i l i t y  of 0.0005. For the  a i r -  
plane with speed-thrust s tab i l i ty ,  the airspeed tha t  has decreased while the  
p i l o t  restabi l izes  on the new glide slope s t a r t s  t o  return t o  the or ig ina l  
value; however, f o r  the airplane with speed-thrust i n s t ab i l i t y ,  the airspeed 
tends t o  decrease s teadi ly u n t i l  the p i lo t  i s  required t o  use the t h r o t t l e  t o  
prevent s ta l l ing .  Even though the p i lo t ,  i n  t h i s  instance, was only attempting 
t o  evaluate the e f fec ts  of back side operation with minimum use of th ro t t l e s ,  
it i s  apparent t h a t  h i s  a b i l i t y  t o  change the glide slope was not appreciably 
affected by the speed-thrust i n s t ab i l i t y  f o r  the par t icular  evaluation tasks 
used i n  t h i s  investigation. 
I f  the t h r o t t l e  had been used t o  compensate f o r  changes ' in airspeed during 
these approaches, both s e t s  of data  would have shown improvements, par t icu lar ly  
i n  airspeed accuracy, and the  p i lo t ' s  a b i l i t y  t o  f l y  the configuration would 
have been essent ial ly  the  same for  the sn~p~-+l----- ~t ins t ab i l i t y  and speed-thrust 
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s t a b i l i t y  conditions, except t h a t  more t h r o t t l e  ac t iv i ty  and p i l o t  *workload 
would be required for  the  speed-thrust condition. Several p i l o t s  mentioned, 
however, t h a t  large values of speed-thrust i n s t a b i l i t y  dld cause rapid speed 
bleed off or loss  of a l t i tude  i n  turn maneuvers. Thus a f a i r  amount of p i l o t  
a t tent ion was required t o  prevent high ra tes  of descent from building up. 
Results of Ames Research Center t e s t s . -  Some of the more pertinent r e su l t s  
of the  Ames parametric studies of the  generalized C-5 ty-pe airplane are  given 
i n  f igures  8 and 9. The same i n - f l i ~ h t  simulator t h a t  was used i n  the SST 
studies a t  the Langley Research Center was employed for  these t e s t s .  Data a re  
presented f o r  both ground-based and in - f l i&t  simulator resu l t s .  
I n  figure 8, Cooper p i lo t  ra t ing i s  plot ted as  a function of the longitu- 
C?inzl stah5lit.y paymeter %2. The term %* i s  the  square of the  undamped 
natural  frequency of the short-period osci l la t ion.  These data a r e  f o r  a 
l imited variation of control sens i t iv i ty ,  t ha t  i s ,  f o r  values of pitching accel- 
erat ion divided by column deflection 8/ac from 0.03 t o  0.07. The damping 
r a t i o  was 0.6 t o  0.9, and the phugoid s t a b i l i t y  was posit ive.  Reasonably 
f a i r  agreement i s  obtained between the  ground-based simulator r e su l t s  and the 
in- f l ight  simulator resul ts .  The ground-based simulator i s  a moving-base s i m -  
l a t o r  which used pitch a31d r o l l  a t t i t ude  cues during the t e s t s .  The sat isfac-  
tory and unsatisfactory boundaries a re  related t o  the p i l o t  ra t ing scale.  (see 
tab le  111.) The trends of the data i n  figure 8 show tha t  t he  p i l o t  ra t ings 
a re  sensi t ive t o  variations i n  the longitudinal s t a b i l i t y  parameter f o r  values 
l e s s  than about 1.2; however, the p i l o t  ra t ings are  re la t ive ly  insensi t ive t o  
variations fo r  higher values of the  parameter. The data a l so  show t h a t  values 
of q2 l e s s  than about 0.8 appear t o  be unsatisfactory. The value of %2 
f o r  the  generalized C-5 type airplane i s  appraximately 0.5 and the value f o r  
present j e t  transports i s  approximately 1.4. The re la t ive ly  low value of the  
parameter f o r  the C-5 type airplane is caused by the high moments of i n e r t i a  
and low approach speeds. 
Longituhnal control sens i t iv i ty  i s  also an important parameter, a s  i l l u s -  
t r a t e d  i n  figure 9. Pi lo t  ra t ing  i s  plot ted as  a function of the  control sen- 
s i t i v i t y  parameter / (pitching acceleration divided by column deflection) 
f o r  a r e s t r i c t ed  range of the longitudinal s t a b i l i t y  parameter from 0.75 
t o  0.85 and f o r  a minimum column deflection (required f o r  m a x i m  moment) of 
approximately 5 inches. The darnping r a t i o  and phugoid s t a b i l i t y  were the same 
a s  f o r  figure 8. There i s  f a i r  agreement between ground-based and in- f l ight  
data with the f l i g h t  values having poorer p i lo t  ratings.  A s  would normally be 
expected, variations i n  the control sens i t iv i ty  i n  the lower range cause large 
changes i n  p i l o t  rating. It can be seen tha t  values of 8/Eic l e s s  than 0.02 
a re  generally undesirable. Inasmuch a s  the values of t h i s  parameter f o r  the  
C-5 ty-pe airplane f a l l  i n  t h i s  general area, t h i s  airplane may encounter lon- 
gitudinal control problems. 
Lateral-Directional Aerodynamic Characteristics 
Results of Langley Research Center t e s t s . -  The la teral-direct ional  charac- 
t e r i s t i c s  of the generalized SST type configurations investigated a t  the  Langley 
128 
Research Center were satisfactory, and the e f f ec t s  of the d i f fe rent  i n e r t i a  
r a t io s  were not noticeable i n  the roll-to-yaw coupling of the Dutch r o l l  motions 
a t  the approach speeds used. 
The unaugmented Dutch r o l l  character is t ics  of these airplanes a re  shown i n  
figure 10. Shown i n  the  figure are data f o r  t h e  marginally sat isfactory,  unaug- 
mented present j e t  transports p i lo t  ra t ing 9 t o  41 and the  unaugmented ( 2 2 1 
variable-geometry and de l ta  type SST airplanes p i l o t  ra t ings of 3 and $, 
respectively). The f a c t  that the frequencies of the  SST1s are  somewhat lower 
than those of the present j e t s  indicates t h a t  the  SST's would normally be given 
poorer p i l o t  ratings.  However, the increased damping r a t i o  f o r  the supersonic 
transports resu l t s  i n  the satisfactory p i l o t  ra t ings of 3 and *. The de l ta  
type configuration was not rated higher than 9 because the  low damping charac- 2 
t e r i s t i c s  of the ro l l ing  mode tended t o  cause the  p i l o t s  t o  overshoot the desired 
r o l l  angles when giving r o l l  control. 
Results of Ames Research Center tes t s . -  Some of the Ames Research Center 
r e su l t s  re la ted  t o  la teral-direct ional  parameters a re  given i n  figures 11 and 12. 
Figure 11 shows the variat ion of p i l o t  ra t ing  with the  Dutch r o l l  damping param- 
e t e r .  The Dutch r o l l  damping parameter (&,%) i s  the  damping r a t i o  multiplied by 
the  undamped natural  frequency. There i s  good agreement between ground-based 
and in-f l ight  simulator data. These data indicate t h a t  damping and frequency 
are  important, par t icular ly i n  the lower ranges where the p i l o t  ra t ing  changes 
markedly f o r  small changes i n  the damping parameter. The generalized C-5 type 
airplane and present j e t  transports both have Dutch r o l l  damping parameters of 
approximately 0.1, and thus they would be i n  an area where Dutch r o l l  problems 
could occur. A s  a resu l t ,  augmentation may be required t o  improve the f l i g h t  
character is t ics  of the C-5 type airplane. 
The ef fec t  of the variation of the  l a t e r a l  control sens i t iv i ty  parameter / ( ro l l ing  velocity divided by wheel deflection) i s  shown i n  f igwe .  12. I n  
t h i s  figure, the p i lo t  ra t ing i s  plot ted a s  a function of t h i s  parameter f o r  
configurations with good turn  coordination and Dutch r o l l  damping. For these 
data, roll-time constants from 0.5 t o  0.75 were used, and the t e s t s  only con- 
sidered wheel deflections required f o r  a maximum ro l l ing  moment of between 300 
and 900. The slugglsh and too-sensitive areas shown i n  the f igure were estab- 
l i shed  from ground-based simulator studies.  Agreement between ground-based and 
in- f l ight  simulator studies i s  good. The small crosshatched area i n  the lower 
right-hand side of the figure shows a single ground-based-simulator condition 
p lo t ted  t o  indicate what happens t o  p i l o t  ra t ing  a s  l a t e r a l  control becomes too 
sensi t ive.  These data indicate  that a value of the r o l l  control sens i t iv i ty  
parameter $/% between 0.6 and 0.7 would apparently be the optimum se t t ing  
f o r  a i r c r a f t  of t h i s  s ize.  The generalized CS.5 type airplane i s  located on the 
lower side of t h i s  range, having a value of e /& of approximately 0.4. For 
these t e s t s ,  i n  which parameter variations were being studied, l a t e ra l -  
direct ional  augmentation was used. The C-5 type airplane may a lso  require some 
form of augmentation because of the roll-to-yaw coupling a t  the low approach 
speeds. Results of t e s t s  re lated t o  t h i s  roll-to-yaw coupling problem a re  dis-  
cussed i n  references 3 and 4. 
I n  addition t o  the requirement f o r  a minimum value of $/s,, .. . the  i n i t i a l  
ro l l ing  response i s  important. P i l o t  opinion of i n i t i a l  r o l l  response i n  terms 
of bank angle attained 1 second a f t e r  control i n i t i a t i o n  i s  given i n  
reference 5 .  
CONCLUDING FEMAFKS 
pue r e = ? A t ~  =f the in-f l i&t s i E L ~ t i = n  t e s t s  sf ve,-; large J e t  t r z~sp=r+ , s  
can be summarized a s  follows: 
1. Sluggish i n i t i a l  pitch response was apparent and was considered a prob- 
lem by the p i l o t s  . 
2. Undesirable transient response character is t ics  were created by the low 
frequencies of the longitudinal short-period motion. 
3.  For the configurations tested,  it appears tha t  some sor t  of s t ab i l i t y -  
augmentation system w i l l  be necessary t o  correct the sluggish i n i t i a l  pi tch 
response and the undesirable t ransient  response caused by the low frequency of 
the longitudinal short -peri od motion. 
4. For the de l ta  type SST configuration, the speed-thrust i n s t a b i l i t y  did 
not present any appreciable problem f o r  the par t icu lar  p i l o t  evaluation tasks 
used i n  these t e s t s .  However, more t h r o t t l e  ac t iv i ty  and p i l o t  workload were 
required t o  perform the same evaluation tasks.  
5. In the t e s t s  of the C - 5  type airplane conducted a t  the Ames Research 
Center, there was reasonable agreement between the ground-based and in- f l ight  
simulator studies. 
6. Roll-to-yaw coupling did not cause any noticeable problems f o r  the 
configurations and parameters tes ted.  However, the C-5  type airplane may 
require some form of la teral-direct ional  s t a b i l i t y  augmentation. 
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TABLE I 
LA'RGE JET- TRANSPORT CHARACTER1 STlCS 
D m A  VARIABLE- C-5 TYPE 
TYPE GEOM.T_YPE TRANSPORT I m 1 SST 1 
FUTURE JET TRANSPORT I I PRESENT JET TRANSPORT I 
MOMENT OF INERTIA: 
PITCH 
ROLL 
YAW 
WMPED ERIOD: 
LONG.SHORT PERIOD 
DUTCH ROLL MOTION 
3.6 
. 6  
2.4 
2.3 
1.2 
3.5 
.8 
2.4 
6 .O 
4.9 
5 .3  
1.3 
1.5 
1.3 
1.4 
TABLE I1 
SST SIMULATION FUNCTIONS 
FUNCTION SYSTEM USED 
PITCH AXIS LONGITUDINAL CONTROL 
I ROLL AXIS I LATERAL CONTROL I YAW AXIS I DIRECTIONAL CONTROL 
LIFT 
DRAG 
MODULATED SPOILERS 
MODULATED THRUST REVERSERS 
GROUND EFFECTS RADAR ALTIMETER 
/ 
TABLE III 
COOPER PI IBT RAT1 N G SYSTEM 
-. 
OPER. ADJECTIVE NUMER. DESCRIPTION I ICAN BE1 COM). RATING RATING ACLCCOMF! LArmED' 
I EXCEL, INCLUDES OPT. 
NORMAL SATIS- 2 GOOD, PLEASANT TO FLY 
OPER. FACTORY 3 SAT BUT WITH SOME 
MIL~LY UNPLEASANT 
CHARACTERISTICS 
UNSATIS- 5 UNACCEPTABLE FOR 1 5E%G 1 FACTORY 1 1 NORMAL OPERATION ACCEPTABLE FOR EMERG. CONDITION ONLY" 
- 
4 ACCEPTABLE BUT WITH 
UNPLEA~AN~ CHARAC- 
TERlSTlCS 
..- 
YES 
YES 
YES 
DANGER- 
UNACCEPTABLE- UNCON- 
TROLLABLE 
YES 
YES 
YES 
YES 
I I I I 
CmA- 10 MOTIONS POSSIBLY VD- I I STROPHE I I LENT ENOUGH TO PRE- VENT ESCAPE I I N O I  
-I 
YES 
I I I I I 1 I 
* FAILURE OF A STABILITY AUGMENTER. 
DOUBTFUL UNACCEPT- 7 UNACCEPTABLE EVEN ABLE FOR EMERG. COND. NO 
IN-FLIGHT SIMULATOR 
L-2679-3 
Figure 1 
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Figure 2 
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Figure 3 
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Figure 4 
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Figure 5 
TIME 
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LONGITUDINAL STABILITY 
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10. ASSZSSMENT OF TBE EFFECTS OF INLEI' SPILLAGE, BYPASS, AND 
BLEED AIR ON TRE PERFORMANCE OF SUPERSONIC CRUISE AIRPLANES 
By W e l l  E. Hasel, Robert L. Weirich, 
and Vincent R. Mascitt i  
NASA Langley Research Center 
The drags created by the overboard discharge of the excess i n l e t  airflow 
during acceleration and of the i n l e t  bleed air during cruise  axe c r i t i c a l  fac- 
t o r s  i n  determining the  performance of long-ran* supersonic cruise airplanes.  
Bypassing some of the excess a i r  t o  the  ejector  during acceleration can reduce 
very s ignif icant ly the excess air drag. Bleed drag reductions during cruise  
are  at ta inable  by ta i lor ing  of bleed and vortex-generator systems t o  increase 
the pressure recovery f o r  a given bleed flow, by ducting flow t o  the ejector,  
and by surface inject ion t o  reduce the skin f r i c t ion .  
The cruise i n l e t  pressure recovery which r e su l t s  i n  maximum airplane per- 
formance is  strongly influenced by bleed drag. Unless the bleed drag can be 
made qui te  small, the potent ial  performance benefi ts  associated with oper- 
a t ing  the i n l e t  at i t s  maximum pressure recovery a re  not achievable. 
INTRODUCTION 
For long-range supersonic cruise airplanes such as the supersonic t rans-  
por t  (SST) the payload i s  very sensi t ive t o  drag. Quite l i t e r a l l y  t h i s  s i tu -  
a t ion  has made it necessary t o  fight f o r  every drag count and t o  examine 
closely potent ial  methods of reducing each drag item. Such an examination 
must include the drags created by the discharge of the excess i n l e t  and 
boundary-layer bleed air. I n  th i s  paper these sources of drag are  considered 
and known methods of reducing the associated performance penalties,  e i ther  by 
optimization o r  drag reduction techniques, are reexamined. Few, i f  any, new 
concepts a re  suggested t o  those who are  closely associated with the design of 
propulsion systems. 
SYMBOLS 
A area, f t 2  
A, i n l e t  capture area, f t 2  
cv nozzle veloci ty  coefficient 
D drag, l b  
I engine net thrust,  l b  
m airflow, lb/sec 
'I4 Mach number 
p t  t o t a l  pressure, l b / f t2  
9 dynamic pressure, l b / f t2  
Subscripts : 
di s +ischarged eir 
2 engine face 
03 f ree  stream 
INLET-ENGINE AIWLOW MATCHING 
As a s ta r t ing  point fo r  t h i s  discussion the typica l  inlet-engine airflow 
matching characteristics for  the supersonic transport  a re  reviewed i n  figure 1. 
The ordinate i s  the conventional mass-flow r a t i o  term i n  which the various air- 
flow quantit ies,  denoted by m, a r e  referenced at each Mach number t o  m 
Ac' 
the  airflow i n  a stream tube with an area equal t o  the  i n l e t  area Ac. A t  the 
design Mach nmber of 2.7, the i n l e t  i s  sized t o  s a t i s f y  the airflow require- 
ment s of the engine, cabin air-conditioning system (narrow unshaded s t r ip ) ,  
nozzle cooling, i n l e t  boundary-layer bleed, and the  bypass control system. A t  
Mach numbers below the design value, the airflow requirements decrease s i g n q -  
icant ly  as  shown by the lower heavy l ine .  The amount of air delivered by the 
i n l e t  a l so  decreases, as  indicated by the  upper heavy l ine ,  because of the 
shock spi l lage ahead of the i n l e t  l i p .  The in l e t ,  however, supplies more air 
than the system requires and the excess air, which i s  ca l led  bypass i n  the f ig -  
ure, must be discharged overboard as  i l l u s t r a t ed  in the l e f t  schematic sketch 
a t  the top of the figure. 
Typical values of the drag coeff ic ient  which a r e  created by discharging 
overboard the spillage, bypass, and i n l e t  bleed air a re  shown i n  figure 2. The 
drag coefficient i s  based on the i n l e t  area Ac. A t  cruise  conditions, 
M, = 2.7, most of the drag originates from the  boundary-layer bleed air. A t  
lower speeds, the drag coefficient is  considerably la rger  and i s  primarily due 
t o  the  spi l lage and bypass a i r .  The drag l eve l  is  equivalent t o  about 3 per- 
cent of the t o t a l  airplane drag at cruise and t o  8 o r  g percent a t  transonic 
speeds. I f  the bleed and by-pass drag could be completely eliminated during the 
cruise  portion of the f l igh t ,  the t o t a l  mission f u e l  consumption for  a 
500 000-pound SST airplane with typica l  aerodynamics would be reduced about 
4500 pounds. This i s  a s ignif icant  f u e l  saving when compared with the 
40 000-pound payload. (A similar study is  contained i n  r e f .  1. ) Elimination 
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of a l l  the spillage, bypass, and bleed drag during the  acceleration portion of 
the f l i g h t  would reduce the fue l  consumption by an additional amourit of about 
2000 pounds, or somewhat l e s s  than one-half of the 4500-pound cruise  fue l  incre- 
ment. The acceleration fue l  increment due t o  a given l eve l  of drag, such as 
t h a t  given i n  figure 2, can vary by large amounts, depending on the airplane 
and engine character is t ics  and the f l i g h t  -path res t r ic t ions .  The primary con- 
t r o l l i n g  fac tor  i s  the thrust-minus-drag margin of the  airplane. A s  the thrus t -  
minus-drag margin decreases the f u e l  increment w i l l  increase. Generally, the 
acceleration f u e l  increment i s  small for  the  SST, but it can be la rge  i f  the  
thrust  -minus -drag margin becomes too  small. 
DRAG REDUCTION DURING ACCEURATION 
Several approaches may be used t o  reduce the discharged-air drag during 
acceleration. (see refs.  2, 3, and 4.)  A t  transonic speeds a trade-off i s  
normally made between the amount of a i r  sp i l led  and bypassed so tha t  the r e su l t -  
ant  drag is  minimized. A primary problem here i s  the accurate assessment of the  
spi l lage drag because of the d i f f icu l ty  of determining the drag reduction due 
t o  suction forces on the l i p  and forward portion of the cowl. This subject i s  
discussed i n  paper no. 12 by Anderson, Petersen, and Sorensen. 
The excess-air drag may be s igni f icant ly  reduced by ducting a portion of 
the  bypass air around the  engine in to  the variable-area ejector  nozzle. .The 
reason tha t  such an improvement can be achieved i s  shown i n  f igure 3 .  The 
ordinate i s  an incremental force divided by the free-stream dynamic pressure 
and the  free-stream tube area of the  bypass a i r .  When the a i r  i s  discharged 
through a typica l  bypass nozzle, the drag coefficient indicated by the shaded 
area labeled "bypass nozzle" i s  produced. Analysis of data presented i n  r e f -  
erence 5 indicates tha t  when the bypass air i s  discharged as secondary air 
t h r  ugh the engine ejector  nozzle the  nozzle performance may actual ly  be 
Im I# oved and an increase i n  net thrus t  produced. The magnitude of the net 
' thrust increase is  indicated by the  shaded area labeled "engine ejector  nozzle." 
The net thrust-coefficient increment i s  largest  at  transonic speeds where the 
thrust-minus-drag margin i s  normally smallest. To i l l u s t r a t e  the potent ial  
benefi ts  of bypassing a i r  t o  the nozzle, the discharged-air drag presented i n  
f igure  2 was  recomputed f o r  the case i n  which a portion of the bypass a i r  
( f ig .  1 )  equal t o  5 percent of the engine a i r  was exhausted through the e jec tor  
nozzle. The lower drag l eve l  reduced the acceleration f u e l  consumption incre- 
ment by about 40 percent. 
Several comments should be made with regard t o  the use of the bypass air 
i n  the e,jector nozzle. F i r s t ,  the amount of a i r  which can be e f f i c i en t ly  used 
i n  t h i s  manner w i l l  be determined by the nozzle pumping character is t ics .  A t  
present only a l imited amount of data i s  available f o r  determining these char- 
a c t e r i s t i c s  fo r  high-efficiency nozzles. Second, ducting the bypass air around 
the engine t o  the nozzle w i l l  probably require an increase i n  f ron ta l  area of 
the  nacelle and an increase i n  nacelle weight. However, because of the favor- 
able  wing-nacelle interference effects  which a r e  known t o  be achievable during 
cruise, the increase of nacelle f ron ta l  area w i l l  not necessarily r e su l t  i n  an 
adverse e f fec t  on overall  performance. 
1 OPTIMIZATION OF INLET PERFORMANCE DURING CRUISE 
It may be recalled frm the previous discussion tha t  during the cruise 
portion of the f l i g h t  the t o t a l  mission f u e l  increment a t t r ibutable  t o  bleed 
and bypass drag w a s  about 4500 pounds. About three-fourths of t h i s  f u e l  incre- 
ment, o r  3400 pounds, i s  due t o  the bleed drag. 
One approach t o  the bleed drag problem i s  t o  make a trade-off between 
i n l e t  pressure recovery and bleed drag so that  airplane performance is  maxi- 
mized. A thorough optimization of t h i s  type involves a complex procedure but 
the basic concept can be i l l u s t r a t ed  by the very simplified method outlined as 
follows (see also ref .  6): 
Objective: Minimize fue l  flow 
I Fuel flow = Thrust X Specific f u e l  consumption 
Thrust = Dbasic airplane + Dbypass + %leed 
Specific fuel  consumption = f 
Since the airplane i s  at  cruising conditions the performance may be judged 
on the basis  of f u e l  flow. Hence, the objective i s  t o  minimize the f u e l  flow. 
I n  other words, the product of thrus t  and specif ic  fue l  consumption must be 
minimized. Since thrust  must equal drag the thrus t  i s  equal t o  the sum of the 
drag of the basic airplane (which does not change with pressure recovery) and 
the drag of the bleed and bypass flows. Specific f u e l  consumption i s  a func- 
t i o n  of the thrus t  and the i n l e t  pressure recovery. 
This procedure can be fur ther  understood by the use of the typical  s e t  of 
inlet-gressure-recovery data ( f ig .  4 )  which were obtained by the Ames Research 
Center a t  a Mach number of 3.  In l e t  pressure recovery i s  plot ted as  a function 
of i n l e t  mass-flow rat io .  The i n l e t  i s  an axisymmetric design. The boundary- 
layer-bleed configuration consists of annular rows of holes located on the 
centerbody and cowl in the supersonic diffuser  and at the  i n l e t  throat.  The 
bleed a i r  from the centerbody passes through s t r u t s  t o  reach the external sur- 
face of the nacelle.  Bleed mass-flow and pressure recovery were measured fo r  
each of these four sets of bleed holes concurrent with the  i n l e t  recovery and 
mass-flow measurements. The data  presented i n  figure 4 indicate tha t  as  the 
pressure recovery decreases the bleed flow decreases. Hence the bleed drag and 
the required engine thrust decrease. On the  other hand, the  engine specif ic  
fue l  consumption increases as pressure recovery decreases. Since the specific 
f u e l  consumption and thrust vary i n  opposite directions as the pressure recovery 
changes a minimization of the f u e l  flow may be possible. 
It should be mentioned tha t  i n  an optimization of t h i s  type the i n l e t  s i ze  . 
decreases as the pressure recovery decreases because the i n l e t  i s  sized at each 
value of pressure recovery t o  match the decreasing airflow requirements of the 
engine, bleed system, and bypass control system ( 2  percent of i n l e t  flow). For 
example, i n  the  optimization study which follows only the portion of the curve 
i n  f igure 4 extending from pressure-recovery values of 0.923 t o  0.887 i s  con- 
sidered. The corresponding reduction i n  i n l e t  capture area i s  6.4 percent. 
The drag created by discharging the bleed air depends on the  e x i t  nozzle 
configuration. (see appendix. ) The drag values presented as a function of 
i n l e t  pressure recovery i n  figure 5 were calculated by assuming tha t  t he  air 
was discharged through four s m i c  nozzles with nozzle velocity coeff ic ients  
of 0.985. The t o t a l  pressure of t h e  bleed air removed from the supersonic d i f -  
fuser  varied from 0.12 t o  0.20 of the  free-stream t o t a l  pressure. The corre- 
sponding values f o r  the  air removed from the i n l e t  throat  region varied from 
about 0.24 t o  0.43. The amount of bleed air was established by s izing the  
i n l e t  t o  supply the air required by typica l  SST turbojet  and turbofan engines 
operating at 65 000 fee t .  A t  the highest i n l e t  pressure recovery the bleed 
drag is  about 1130 pounds f o r  the turbofan engine and 800 pounds f o r  the turbo- 
j e t .  These values decrease about 20 percent when the design i n l e t  pressure 
recovery decreases from 0.923 t o  0.887. 
The bypass-control-air drag w a s  computed i n  a s i m i l a r  manner by assuming 
a pressure-recovery value of 0.93 of the i n l e t  recovery. These drag values 
(not presented i n  f i g .  5 )  are  about 14 percent of the bleed-drag values at  the  
highest pressure recovery and decrease s l igh t ly  as  the pressure recovery i s  
reduced because of the decreasing i n l e t  s ize.  
The f u e l  flow variations for both engines a re  shown i n  figure 6. Fuel 
flow, expressed i n  pounds/hour/engine, i s  plot ted as a function of i n l e t  pres- 
sure recovery. The basic airplane drag, which does not vary with i n l e t  pressure 
recovery, has been assumed t o  be equal t o  the minimum augmented or 10-percent 
augmented thrus t  output of each engine a t  an i n l e t  pressure recovery of 0.923. 
The fue l  flow of the turbofan engine i s  essent ia l ly  constant over the range of 
i n l e t  pressure recoveries considered. There i s  some increase i n  the  turbojet  
f u e l  flow as pressure recovery decreases. This increase is  larger  f o r  the  
10-percent augmented case and amounts t o  about 220 pounds/hour/engine. The 
resu l t s  of a complete optimization would account f o r  other effects ,  such as 
i n l e t  weight and skin-friction drag, spil lage and bypass-air drag during accel- 
eration, and nacelle-airframe wave-drag interference. Inclusion of these 
e f fec ts  could very well a l t e r  the fuel-flow curves t o  favor, more than i s  shown 
i n  f igure 6, the i n l e t  designed f o r  operation at the lower pressure recoveries. 
The point t o  be made from these curves i s  tha t  a s ignif icant  performance pen- 
a l t y  does not necessarily resul t  when the propulsion system i s  designed t o  
operate a t  l e s s  than the maximum recovery at ta inable  with a given i n l e t .  Fur- 
thermore, other factors,  such as internal-flow s t a b i l i t y  and hot-day operation, 
may be improved by the selection of the lower recoveries as the design point. 
It i s  of in te res t  t o  carry the study one step fur ther  and note the e f fec t  
on f u e l  flow of increasing the in l e t  maximum pressure recovery ( f ig .  7)  by 
reducing the  back pressure on the throat  boundary-layer bleed holes. The dis-  
cussion thus f a r  has been based on a configuration which at ta ined a maximum 
pressure recovery of 0.923. Decreasing the back pressure increased the  maxi- 
mum pressure recovery to  0.934 and increased the aiiount of bleed a t  a given 
recovery. 
The corresponding fuel-flow curves for  the turbojet  engine a re  shown i n  
f igure 8. A t  a given value of pressure recovery the f u e l  flow i s  l e s s  f o r  the 
i n l e t  which has the lower max imum recovery. This difference would be expected 
because of the lower bleed flows of t h i s  i n l e t .  The most interest ing point t o  
note i n  f igure 8 i s  that  the minimum f u e l  flow of the higher recovery i n l e t  
exceeds that  of the lower recovery i n l e t  over most of the pressure recovery 
range considered. Admittedly the differences a re  small but the point can 
nevertheless be made that  the best  i n l e t  for  a cruise vehicle cannot be selected 
solely on the bas is  of maximum at ta inable  pressure recovery. As w i l l  be empha- 
sized l a t e r ,  one should not conclude from t h i s  analysis that  the attainment of 
high pressure recovery i s  not an important i n l e t  research goal. The research 
challenge i s  t o  obtain the high recoveries with low rates  of bleed flow. This 
may be accomplished by such methods as detailed ta i lor ing  of the bleed system 
and of the vortex-generator patterns i n  the subsonic diffuser.  This area of 
research i s  discussed i n  paper no. 11 by Sorensen, Anderson, Wong, and Smeltzer. 
As i s  discussed more completely i n  the appendix, the slope and l eve l  of 
the fuel-flow curves ( f ig .  8) m e  dependent on the  relationship between bleed 
drag and i n l e t  pressure recovery. For example, i f  the  bleed drag could be 
completely eliminated the fuel-flow l eve l  would be lower and the variat ion with 
pressure recovery would be greater than f o r  the cases previously discussed. A t  
the high recoveries the l eve l  is  decreased by about 7 percent. A comparison of 
these curves emphasizes the  importance of minimizing the bleed drag. Reduction 
of the  bleed drag allows more of the potent ial  benefits due t o  the higher i n l e t  
pressure recoveries t o  be realized. 
DRAG REDUCTION DURING CRUISE 
One potent ia l  method of reducing the bleed drag which i s  independent of 
i n l e t  improvements i s  t o  duct the air around the  engine and discharge it in to  
the eJector nozzle. The associated drag penalty i s  shown i n  figure 9. I n  t h i s  
f igure the drag of the bleed a i r  referenced t o  the free-stream dynamic pressure 
and the free-stream tube area of the bleed air i s  plot ted as  a function of 
bleed-air pressure recovery. The drag coefficient produced by discharging the 
a i r  through a sonic nozzle i s  snown by the so l id  l ine .  The shaded area indi- 
cates the drag which might r e su l t  from discharging the a i r  through the engine 
ejector  nozzle. This area is  bounded by the performance of two typical,  high 
efficiency, SST nonafterburning nozzle configurations. (see re f .  5. ) It 
appears possible t h a t  with a proper nozzle design the bleed air might be dis-  
charged with no s ignif icant  drag penalty. 
In paper no. 30, Peterson and Monta discuss inject ion of the bleed air 
in to  the  nacelle boundary layer in  such a manner t h a t  the  nacelle skin f r i c t i o n  
i s  reduced. Based on the l imited amount of data now available ( re f .  7)  the 
drag coefficient which resu l t s  from using the air  i n  t h i s  manner at a Mach nun- 
ber of 3 i s  about 0.2 to  0.3. The research conducted t o  date, however, has not 
been adequate t o  predict the maximum drag reductions at ta inable  by t h i s  
technique. 
CONCLUDING REMARKS 
Cr i t i ca l  drag items are the drag created by the overboard discharge of the 
excess airflow during acceleration and the discharge of the i n l e t  bleed flow 
during cruise.  I f  the bleed flow i s  discharged overboard i n  a conventional 
manner the associated t o t a l  mission f u e l  consumption increment i s  about 
3400 pounds f o r  a typica l  SST configuration. 
Bypassing air t o  the  ejector during acceleration i s  an e f f i c i en t  method 
f o r  disposal of the  excess airflow. This method of drag reduction i s  of par- 
t i c u l a r  in t e re s t  when the acceleration thrust-minus-drag margin i s  small. 
The cruise  i n l e t  pressure recovery which r e su l t s  i n  maximum airplane per- 
formance i s  strongly influenced by bleed drag. Unless the bleed drag can be 
made quite small, the potential  performance benefi ts  associated with operating 
the i n l e t  at  i t s  maximum pressure recovery a re  not achievable. 
Bleed drag reductions during cruise  a re  at ta inable  by t a i lo r ing  of bleed 
snd ~ t e x - g e n e r a t o r  systems to increase the pressure recovery f o r  a given 
bleed f I m ,  by ducting flow to the ejector,  and by surface inject ion t o  reduce 
skin f r ic t ion .  All these approaches have merit, and use of them should r e su l t  
i n  improvements i n  over& airplane performance. 
INS- DRAG OF DISCHARGED-AIR NOZZLES 
The drag crea tedby discharging air from various types of nozzles has been 
studied both theoretically and experimentally ( re fs .  8 t o  13). References 8 
and 9 consider the problem i n  d e t a i l  and correlate  the measured drags with 
drags predicted from pressure dis t r ibut ions calculated by the method of charac- 
t e r i s t i c s .  By using the data presented i n  reference 8 and extending the method 
when necessary the drag character is t ics  of a ser ies  of representative nozzles 
have been calculated a t  & = 2.94 and a r e  presented in figure 10. The drag 
i s  referenced t o  the free-stream tube area of the air being discharged and i s  
plot ted as a function of the t o t a l  pressure recovery of the discharged a i r .  
The loca l  external flow was assumed t o  be at  free-stream conditions. These 
drag character is t ics  include all the thrus t  and pressure forces act ing on the 
nozzle surfaces and the pressure forces on the external surface of the door. 
The nozzle veloci ty  coefficient w a s  assumed t o  be 1 for  all configurations. 
The f lush and ax ia l  configurations have no door drag. The ax ia l  sonic and 
ax ia l  complete-expansion nozzles a re  included fo r  reference purposes since, i n  
the past, these configurations have been a convenient basis  f o r  determining 
discharged-air drag. 
Two prac t ica l  sonic nozzle configurations a r e  considered i n  f igure 10. 
For both the f lush and external door designs the flow i s  discharged a t  a 
5 O  angle and the sonic throat was assumed t o  be located at  the l i p  which term- 
inates  the upper surface or door. Both of these nozzles r e su l t  i n  drag levels  
which a r e  higher than tha t  of the  ax ia l  sonic nozzle. 
The pa r t ly  submerged, complete-expansion nozzle discharging at a 5' angle 
i s  an optimum design for 5' f u l l y  expanded nozzles. A t  values of t o t a l  pressure 
recovery l e s s  than 0.25 i t s  drag i s  greater than t h a t  of the a x i a l  sonic nozzle. 
A t  high values of t o t a l  pressure recovery use of t h i s  type of nozzle resu l t s  i n  
a drag l eve l  which i s  quite low. 
The optimization study presented i n  figure 6 w a s  based on the bleed and 
bypass drag generated by axia l  sonic nozzles with a nozzle velocity coefficient 
of 0.985. Most of the discharged-air drag i s  created by the bleed a i r  which 
had pressure-recovery values from 0.12 t o  0.43. Hence, the assumption of sonic 
nozzle drag i s  reasonable, although the resul tant  drags may tend t o  be somewhat 
too large. 
Figures 11 and 12 have been prepaxed t o  indicate the e f f ec t s  which the 
assumptions regarding the bleed and bypass drags may have on the optimization 
resu l t s  presented i n  figure 6. Figure 11 i s  a comparison of the bleed drag for  
the sonic and complete-expansion nozzles. (1 t  should be noted t h a t  t he  
complete-expansion nozzle underestimates the discharged-air drag and may there- 
fore be thought of as a limit-type curve.) The assumption of a complete expan- 
sion nozzle decreases the bleed drag a t  the highest recovery by about 36 per- 
cent and a lso  reduces the slope of the drag curve. The corresponding fuel-flow 
curves for  the turbojet engine are compared in figure 12. The complete- 
expansion-nozzle assumption decreases the f u e l  flow a t  a given value of i n l e t  
pressure recovery, as would be expected, and the  fue l  flow increases a t  a more 
rapid r a t e  as the  design i n l e t  pressure recovery i s  reduced. 
Figure 12 indicates quite clear ly tha t  the  slope and level  of the fuel-  
flow curves are  dependent on the relationship between bleed-air drag and i n l e t  
pressure recovery. As the  bleed drag fo r  a given i n l e t  i s  reduced the slopes 
of tke fuel-flow curves change in such a manner t h a t  the optimum recovery tends 
t o  approach the maximum value. It must be remembered, however, t h a t  when a 
complete optimization i s  made this  trend may not be as def in i te  as shown i n  
figure 12. 
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AXISYMMETRIC SUPERSONIC- INLE;T SYSTEM 
By Norman E. Sorensen, Warren E. Anderson 
Norman D. Wong, and Donald B. Smeltzer 
NASA Ames Research Center 
The r e s u l t s  of approximately t h r ee  years of t heo re t i c a l  and experimental 
research e f f o r t  a r e  summarized f o r  a large-scale two-dimensional and axi-  
symmetric i n l e t  system. A se r ies  of wind-tunnel t e s t s  have provided a back- 
ground of experimental information showing t h e  performance capab i l i t i e s  a t  Mach 
numbers from 0.6 t o  3.2. The primary object ives  were t o  invest igate  r e l a t i v e l y  
shor t  mixed-compression i n l e t  systems with low ex te rna l  drag and t o  achieve 
high performance over the  complete Mach number range with a minimum of engine- 
face  d i s t o r t i on .  The main conclusions a r e  t ha t  the  supersonic por t ion of t h e  
i n l e t  system performed a s  predicted, and t h a t  t h e  main d i f f i c u l t y  i n  achieving 
high performance lay i n  the  throat  and subsonic d i f fuser .  I n  addi t ion,  shor t  
subsonic d i f fu se r s  appear p r ac t i c a l  when vortex generators a r e  employed 
downstream of t h e  th roa t .  
INTRODUCTION 
Air-induction system research and development programs a t  Ames Research 
Center have primarily supported t he  supersonic t ranspor t .  The results,however, 
have a wide range of application t o  other supersonic a i r c r a f t .  A s e r i e s  of 
wind-tunnel t e s t s  f o r  large-scale two-dimensional and axisymmetric i n l e t  systems 
have provided a background of experimental information showing t he  performance 
capab i l i t i e s  over most of the  Mach number range up t o  3.0. The present paper 
is  intended a s  a b r i e f  summary of t he  r e s u l t s  of approximately th ree  years of 
t heo re t i c a l  and experimental research e f f o r t .  
The programs were conceived t o  a t t a i n  three  major object ives .  The first 
objective was t o  invest igate  mixed-compression i n l e t  systems t h a t  were re la-  
t i v e l y  shor t  and had low external  drag i n  an attempt t o  minimize t h e  weight and 
drag while maintaining high in te rna l  performance. The second objective was t o  
achieve high i n t e rna l  performance over the  complete Mach number range, insuring 
maximum vehicle performance not only during c ru i se ,  but a l s o  during climb and 
accelera t ion.  Because t h e  engine-face d i s t o r t i on  of short  i n l e t  systems is  
usually large ,  or  unacceptable, t h e  t h i r d  objective was t o  inves t iga te  means 
f o r  control l ing the  d i s to r t ion  t o  within acceptable l eve l s .  
Sat is factory performance of t h e  supersonic t ranspor t  has demanded propul- 
s ion systems with light-weight high-performance i n l e t s .  This has l ed  t o  r a t h e r  
sophist icated designs which employ high i n t e rna l  contraction supersonic 
d i f fusers  i n  combination wi th  r e l a t i v e l y  shor t  subsonic d i f fu se r s .  Figure 1 
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shows the  two-dimensional model mounted i n  t h e  t e s t  sect ion of t he  supersonic 
wind tunnel.  ' It i s  designed f o r  a Mach number of 3.0 and is capable of perform- 
ing a t  off-design Mach numbers by opening t he  th roa t .  The i n l e t  i s  square, 
having a 14- by 14-inch capture area,  and can be considered half  of a complete 
i n l e t  system feeding one engine. The ex te rna l  protuberances would not normally 
be present on an actual  i n l e t  and a r e  pecul iar  t o  t he  r m p  and boundary-layer- 
bleed control  system of t h i s  model. 
Figure 2 shows the ax i syme t r i c  model mounted i n  t h e  t e s t  sect ion of t he  
transonic wind tunnel.  It i s  a l s o  designed f o r  Mach number 3.0. The model has 
a 20-inch capture diameter and i s  capable of performing a t  off-design Mach 
numbers by t r ans l a t i ng  t h e  centerbody. The small protuberances v i s i b l e  ins ide  
t h e  i n l e t  a r e  vortex generators which have co r t r c l l ed  the engine-face d i s to r -  
L . blon. As mentioned for  the  two-dimensional model, t he  ex te rna l  protuberances 
a r e  pecul iar  t o  t h i s  model and would not normally be present on an ac tua l  i n l e t .  
Both models a r e  a s  large a s  p r ac t i c a l  f o r  the  t e s t  f a c i l i t y  and can be con- 
sidered 1/4 t o  1/2 f u l l  sca le .  The models were t e s t e d  i n  t h e  wind tunnel  p r i -  
marily t o  determine the i n t e rna l  performance and bleed requirements from Mach 
number 0.6 t o  3.2 a t  angles of a t t a ck  and s i d e s l i p  up t o  8'. The Reynolds 
number per foo t  a t  Mach number 3.0 was about 2x10' which corresponds t o  t he  
Reynolds number per  foot a t  65,000 f e e t .  
SYMBOLS 
D capture diameter, axisymmetric i n l e t  
mb2 bleed mass flow 
free-stream mass flow 
M, free-stream Mach number 
PtB t o t a l  pressure a t  engine face  
- 
Pt2 area  weighted average t o t a l  pressure a t  engine face  
Pt, free-stream t o t a l  pressure 
a angle of a t t a ck  
I l3 angle of s i d e s l i p  
TWO-DIMENSIONAL RESULTS 
Sat isfactory comparisons of two-dimensional and axisyrmnetric i n l e t s  a r e  
d i f f i c u l t  t o  make, and as  a consequence each i n l e t  w i l l  be discussed separate ly .  
Figure 3 is  a sketch of t h e  two-dimensional model. The var iable  ramp assembly 
is  positioned by ad jus t ingkhe  height of t he  throat  ramp which can be 
d i f f e r e n t i a l l y  actuated f o r  optimization of t h e  ar&a var ia t ion  i n  t h e  th roa t  
region. The angle of t he  i n i t i a l  ramp compression surface i s  f ixed  a t  7 O .  The 
lower cowl surface can be t rans la ted  a f t ,  t o  t he  posi t ion indicated,  f o r  opera- 
t i o n  a t  Mach numbers lower than about 1.75. This t r a n s l a t i o n  provides f o r  
e f f i c i e n t  external  compression and sp i l l age  a t  low off-design Mach numbers. 
Perforated ramp and side-wall surfaces allow the  boundary layer  t o  bleed i n to  
th ree  compartmented zones located above the  ramps and then through ducts t o  
control lable  e x i t  plugs. Bleed flows from t h e  cowl and forward s ide  w a l l  a r e  
dumped d i r e c t l y  t o  t he  outs ide  airstream. Total  pressure rakes a r e  located a t  
t h e  simulated engine face .  Vortex generators, which w i l l  be discussed sub- 
sequently, have been located i n  the th roa t  region on t h e  ramp and cowl surfaces,  
with e ight  on the  cowl and e ight  on t he  ramp. The de t a i l ed  design of the  
vortex generators follows t he  procedures of reference 1. 
I n i t i a l  t e s t s  were completed on t he  shor t  subsonic d i f fuser ,  which repre- 
sen t s  an equivalent conical  angle of about 9'. The maximum turning angle of 
t h e  ramp surface was 25' . Design modifications, shown by t he  dashed l i n e s ,  
r esu l ted  i n  a subsonic d i f fuser  which is  equivalent t o  a 7' conical  angle. 
With a s l i g h t  increase i n  length, t he  ramp turning r a t e s  were reduced t o  a 
maximum of 16'. 
Even though the  off-design performance i s  important, t h e  design perform- 
ance is usual ly  more important. Figure 4 indicates  t h e  supe rc r i t i c a l  perform- 
ance a t  Mach number 3.0 and zero angle of a t t a ck  and s ide s l i p .  Engine-face 
' pressure recovery and d i s to r t i on  a r e  p lo t ted  as a function of boundary-layer- 
b leed mass-flow r a t i o .  The more usual  abscissa  f o r  a supe rc r i t i c a l  p lo t  i s  
engine-face mass-flow r a t i o ,  which is  merely t h e  di f ference between 1 and t h e  
boundary-layer-bleed mass-f low r a t i o  . 
I n i t i a l  t e s t s  of t h e  two-dimensional i n l e t  model u t i l i z i n g  t h e  shor t  sub- 
sonic  d i f fuser  indicated t h a t  flow along t he  ramp surface i n  t he  subsonic 
d i f f u s e r  was separated. A to ta l -pressure  recovery of 87 percent was achieved 
with a bleed mass-flow r a t i o  of about 13 percent with about 17-percent d i s to r -  
t i o n .  The modified system, as mentioned previously, had a subsonic d i f fuser  
with reduced turning angles on the ramp surface.  The modification resu l ted  i n  
a peak pressure recovery of about 88 percent with about 14-percent bleed, but  
t he  d i s t o r t i on  l eve l s  were high, 12 t o  16 percent, because of flow separation 
on t h e  subsonic ramp surface similar  t o  t h a t  experienced with t h e  shor ter  
d i f fu se r .  Since a d i s t o r t i on  of 10 percent i s  considered a nominal maximum, 
t h e  forced mixing pr inc ip le  employing vortex generators was invest igated f o r  
reducing t h e  d i s to r t ion .  The t e s t  r e s u l t s  show t h a t  adding four  p a i r s  of vor- 
t e x  generators across t h e  width of t h e  ramp s ide  eliminated separated flow and 
reduced the  d i s t o r t i on  t o  8 percent with a peak recovery of 90 percent.  Plac- 
ing  vortex generators on both the cowl and ramp fur ther  reduced t h e  d i s t o r t i o n  
t o  5 percent but  increased mixing losses  i n  the  flow near t h e  cowl surface,  
and resu l ted  i n  a s l i g h t  decrease i n  t h e  maxhum a t t a inab l e  recovery. The 
bleed mass-flow r a t i o  f o r  t he  bleed configuration used i n  t h i s  s e r i e s  of t e s t s  
increased from about 11.5 percent t o  about 14.5 percent a s  a r e s u l t  of t h e  
terminal  shock wave moving over t h e  porous bleed surfaces i n  t h e  th roa t .  The 
dashed l i n e  is  t he  envelope of peak performance f o r  o ther  bleed configurations.  
To avoid confusion t h e  supe rc r i t i c a l  performance f o r  a l l  configurations was 
not p lo t t ed ,  but  t he  trade between peak performance and bleed appears t o  be 
about a 1-percent increase i n  pressure recovery f o r  1-percent increase i n  
boundary-layer bleed.  
The e f f e c t  of vortex generators on engine-face d i s t o r t i on  i s  fu r t he r  
c l a r i f i e d  i n  f i gu re  5. This s l i d e  presents to ta l -pressure  r a t i o  p ro f i l e s  a t  
t he  engine face ,  measured by a v e r t i c a l  center- l ine  rake, f o r  t h e  peak recovery 
condit ions of t h e  previous figur.?. Without vortex generators t h e  p r o f i l e s  f o r  
both the  shor t  and modified i n l e t  a r e  highly d i s t o r t ed .  Adding vortex genera- 
t o r s  on t h e  ramp s i d e  eliminated separation and improved t he  p r o f i l e  mostly 
near t he  ramp s ide ,  leaving t h e  d i s t o r t i on  near t he  cowl s i de  much a s  it was. 
The addi t ion of generators on t h e  cowl s ide  improved the  p r o f i l e  t o  t he  point  
where the  d i s t o r t i o n  was reduced t o  about 5 percent. The vortex generator 
t e s t s  were l imi ted,  and f 'urther improvements might be poss ible .  
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The performance a t  angles of a t t a ck  and s i d e s l i p  has shown some in t e r e s t -  
r e su l t s .  Figure 6 shows t he  peak pressure recoveries a t  Mach numbers 3.0 
2.5 f o r  the  shor t  and modified i n l e t s .  A s  is  expected t he  peak recovery a t  
l e  of a t t a ck  is  d i f fe ren t  from the  recovery a t  angle o f  s i de s l i p ,  t he  l a t t e r ,  
shown by the  dashed curves, having t he  lower recoveries.  Two in t e r e s t i ng  
r e s u l t s  a r e  t o  be noted. One is t h a t  the  di f ference i n  recovery a t  angle of 
a t t a c k  and s i d e s l i p  i s  considerably g rea te r  a t  Mach number 3.0 than a t  2.3. 
The other point  i s  tha t  t he  i n l e t  with the  shor t  subsonic d i f fu se r  performs 
about a s  wel l  a s  t h e  one with t he  modified d i f fu se r  a t  Mach number 2.5, but  i s  
considerably poorer a t  Mach number 3.0 by 3 t o  6 percent .  This appears t o  be 
a r e s u l t  of t h e  previously mentioned separated flow i n  t h e  subsonic d i f fu se r  
which p e r s i s t s  o r  i s  aggravated with increase i n  angle of a t t a c k  and s i de s l i p .  
A t  Mach number 2.5 o r  l e s s  t he  flow is  at tached.  This accounts f o r  t h e  b e t t e r  
r e s u l t s  shown f o r  Mach number 2.5. 
The f i n a l  data  plot  f o r  t he  two-dimensional i n l e t  i s  shown i n  f igure  7. 
Pressure recovery and d i s t o r t i on  f o r  peak operating condit ions a r e  p lo t t ed  f o r  
a range of Mach numbers from 0.6 t o  3.0. A break i n  t h e  curves occurs a t  a 
Mach number of 1.3 because of t e s t  f a c i l i t y  r e s t r i c t i o n s  which l imi ted  
boundary-layer bleed t o  about 2 percent a t  t he  transonic Mach numbers. A t  t h e  
higher Mach numbers from 1.55 t o  3.0 t h e  bleed varied from about 7 t o  14  per- 
cen t .  Note t h a t  t he  cowl was r e t r a c t ed  f o r  Mach numbers below 1.75 and t he  
i n l e t  operated a s  an a l l  ex te rna l  compression system, which probably accounts 
f o r  t he  change i n  trend of t h e  d i s t o r t i on  i n  t h i s  Mach number range. The use 
of vortex generators on t he  ramp reduced d i s t o r t i on  about 2 t o  4 percent 
throughout the  Mach number range without s i gn i f i c an t l y  a f f ec t i ng  engine-face 
pressure recovery. A s imi la r  e f f e c t  w i l l  be shown l a t e r  f o r  t he  axisymmetric 
i n l e t .  
AXISYMMETRIC RESULTS 
Figure 8 shows quarter  sec t ion  sketches of t h r ee  of t he  i n l e t  systems t h a t  
have been t e s t ed .  The upper quzr ter  sec t ion  shows two of t h e  systems while t he  
lower sect ion shows the t h i r d  system. I n  t he  upper quar te r  sect ion one system 
i s  a r a the r  long 1.86 diameter system measured from t h e  l i p  t o  t h e  engine face;  
the other is  a medium system 1.57 diameters long. Since the  supersonic 
d i f fuser  i s  the  same f o r  both of these systems, the  subsonic d i f fuser  accounts 
f o r  the difference i n  length. The short  i n l e t  system in the  lower quarter  sec- 
t i o n  is 1.40 diameters lcng. The upper and lower supersonic d i f fusers  a r e  
almost the same length but d i f f e r  i n  t h e i r  t heore t i ca l  e f f ic ienc ies  by about 
3 percent. The upper i n l e t  is capable of a theore t i ca l  throa t  recovery of 
96.3 percent and represents an e a r l i e r  design. Subsequent work revealed t h a t  
a d i f fuser  could be designed with 99.3 percent theore t i ca l  recovery i f  both the  
cowl contours and the  forward portion of the  centerbody were curved from lo0 
t o  15' instead of being a s t ra ight  12.5' cone as i n  t h e  e a r l i e r  i n l e t  mentioned 
above. The main problem i n  both supersonic d i f fusers  has been t o  avoid 
boundary-layer separation due t o  shock-wave impingements. This requirement 
tended t o  e s t ab l i sh  a lower limit on i n l e t  length of about t h a t  shown. Both 
supersonic d i f fusers  were designed with the  a i d  of a computer program ( r e f .  2) 
employing t h e  method of charac ter i s t ics .  It has proved t o  describe accurately 
the  flow f i e l d .  An important consideration in a t r ans l a t ing  centerbody design 
i s  providing enough capture mass flow f o r  the  engine a t  off-design Mach num- 
bers .  These i n l e t s  supply about 40-percent mass-flow r z t i o  a t  Mach number 
1.0 and s a t i s f y  the  demand of a selected tur5ofan engine. This type of i n l e t  
could s a t i s f y  a wide range of engines i f  a col lapsible  centerbody were 
employed. 
The model has provision for  removing the  boundary layer  through four por- 
ous bleed areas ,  two on the  cowl and two on the  centerbody. The porous a reas  
a r e  composed of holes d r i l l e d  normal t o  the  surface f o r  a maximum porosi ty  of 
about 40 percent. The porous pat tern required by each i n l e t  could be a l t e r e d  
by f i l l i n g  some of the  holes. Each of t h e  four  areas  has a separate and con- 
t r o l l a b l e  e x i t .  The e x i t s  for  the cowl bleed a r e  i l l u s t r a t e d  in f igure  8; 
those f o r  t h e  centerbody a re  further downstream and a r e  not v i s i b l e  in the  f ig -  
ure.  By opening o r  closing these e x i t s ,  the  bleed mass flow could be varied 
f o r  a given bleed c o n .  iguration. 
With these supersonic diffuser l i nes ,  three subsonic d i f fusers  were 
designed, The basic  area dis t r ibut ions follow a l i n e a r  r a t e  of change of Mach 
number from t h e  end of the  throat region t o  the  engine face.  The throa t  region 
which is  two throa t  heights long has about a 2' divergence between the  cowl 
end the  centerbody. This method of design has proved ef fec t ive  in preventing 
boundzrj-layer separation Fn t h i s  portion of the  i n l e t ,  soaething which was 
not sccomplished i n  i n i t i a l  t e s t s  (1963) emplaying a l i nea r  area v a r i ~ t i o n  
from the beginning of the  throat region t o  the  engine face.  The equivalent 
conical  angles of these diffusers  (measured from the  beginning of the th roa t  
region t o  the  engine face) a r e  zbout 11°, 15', and 20' f o r  the  long, medium, 
znd short  i n l e t  systems, respectively. Also shown i n  the  f igure  z r e  vortex 
generators located just  downstrezm of the  throat  of the  snort  and medium i n l e t  
systems. The long i n l e t  was not t e s t ed  with vortex generators. Tests of 
severa l  generator heights showed t h a t  the optimum height wzs about 20 percent 
of the throa t  height.  For the  short  i n l e t ,  50 gecerators were located on t h e  
centerbody and 63 on the cowl. Additional d e t z i l s  of the  generators fo r  the  
medium i n l e t  a re  presented Fn reference 3. 
Figure g compares the  peak gerformance a t ta ined  a t  various bleed mass- 
flow r a t i o s  f o r  the  three i n l e t  systems jus t  described a t  the  design Mach 
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nunber of 3.0 and a t  o0 angle of at tack.  For the i n i t i a l  t e s t s  a peek recovery 
of 86 percent with 13-percent bleed was zt tained with about 10-percent engine- 
face d is tor t ion .  A s  mentioned previously, t h i s  i n l e t  system employed a sub- 
sonic diffuser  with a l inea r  area variat ion.  Since recoveries a s  high a s  97 
percent were measured in the  throat ,  t he  main losses i n  performance l a y  in t h e  
subsonic d i f fuser .  This diffuser  had an i n i t i a l  r a t e  of expansion tha t  was too 
rapid causing separation and preventing attainment of higher recoveries. This 
l ed  t o  the  design shown f o r  the  long i n l e t  whereby the  i n i t i a l  r a t e  of expan- 
s ion was reduced preventing separation. This bproved the  performance t o  the  
point where a l i t t l e  over 90-percent recovery with about 11-percent bleed was 
at tained.  The engine-face d is tor t ion  was about 10 percent and was the  lowest 
d i s to r t ion  t h a t  c o u d  be at tained with t h i s  d i f fuser  which d id  not employ vor- 
tex generators. With the  medium i n l e t  employing vortex generators, not only 
was the  d i s to r t ion  lowered t o  about 6 o r  7 percent, but the  l e v e l  of recovery 
increased approximately 1 percent so t h a t  91-percent recovery was a t ta ined  with 
about 11-percent bleed. This l a t t e r  r e s u l t  is  a t t r ibu tab le  t o  the b e t t e r  dis- 
t r ibut ion  of the  flow energy induced by t h e  vortex generators. With the  short  
i n l e t  with t h e  shortest  subsonic d i f fuser  but with a 3 percent more e f f i c i e n t  
supersonic d i f fuser ,  the  recovery l e v e l  increased about 2 percent over the  
bleed range indicated so tha t  almost 93-precent recovery with U-percent bleed 
resulted. However, the d is tor t ion  l e v e l  was about 3 percent higher than f o r  
the  medium length i n l e t ,  probably because of the  shor ter  subsonic d i f fuser  . 
Because t h e  high levels  of  recovery shown f o r  the  short  i n l e t  have hereto- 
fore  been unlmown at a Mach number of 3.0, the  superc r i t i ca l  performance was 
examined c a r e m y  and is shown in figure 10. Note that the  scales  f o r  recov- 
ery and d i s to r t ion  have been reduced about 50 percent. Three levels  of bleed 
flow are represented, an open, intermediate, and r e s t r i c t e d  bleed. The bleed 
through the  two areas i n  the  supersonic d i f fuser  was held constant a t  3.5 per- 
cent, and the  t o t a l  l eve l  of bleed was therefore regulated en t i r e ly  by the  
adjustment of the  two throat  bleed e x i t  se t t ings .   h he "unstart  " angle of 
a t t ack  indicated on the  recovery p lo t  is explained in t he  next paragraph.) T h i ~  
i n l e t  system is capable of recoveries of 93, 92, and 90 percent with bleed mass 
flow of about 12, 9.5, and 7.5 percent, respectively. Notice t h a t  l imi t ing  the  
throa t  bleed progressively l imits  the  superc r i t i ca l  bleed mass-flow range from 
about 4 percent fo r  the  open bleed t o  about 1.5 percent f o r  the  r e s t r i c t e d  
bleed. I n  addition, the  d is tor t ion  remains a t  o r  below about 10 percent over 
the  useful superc r i t i ca l  range. The knee of the  recovery curves represents the  
p o h t  where t h e  terminal shock wave leaves the  bleed area in  the  throat  region 
and further movement downstream does not change the  bleed mass flow. The dis- 
to r t ion  under these conditions can be qu i t e  high, 40 percent o r  greater .  
Most axisymmetric mixed-compression i n l e t s  have been sens i t ive  t o  smll 
angle-of-attack changes caused by disturbances, such as  gusts; t h a t  i s ,  the  
Fnlets uns tar t  eas i ly  with small changes in flow angle. This is  not necessar- 
i l y  t rue  f o r  these in le t s .  EStamples of the  uns tar t  s e n s i t i v i t y  t o  flow angle 
a t  various operating points a re  shown on the  curve f o r  the  intermediate bleed 
se t t ing .  With the  shock wave in i t s  most forward position, and without chang- 
ing the  i n l e t  geometry, the  i n l e t  can be pitched only 1/2O before it unstar ts ,  
but  i f  the  performance is degraded 2 or  3 percent, a s  it would m ~ w i i y  be f o r  
a p rac t i ca l  operating condition, 2' o r  3' of flow angle can be to lera ted .  This 
i s  Kith the  i n l e t  centerbody i n  the  pos i t icn  for  which the throat  Mach number 
i s  about 1.2. With higher throat  Mach numbers more to lerance is  expected. It 
should be noted t h a t  t he  performance indicated a t  the  operating points  does not 
represent the  performance a t  t he  uns ta r t  angles of a t t ack .  The performance i s  
always something l e s s  a t  angle of a t t a ck .  This is  shown i n  f igure  11 where 
comparable peak recoveries and the d i s t o r t i on  a r e  p lo t ted  a s  functions of flow 
angle f o r  t he  th ree  i n l e t  systems. Each system exhibi ts  i t s  own p e c u l i a r i t i e s  
and a t rend  i s  not c l ea r  from the r e su l t s .  The shor t  i n l e t ,  f o r  instance,  pro- 
duces the  highest  r e c o v e q  a t  5 O  and 80, a r e s u l t  which one might not  expect. 
I n  addit ion,  t h e  d i s t o r t i on ,  even though it is high, is  no worse than t h e  
medium length i n l e t  a t  these  same angles, and perhaps t h e  generally lower dis-  
t o r t i o n  of t he  long i n l e t  can be a t t r i bu t ab l e  t o  i t s  longer length.  The 
recovery f o r  t he  shor t  i n l e t ,  however, b o p s  xore rapidly  from O0 t o  2O than 
e i t h e r  of t he  o ther  two systems sharing t h e  same supersonic d i f fu se r .  This 
would seem t o  indicate  t he  supersonic d i f fuser  has an.important influence on 
t h e  angle-of-attack performance. 
The th ree  i n l e t  systems have performed well  over t h e  complete Mach number 
range. C r i t i c a l  recovery and the accompanying d i s to r t i on  a r e  shown i n  f i g -  
ure  12 t o  be comparable from Mach number 0.6 t o  3.2. The r e s u l t s  from Mach 
number 0.6 t o  1 .2  a r e  optimum for  a se lected turbofan engine; t h a t  is ,  t h e  ne t  
t h r u s t  minus t he  addi t ive  drag has been optimized t o  provide r e a l i s t i c  a s  wel l  
as comparable r e s u l t s .  The long and medium systems have shown about t h e  same 
r e c o v e 7  capab i l i t i e s  but t he  d i s to r t ion  of t h e  medium length i n l e t  i s  gener- 
a l l y  lower. This indicates  t ha t  t he  vortex generators a r e  e f f ec t i ve  through- 
out t he  Mach number range even when ( a t  o ther  than t h e  design Mach number) they 
a r e  much displaced from t h e  design pos i t ion  i n  which t h e  cowl and centerbody 
generators a r e  opposite one another. The shor t  i n l e t  shows a s imi la r  t rend  of 
recovery bilt a t  severa l  percent increase a t  t h e  higher Mach numbers. The dis-  
t o r t i o n  i s  generally lower than t ha t  of t h e  long i n l e t .  The pecul iar  d ip  i n  
recovery a t  Mach number 2.9 fo r  the shor t  i n l e t  i s  d i f f i c u l t  t o  explain. This 
was not detected i n  t h e  t e s t s  o f t h e  other  two configurations but may a l so  have 
been present. The points  a t  M, = 3.2 a r e  overspeed conditions f o r  t he  i n l e t s ;  
t h a t  i s ,  the  r e s u l t s  a t  % = 3.2 were obtained with t he  Mach number 3.0 geom- 
e t r y  se t t ings ,  which accounts fo r  t h e  rap id  de te r io ra t ion  of t he  d i s t o r t i on  
and recovery. 
CONCLUDING REMARKS 
The main conclusions t o  be drawn from the  present summary f o r  the  two- 
dimensional and axisymmetric i n l e t  systems a r e  t h a t  the  supersonic port ion of 
t h e  i n l e t  systems performed a s  predicted, and t h a t  the  main d i f f i c u l t y  i n  
achieving high performance lay  in  t he  proper design of t h e  th roa t  and subsonic 
d i f fu se r .  Also, short  subsonic d i f fusers  appear feas ib le  when vortex genera- 
t o r s  a r e  employed downstream of the  th roa t .  I n  addit ion,  it appears t h a t  i n  
order t o  achieve t h e  highest performance a nearly isentropic  supersonic d i f fuser  
must be employed which requires complete contouring of both the  cowl and 
centerbody. 
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SUMMARY 
Transonic sp i l l age  drag i s  evaluated on the  bas i s  of t e s t  r e s u l t s  of th ree  
experimental i n l e t  research programs. The additive-drag component of sp i l l age  
drag was calculated from experimental measurements on both axisymmetric and 
two-dimensional type i n l e t  models. In both cases,  the  t heo re t i c a l  predic t ion 
of addi t ive  drag required a precise knowledge of t he  pressure d i s t r i bu t i on  on 
t h e  compression surface .  
Cowl l i p  suction force ,  which a c t s  t o  cancel a port ion of the  add i t ive  
drag,  was measured on a two-dimensional spil lage-drag model. The e f f e c t s  of a 
wide va r i e ty  of geometric factors  were s tudied on t h i s  model. It was found, 
. f o r  example, t h a t  a s ign i f ican t  cancel la t ion ( large  cowl l i p  suction fo rce)  
occurred subsonically fo r  a wide range of cowl l i p  shapes, whereas t h e  e f f ec t  
a t  higher supersonic Mach n u h e r s  was small. 
INTRODUCTION 
In  recent years t he  development of high-performance a i r c r a f t  has focused 
a t t en t i on  on t he  propulsion penal t ies  associated with inlet-engine matching 
requirements. D ~ r i n g  off-design operation,  one penalty of major importance is 
i n l e t  sp i l l age  drag, pa r t i cu la r ly  i n  t he  transonic Mach number range where 
e f f e c t s  on vehicle performance can be l a rge .  
Recently, th ree  experimental i n l e t  research programs have been i n  progress 
a t  t he  Ames Research Center. Two of t he  programs involve large-scale axisym- 
metric and two-dimensional models being t e s t ed  i n  support of the  supersonic 
t ranspor t .  These models have provided data  f o r  t he  two spillage-drag compo- 
nents,  addi t ive  drag and cowl l i p  suction force .  A t h i r d  program was an A i r  
Force supported c ~ n t r a c t u a l  study of sp i l l age  drag i n  two-dimensional i n l e t s .  
This study involted investigation of a wide va r i e ty  of i n l e t  geometries and 
d i rec ted  considerable a t t en t i on  t o  both addi t ive  drag and l i p  forces  on t he  
cowl and s ide  w a l l  . 
This paper w i l l  present representative t e s t  r e su l t s  from a l l  th ree  models 
within t he  Mach number range from 0.6 t o  1 .3 .  Some comparisons with ava i lab le  
t heo re t i c a l  predictions a r e  a l so  included. 
l ~ r o ~ u l s i o n  a d Thermo Analysis Engineering Spec ia l i s t  - North American 
Aviation, Inc . ,  Los Angeles Division 
SYMBOLS 
area  
drag drag coeff ic ient  , 
s A  
add i t  ive  drag 
reference cowl drag 
cowl suction force 
cowl drag 
compression surface drag 
i n l e t  system external  drag 
Da  - A"c 
incremental additive-drag correction fac tor ,  
C ; D ~ ~ ~ ~  
ma 
i n l e t  m s s  flow 
i n l e t  mass-flow' r a t i o  
free-stream Mach number 
s t a t i c  pressure 
free-stream t o t a l  pressure 
a rea  weighted average t o t a l  pressure a t  engine-face s t a t i on  
dynamic pressure 
ve loc i ty  
angle, deg 
Subscripts 
capture 
i n l e t  
i n i t i a l  conditions i n  stream tube 
REF reference 
X s t a t i on  
00 f r e e  stream 
DISCUSSION 
The concepts bas ic  t o  an understanding of t h e  sp i l l age  drag a r e  discussed 
i n  many publications (e  .g . , re f s .  1 through 5 )  . The following paragraphs, 
therefore ,  cover t he  basic  descriptions an& de f in i t i ons  only i n  r a the r  broad 
and simplif ied terms . 
I n l e t  system drag def in i t ions  a r e  presented i n  f igure  1 together  with an 
i l l u s t r a t i o n  showing t he  e f fec t  of i n l e t  mss-flow r a t i o  on t he  drag compo- 
nents .  The term Dco i s  t h e  cowl drag a t  a reference mass-flow r a t i o  (operat- 
ing condit ion) and includes the external-cowl pressure and f r i c t i o n  drag 
chargeable t o  t he  propulsion system. The var ia t ion  of cowl pressure drag with 
mass-flow r a t i o ,  ADc, is negative and is  re fe r red  t o  as the  cowl l i p  suct ion 
fo rce .  The sp i l l age  drag by def in i t ion  is  equal t o  Da - ADc. 
Additive drag, Da, is a force correct ion which is applied i n  equating 
i n t e rna l  t h r u s t  and ex te rna l  drag f o r  purposes of evaluating vehic le  perform- 
ance; it is a bookkeeping item fo r  making t h e  de f in i t i on  of t h r u s t  and drag 
compatible and is not a force  f e l t  on t h e  vehicle surface .  However, it repre- 
sen t s  a performance f ac to r  which t h e  propulsion aerodynamicist can control .  
The influence of addi t ive  drag on mission performnce is  analyzed i n  
reference 1. 
The general  expression for add i t ive  drag is developed i n  f igure  2 with 
t h e  a i d  of a simplif ied sketch of an i n l e t  flow f i e l d .  The net  force  on t h e  
enter ing stream tube element, indicated by t h e  dashed l i n e s ,  i s  equal t o  t h e  
momentum change within t he  element. A s m t i o n  of forces  and rearrangement 
of terms y ie lds  an equation which s t a t e s  t h a t  t he  add i t ive  drag i s  equal t o  t h e  
momentum change plus t h e  i n l e t  pressure force  plus t he  compression surface 
drag.  Final ly ,  t h e  addi t ive  drag coef f ic ien t  is  referenced t o  t h e  i n l e t  cap- 
t u r e  area ,  Ac, as shown. The equation f o r  addi t ive  drag d i f f e r s  f o r  d i f f e r en t  
i n l e t  geometries; an open nose i n l e t  requires  only t he  f i r s t  two terms o r  
total-momentum change, whereas a two-dimensional i n l e t  with s ide  walls requires  
a fourth term similar t o  t h a t  for  t he  ramp compression surface,  t o  account f o r  
t h e  side-wall pressure and f r i c t i o n  drag. 
EXPERl3GWTAL RESULTS 
Addit ive-Drag Measurements 
Transonic additive-drag measurements were made on two large-scale i n l e t  
models. One of t'ne models was axisymmetric with a capture diameter of 
20.0 inches. The other i n l e t  model w a s  two-dimensional with a capture height 
and width of 14.0 inches. Both models a r e  described i n  reference 6. 
Additive-drag values were obtained from a momentum balance as shown i n  
f igure  2 .  In t he  axisymnletric i n l e t ,  t o t a l  and s ta t ic-pressure  rakes were 
i n s t a l l e d  on t h e  centerbody a t  t he  maximum diameter s t a t i on .  Thest rakes were 
used t o  measure t h e  i n l e t  total-momentum change and i n l e t  mass-flow r a t i o .  The 
centerbody w a s  instrumented with s ta t ic-pressure  o r i f i c e s  (area weighted) from 
which t he  centerbody pressure drag was computed. Figure 3 shows t yp i ca l  
additive-drag values and t h e  corresponding tota l -pressure  recovery a t  t h e  
engine face  f o r  several  Mach numbers and a range of i n l e t  mass-flow r a t i o s .  
For these  t e s t s ,  t he  centerbody w a s  a 12.5O half-angle cone and t h e  cowl l i p  
was positioned a t  the  maximum diameter. Near t he  maximum mass-flow r a t i o ,  
i n l e t  choking caused a l a rge  reduction i n  pressure recovery and l i t t l e  decrease 
i n  addi t ive  drag.  Reducing mass-flow r a t i o  produced t h e  cha rac t e r i s t i c  
increase i n  add i t ive  drag at  a l l  Mach numbers. Data obtained with t h e  cowl l i p  
a t  more forward posit ions indicated similar families of curves, but  with higher 
values of add i t ive  drag and tota l -pressure  recovery. 
Figure 4 shows the minimum additive-drag coef f ic ien t s  measured f o r  th ree  
centerbody shapes at  transonic Mach nunibers. The lower curve is  f o r  t h e  I 2 . 5 O  
half-angle cone. The two upper curves a r e  f o r  i sentropic  surfaces t h a t  had 
i n i t i a l  cone angles of 50 and 100 and curved t o  a t o t a l  compression of 1 5 O .  
The minimum addi t ive  drag has a peak a t  Moo = 1.1 f o r  a l l  th ree  centerbody 
shapes. A computer program employing t he  method of cha rac t e r i s t i c s  was used 
t o  ca lcu la te  t h e  supersonic additive-drag curve f o r  the  l2.5O cone. Although 
an extrapolat ion of t h i s  curve t o  transonic Mach nunibers would f a i r  i n t o  the  
peak measured value of minimum addi t ive  drag fo r  t h e  12.5' cone, t h e  drag at 
low supersonic Mach numbers i s  overestimated. The experimental r e s u l t s  show 
t h a t  the  total-momentum change (represented by , t he  f i r s t  two terms of t he  
additive-drag equation) i s  near ly  zero a t  high mass-flow r a t i o s  and t he  
addi t ive  drag i s  almost equal t o  t he  centerbody drag ( the  f i l l e d  syrdbols). 
Measured stat ic-pressure r a t i o  d i s t r i bu t i ons  used t o  calcula te  t he  centerbody 
drag fo r  Yach numbers 0.8 and 1 .0  a r e  presented i n  f igure  5. The pressures 
a r e  seen t o  change rapidly near t he  maximum centerbody diameter; t o  ca lcu la te  
add i t ive  drag theore t ica l ly ,  the  theory must be able  t o  predic t  t h e  pressures 
i n  t h i s  region t o  an exact degree. 
Figure 6 shows the to ta l -pressure  recovery at  t h e  engine face and the  
corresponding values of additive-drag coef f ic ien t  computed f o r  optimized2 oper- 
a t i ng  c o n d i t i ~ n s  of a supersonic t ranspor t  engine. These values a r e  compared 
with the  minimum measured values of addi t ive  drag and t he  corresponding t o t a l -  
pressure recoveries.  For optimized operating conditions t he  cowl l i p  was 
s l i g h t l y  forward of the maximum centerbody diameter and t h e  addi t ive  drag was 
subs tan t ia l ly  higher than t he  minimum values.  
In  summary, t he  niomentum-balance method appears t o  be s a t i s f ac to ry  f o r  
experimentally evaluating t h e  transonic addi t ive  drag of axisymmetric type 
i n l e t s .  Nearly a l l  the addi t ive  drag at  full flow conditions i s  centerbody 
pressure drag.  For theore t ica l  predictions of addi t ive  drag, it i s  therefore  
,~?-?E;ary t o  hzve accurate knowledge of  the  centerbody pressure d i s t r i bu t i on .  
I 'me optimum inliet-engin.e operating condition i s  at  t he  maximum value of I net t h r u s t  minus addit ive drag.  
The additive drag a t  the optimized engine-inlet operating conditions i s  
substant ial ly  higher than the minimum measured values. 
The two-dimensional in l e t  model was instrumented i n  a manner similar t o  
the axisymmetric model. Measurements of s t a t i c  pressure a t  the cowl l i p  s ta -  
t ion  and of i n l e t  mass-flow ra t io  permitted calculation of the momentum terms 
of the  additive-drag equation. The ramp and side-wall drag values were 
obtained from static-pressure measurements on these surfaces. Figure 7 shows 
the variat ion of engine-face total-pressure recovery and i n l e t  additive-drag 
coefficient with i n l e t  mss-flow r a t i o .  Included i n  the figure i s  a sketch of 
the in l e t  showing the cowl l i p  located s l i g h t l y  forward of the minimum throat  
s ta t ion .  Also indicated are  other geometric features of the  configuration, 
t h a t  is, ramp, sharp cowl lip,and extended s ide walls. Results a re  shown for  
t e s t s  with and without boundary-layer bleed on the ramp and side-wall surfaces 
i n  the throat  region. 1ke bleed increased the total-pressure r a t i o  and the  
maximum mass-flow r a t i o  considerably a t  Mach numbers of 1 .0 and 1.275. Losses 
at  a Mach number of 1.275 remain re la t ive ly  high, however, and suggest tha t  
substant ial  f r i c t i o n  ef fec ts  were present. Note tha t  the use of boundary- 
layer  bleed does not change the basic curves of additive-drag coeff ic ient .  
This should be expected since the bleed surfaces a re  downstream of the l i p  
s ta t ion;  the data indicate consistency i n  the  additive-drag measurements. 
The a b i l i t y  t o  calculate additive drag theore t ica l ly  is  valuable f o r  i n l e t  
design and vehicle performance studies.  Figure 8 presents resu l t s  from theo- 
r e t i c a l  and semiempirical calculations of minimum additive-drag coeff ic ients  
compared t o  the experimental values. In t h i s  case, t h e  theory is  based on the 
assumption of one-dimensional flow relationships from the f ree  stream t o  the 
cowl-lip s ta t ion  and considers theoret ical  shock losses  only. To calculate 
ramp drag, the  ramp pressure was assumed t o  vary l inea r ly  from e i ther  free- 
stream or  downstream shock-wave conditions a t  the ramp leading edge t o  the 
i n l e t  conditions at the cowl l i p .  The basic theore t ica l  curve is in f a i r  
agreement with experiment a t  Mach numbers below 1.0, but agreement is  poor a t  
other Mach numbers. However, i f  experimental ramp and side-wall drag is used 
i n  place of that calculated from the assumed l inea r  pressure dis t r ibut ion,  
agreement is  grea t ly  improved. Also, another unrea l i s t ic  assumption i n  the 
basic  theory was tha t  only shock losses  a f fec t  the momentum balance. Figure 7 
indicates tha t  the two-dimensional i n l e t  configuration had substant ial  f r i c -  
t i o n  losses at  M, = 1.275 because of the long perforated ramp and side-wall 
surfaces forward of the l i p  s ta t ion.  I f  these losses  a re  accounted fo r  i n  the 
theore t ica l  calculation of conditions a t  the l i p  s ta t ion,  the r e su l t s  shown 
compare reasonably well with those obtained experimentally. 
The Ames t e s t s  of additive drag on a two-dimensional in l e t  a r e  summarized 
a s  follows. Fxperimental techniques provide accurate measurements of additive 
drag. Theoretical predictions of two-dimensional additive drag are  excessively 
high a t  supersonic Mach numbers unless the ramp drag and total-pressure losses  
: a t  the in l e t  l i p  s ta t ion  are  accurately determined. 
Spil lage -Drag Measurements 
Force-balance measurements of sp i l l age  drag on large-scale complete i n l e t  
models general ly  provide only qua l i t a t ive  r e su l t s .  It is  inherently d i f f i c u l t  
t o  obtain accurate values since the  bas ic  model drag forces  a r e  l a rge  r e l a t i v e  
t o  t he  spillage-drag increments of i n t e r e s t .  A model was therefore  spec ia l ly  
designed and constructed f o r  measuring sp i l l age  drag accurately.  The t e s t s  
were conducted so a s  to  ensure maximum accuracy of the  r e s u l t s .  A photograph 
of t h e  model mounted i n  t he  wind tunnel i s  shown i n  f igure  9. The t e s t  pro- 
gram studied a wide var ie ty  of geometric fac tors  a f fec t ing  t he  sp i l l age  drag 
of rectangular (two-dimensional) supersonic i n l e t s .  Several cowls, s ide  w a l l s ,  
and fixed i n i t i a l  ramps could be interchanged on t he  model. The second ramp 
--- --:.-.-,.1 W&S v a r l a u ~ e  frcm 5° t n  12O r e l a t i v e  t o  t h e  free-stream vector .  The model and 
t e s t  r e s u l t s  a r e  completely described i n  reference 5 .  
One fea ture  of t h i s  spillage-drag invest igat ion was the  determination of 
external  pressure drag f o r  t h e  cowl plus  s ide  w a l l .  Only meager information 
e x i s t s  on t h i s  important component of t h e  t o t a l  ex te rna l  drag of two- 
dimensional i n l e t s .  The incremental change i n  external  pressure drag when 
mass flow is reduced from a reference mass-flow r a t i o3  i s ,  of course, t he  l i p  
suct ion fo rce  which was discussed e a r l i e r .  Six of t he  cowl shapes which were 
instrumented fo r  stat ic-pressure measurements a r e  described i n  f igure  10.  
Cowls 1, 2, and 3 had circular-arc ex te rna l  surfaces,  whereas the  remin ing  
th ree  were s t r a igh t  external  angle cowls. Cowl and side-wall ex te rna l  pressure 
drag cha rac t e r i s t i c s  for  cowls 1, 2, 4, and 6 a r e  shown i n  f igure  11 f o r  a 
range of mass-flow r a t i o s  a t  Mach numbers 0.84 and 1.29. The ramp angle and 
t he  side-wall external  angle were held f ixed f o r  t h i s  comparison a t  5 O  and 60, 
respect ively .  In addition, t h e  side-wall leading edge was cut back a t  an 
angle coincident with t h e  i n i t i a l  ramp compression shock wave a t  a free-stream 
Mach number of 3.0. A l l  of t he  cowl shapes y ie ld  suction forces  which would 
allow p a r t i a l  cancellat ion of t he  add i t ive  drag at  reduced mss-flow condi- 
t i o n s .  It i s  in te res t ing  t h a t  the  drag becomes negative and these  surfaces 
a c t u a l l y  produce th rus t  a t  mass-flow r a t i o s  sonewhat l e s s  than t he  reference 
value.  A t  subsonic conditions (M, = 0.84) c i rcular-arc  cowls 1 and 2 have low- 
e s t  drag a t  high mass-flow r a t i o s  and s t r a igh t  cowl 6 has t h e  be s t  l i p  suction 
c a p a b i l i t i e s .  The curves f o r  Mach number 1.29 indicate  t h a t  low angle cowls 
1 and 4 provide the  best  performance. A t  higher supersonic speeds, cowl 4 
with t he  lowest cowl angle provided t he  bes t  drag cha rac t e r i s t i c s .  
Force-balance measurements of t o t a l  external  drag were obtained f o r  
various geometric configurations of t h e  spillage-drag model. The incremental 
change i n  external  drag a s  t he  mass-flow r a t i o  is  reduced below t h e  reference 
value i s ,  i n  e f f ec t ,  t h e  increment i n  sp i l l age  drag (see f i g .  1). (This change 
d i f f e r s  from the  incremental change i n  addi t ive  drag by the  amount of t he  l i p  
suction fo rce .  ) The increment i n  sp i l l age  drag, measured by a force  balance, 
divided by the  corresponding change i n  addi t ive  drag i s  defined a s  KADD, t he  
incremental additive-drag correction f ac to r .  The amount of addi t ive  drag 
change which appears a s  a change i n  sp i l l age  drag i s  indicated by KADC 8s  
follows . 
3 Reference mass-flow r a t i o  i s  defined i n  t h i s  case a s  a value equal t o  the  
i n l e t  a rea ,  A i ,  divided by the  captWe area ,  Ac.  
Figure 12 presents curves of KADD based on t heo re t i c a l l y  comp, ed 
'values of 4 as a function of mass-flow r a t i o  f o r  cowls 4 and 6 (agrl. la.+ 
between measured and theore t ica l ly  computed ADa was good f o r  a l l  cowls 
t e s t e d ) .  The f igure  shows additive-drag correct ions  a t  M, = 0.84 a r e  g rea te r  
(numerically l ove r ) ,  and a re  affected l e s s  by mss-flow r a t i o  than those a t  
M, = 1.29. Also, these  corrections a r e  affected more by Mach number than by 
t h e  cowl l i p  shape. 
In  addit ion t o  the  r e s u l t s  presented, t he  t e s t s  of t he  spil lage-drag model 
provided t h e  following information. 
1. Lower sp i l l age  drag was obtained by ro ta t ing  t he  ex te rna l  ramp of t he  
i n l e t ,  t o  de f l ec t  excess airflow, than by ro t a t i ng  t h e  cowl. However, t he  com- 
bined ro ta t ion  of both cowl and ramp would provide t he  lowest sp i l l age  drag.  
2 .  Blunting t he  leading edge of a lo0 c i rcular-arc  cowl with 0.040-inch 
and 0.100-inch r a d i i  had l i t t l e  e f f ec t  upon additive-drag cancel la t ion but  
increased t o t a l  external  drag chargeable t o  t he  i n l e t .  
3 .  Ramp pressure drags and cowl plus side-wall external  drag measured 
f o r  a number of configurations a re  useful  i n  determining t o t a l  i n l e t  drag 
pena l t i es  . 
4. Mathematical models for computation of t heo re t i c a l  addi t ive  drag,  
t h a t  were devised and programed f o r  computer usage, were confirmed by t h e  t e s t  
r e s u l t s .  
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13. R?ITIAL FLIGHT EDERIENCE WITH THE XB-70 AIR-IM)UCTION SYSTEM 
By Ronald H. Smith and W i l l i a m  G. Schweikhard 
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SUMMARY Y '  
The preliminary resu l t s  and developmental problems from f l i g h t  t e s t s  of 
the XB-70 air-induction system are br ie f ly  reviewed. The system i s  generally 
sat isfactory,  i s  adequately matched t o  the engine flow requirements, and can 
be controlled f o r  the various f l igh t  ranges. I n l e t  unstar ts  a t  cruise Mach 
number constitute a new problem for  high supersonic a i r c ra f t  seriously 
affecting the dynamics of the in l e t  and airframe. I 
INTRODUCTION 
The two XB-70 airplanes have been f lying f o r  many months. Even though 
many f l i g h t s  have been conducted fo r  the purpose of developing and demon- 
s t r a t ing  the airplane systems, a s ignif icant  amount of research data has 
been obtained. The Importance of i n l e t  performance and i t s  d i rec t  influ- 
ence on overal l  vehicle performance has been very apparent during the early.  
XB-70 experience as it surely w i l l  be on future airplanes incorporating 
s imilar  air-induction systems. 
Future air-breathing a i rc raf t  cruising a t  Mach numbers of 2.2 and 
greater  w i l l  very l i k e l y  incorporate mixed compression i n l e t s  f o r  be t t e r  
propulsive eff ic iencies .  The XB-70 air-induction system is one of the f i r s t  
of t h i s  type t o  reach f l igh t  status.  The initial experiences with the per- 
formance and operation of the in l e t  a re  reviewed in the present paper. This 
paper presents some of the operational experience with the air-induction 
system of the XB-70 airplanes acquired during t h e i r  i n i t i a l  f l i gh t s .  The 
physical character is t ics  and principles of operation of the i n l e t  a re  
described, and the  t e s t  ranges i n  regard t o  vehicle and i n l e t  configuration 
are  given. A summary of the in le t  performance achieved t o  date is  pre- 
sented. Finally, there is a brief discussion of i n l e t  problems, many of 
which have resulted as a part  of the ear ly  e f fo r t  t o  investigate the oper- 
a t ing  envelope of the in l e t  and t o  check out i ts  control system. 
DISCUSSION 
Figure 1 i s  a photograph of one of the XB-70 airplanes in  low Mach num- 
ber  f l i g h t  alongside a chase plane. Note the proportion of the XB-70 inte- 
grated inlet-engine system t o  t o t a l  airplane volume. The length of the 
i n l e t  from the leading edge to  the.cornl;lressa~,ace is  about 90 f e e t .  The 
primary duct is  large enough fo r  a man t o  walk upright almost t o  the  
engines. 
A large number of superkonic rlign-c nours n a v e  ueen flown with the t w ~  
- 
- XB-70 airplanes. Both have flown w a c h  .. ...I number , 3 with the number two a=- lane 
f lying most of the high supersonic f l i g h t s . w e  more s ignif icant  f l i gh t  Jurs 
from the i n l e t  viewpoint are  those obtained a t  speeds above Mach number 2 where 
the i n l e t  i s  started, which means tha t  supersonic flow exis t s  i n  the forward 
par t  GT the duct and a normal shock ex i s t s  downstream of the i n l e t  throat .  In  
t h j s  region the operation of the i n l e t  system becomes more c r i t i c a l  i n  t h a t  it 
af fec ts  of the propulsion system but a lso the dynamics 
of the onderance of i n l e t  tes t ing  has been done i n  t h i s  
region 2. The enclosed area is the  envelope of overal l  
f l i g h t  experience t o  date. Symbols a re  used t o  represent major planned and 
unplanned i n l e t  events as follows: unstar t ,  a rapid expulsion of the in te rna l  
normal shock; duct buzz, an unstable cyclic flow variation associated with an 
unstarted condition; engine compressor stalls; and miscellaneous events a t t r ib -  
uted t o  the air-induction control system and affecting the vehicle o r  engines. 
An example of the l a t t e r  would be a rapid inadvertent opening of the main bypass 
sssrs rzs-fifng f~ a ~ ~ ~ ~ s = = r  s td l .  z$=rity of the A n f a  ---- nnini-c C----.,L 
shown have been intentionally induced as part  of the  t e s t ing  and development of 
the  air-induction system. 
As would be expected, most of the data points designating i n l e t  events l i e  
between Mach numbers 2 and 3, where most i n l e t  tes t ing  has been done. The lower 
Mach number areas have been investigated i n  many previous airplanes and have 
not been the  concern of the  present program. Some of the data points may be 
grouped together into a ser ies  of related events which occurred sequentially 
during a single f l i gh t .  For example, the  events tha t  a re  connected by the  l i n e  
were i n i t i a t e d  when a piece of s t ructure was ingested in to  the  duct at Mach 
number 2.6 and an al t i tude of 62 000 fee t ,  resul t ing i n  multiengine stalls, 
engine shutdown, unstart, and sustained buzz. The events extended over 6 min- 
utes  a f t e r  which the vehicle was s tab i l ized  at Mach number 1.7 and an a l t i t ude  
of 45 000 fee t .  Inlet  airflow interreLationships with engines and airplanes 
become important in the integrated XB-70 air-induction system as i l l u s t r a t e d  in 
figure 3. Shown are de ta i l s  of the l e f t  i n l e t  airflow system. A t  cruise Mach 
number, about 81 percent of the airflow which enters  the i n l e t  is channeled as 
primary flow and actually enters the engines. About 16 percent i s  bled off by 
the extensive boundary-layer control system which r e j ec t s  the undesired a i r  i n  
three ways. Boundary-layer plenums I and I1 re jec t  a i r  overboard d i rec t ly  
behind the nose-wheel-well fa ir ing,  reducing the  base drag i n  tha t  region. 
Plenum IV a i r  i s  rejected overboard through a fixed s e t  of louvers. Plenum I11 
a i r  is  channeled f a r  a f t  into the engine region and is  used fo r  engine cooling 
or  i s  rejected in to  the base region, reducing base drag. About 3 percent of the 
primary i n l e t  air passes into the bypass plenum region through large perfora- 
t ions  i n  the duct walls and i s  rejected through nozzles formed by the bypass 
doors i n  the upper wing surface or  is  ducted a f t  and used for  engine cooling. 
The flow system exemplifies the sophistication required of the i n l e t  t o  match 
airflow requirements of the engine, t o  remove boundary layer  e f f ic ien t ly ,  and 
t o  reduce i n l e t  drag. 
The requirements fo r  e f f ic ien t  shock-system control a re  i l l u s t r a t e d  i n  
figure 4, a top schematic view of the l e f t  i n l e t .  The ve r t i ca l  two-dimensional 
i n l e t  achieves compression by means of a ser ies  of interacting oblique shock 
waves i n  t h e  ex te rna l  and forward i n t e r n a l  regions of the  i n l e t  duct, desig- 
nating it a mixed compression in le t .  The flow, reduced i n  Mach number by t h e  
shock system, t raverses  t he  i n l e t  t h roa t  and becomes subsonic on through 
a normal shock. The s t rength of t h i s  normal shock, which i s  c lose ly  associ- ted 
with t h e  shock posi t ion,  has a d i rec t  e f f ec t  on performance of t he  i n l e t .  
In order t o  maintain the  desired shock system, a s e r i e s  of control led 
movable ramps a r e  posit ioned f o r  optimum i n l e t  performance. The by-pass door 
areas  a r e  controlled t o  match the a i r f low requirements of t he  engines and t o  
posi t ion t h e  terminal  shock by varying t h e  duct back pressure. As  t h e  shock is  
posit ioned f a r t h e r  forward toward t he  t h roa t ,  higher to ta l -pressure  recovery i s  
achieved with resu l tan t  higher engine performance. However, a s t a b i l i t y  l i m i t  
i s  approached a t  which t he  i n l e t  may uns t a r t .  I n  some uns ta r t  cases, duct buzz 
may a l s o  occur. I n  e i t h e r  event, t he  performance of t he  i n l e t  i s  reduced and, 
i n  addit ion,  t he  e f f ec t  of the  inef f ic ien t  and t rans ien t  sp i l l age  of air may 
r e s u l t  i n  addi t ional  drag and require vehicle control  inputs by t h e  p i l o t .  To 
avoid such events the  i n l e t  m y  be configured i n  a lower performance but more 
s t ab l e  mode, with t he  shock fa r ther  downstream. When the  i n l e t  is s t a r t ed ,  the  
i n l e t  t h roa t  height var ies  automatically with Mach number i n  accordance with a 
schedule which may be deviated t o  a low, intermediate, o r  high s e t t i ng .  The 
bypass-door control  senses a pressure r a t i o  i n  t he  th roa t  region and controls  
t he  shock t o  a low, intermediate, o r  high performance s e t t i n g  which corresponds 
roughly t o  an a f t ,  mid, o r  forward shock posi t ion.  Many recent f l i g h t s  have 
been i n  t he  upper  intermediate range and a few have been attempted at high per- 
formance. Some s t ab i l i z ed  f l i g h t  points  a r e  shown i n  f igure  5 i n  r e l a t i o n  t o  
t he  uns ta r t  and r e s t a r t  boundaries experienced during wind-tunnel t e s t s .  The 
uns ta r t  margin is  a function of both t h roa t  and bypass door s e t t i ngs .  ' The 
uns ta r t  l3ne shown i n  t he  f igure  is  f o r  throat-induced uns ta r t s  o r  t he  t h roa t  
choking l i m i t .  These margins are being invest igated i n  f l i g h t .  The center  l i n e  
i s  the  center of t he  intermediate f l i g h t  operating range. The deviation of t he  
points from the  i n l e t  th roa t  schedule indicates  t he  range of t e s t i n g  t h a t  has 
been conducted t o  explore the  i n l e t  f l i g h t  envelope. Most of the  points  a r e  
wel l  away from t h e  unstar ted region and r e f l e c t  t he  general  t rade off  which has 
been taken t o  insure s t ab l e  operation. The degree t o  which t h i s  s t a b i l i t y  
margin r e s u l t s  i n  a reduction i n  i n l e t  performance i s  i l l u s t r a t e d  i n  f igure  6. 
Shown a r e  f l i g h t  points  of to ta l -pressure  recovery, primarily i n  t h e  range 
f o r  a s t a r t ed  i n l e t .  The main point t o  be drawn from these  preliminary f l i g h t  
da ta  points, achieved under e s sen t i a l l y  steady-state conditions, i s  t h a t  a wide 
range of performance i s  possible. I n  order t o  avoid i n l e t  problems, a conserv- 
a t i v e  approach was taken i n  the  ea r ly  developmental program by operating i n  the  
lower performance modes. These e a r l i e r  f l i g h t  points f a l l  mostly below the  
shaded intermediate region. As f l i g h t  experience i s  gained, higher performance 
po in t s  a r e  being obtained. 
A t  t h i s  in ter im point i n  the program it i s  not possible t o  s t a t e  with con- 
fidence jus t  what the  maximum prac t ica l  pressure recovery w i l l  be f o r  cruise  
conditions. The predicted cruise goal  i s  shown as a so l i d  symbol i n  f igure  6. 
( see  r e f .  1.) The data  a t  t he  moment appear t o  be somewhat shor t  of t h e  pre- 
d ic ted  ualues, but  it should be remembered t h a t  systematic t e s t s  t o  determine 
t h e  i n l e t  performance l i m i t s  have not been accomplished. Furthermore, many of 
the systems of measurement on which i n l e t  data depend are  not as thoroughly 
calibrated and checked out as  they w i l l  be l a t e r  i n  the  research phase of the 
proyram. 
Finally, it should be noted tha t  the f l i gh t  data are  taken only a t  
engines 1 and 3, whereas the wind-tunnel data are  taken a t  a11 three engine 
posit ions.  (see refs.  2 t o  4.)  Quarter-scale wind-tunnel t e s t s  indicate 
higher pressure recoveries at the center engine position than a t  the other two. 
However, a t  a Mach number of 3 the differences are  small and the correlation 
with f l igh t  i s  insufficient t o  permit an estimation of f l i g h t  conditions fo r  
the center area with any degree of confidence. 
I The comparison between the wind-tunnel t e s t  and a i r c r a f t  operating levels 
of recovery i l l u s t r a t e s  the importance of the in l e t  perfonnsuice t o  st6b'ility 
trade o f f .  Higher recovery has been achieved recently i n  f l i gh t  i n  the high 
performance mode, but the time at Mach number 3 has been limited. These recent 
attempts t o  approach the be t t e r  recovery a t  high set t ings have been accompanied 
by a greater incidence of unstart  and some engine s t a l l s .  As  these problems 
are  resolved higher operational recoveries a re  anticipated. 
Figure 7 presents another measure of i n l e t  performance - distor t ion,  which 
i s  defined as the difference between the highest and lowest t o t a l  pressures a t  
the engine compressor face divided by the average t o t a l  pressure. Shown as 
shaded area i s  an envelope of dis tor t ions fo r  the steady-state f l i g h t  t e s t  
points t o  date.  Two typica l  f l i gh t s  are  shown within the envelope. The dis- 
tor t ion  is,  i n  general, low fo r  high supersonic airplanes today which possibly 
accounts f o r  the rather low incidence of compressor s t a l l  experienced with the 
XB-70 engines. The engine l i m i t  l ines  specified e a r l i e r  i n  the program are 
shown fo r  reference purposes. The presently used l i m i t  l ines  are  defined by a 
different  weighting method than shown here. 
The general distortion trends suggest some areas fo r  investigation. The 
high transonic peak may be associated with the i n i t i a l  i n l e t  shock attachment 
point or  the ear ly bypass door movements. The bypass door schedule probably 
influences dis tor t ion and recovery i n  the region of the second peak above Mach 
number 2 when first controllfng shock position. The d is tor t ion  above Mach'num- 
ber 2 i s  influenced by such things as diffuser  ex i t  Mach number, boundary-layer 
interactions i n  the duct, and a diminishing bypass area as Mach number 3 i s  
approached. These effects w i l l  be investigated i n  f l i gh t  by a ser ies  of care- 
fu l ly  controlled tes t s .  
Most of the in-fl ight performance described i n  the previous figures had 
been predicted by the extensive ser ies  of wind-tunnel t e s t s ,  but many of the 
ins t a l l a t ion  and operational e f fec ts  did not come for th  u n t i l  the i n l e t  w a s  
incorporated in to  the full-scale f l i gh t  vehicle. 
Foreign-object damage (FOD), always a problem f o r  air-breathing airplanes, 
has been unusually severe fo r  the XB-70. FOD on such an i n l e t  can become a 
more serious problem than just  engine damage. An example was given e a r l i e r  i n  
which FOD triggered a ser ies  of events. 
A different  type of problem with foreign material w a s  uncovered as a r e su l t  
of a recent f l i gh t  t o  Mach number 3 a t  an a l t i t ude  of approximately 70 000 fee t  
i n  which both i n l e t s  unstarted. After the f l igh t ,  the bleed holes i n  the 
boundary-layer removal areas on the throat ramps were found t o  be clogged. 
Apparently, compound used for  polishing the i n l e t  had f i l l e d  portions of the 
porous surfaces containing bleed holes as small as  three-hundredths of an inch. 
Resultant bleed flow blockage was a contributor t o  the  ins t ab i l i t y  of shock 
.' position which l ed  t o  a double unstart a t  Mach number 3. 
I n  sp i t e  of the fac t  t ha t  engine s t a l l s  have not been a problem with the 
XB-70, there i s  concern over the poss ib i l i ty  of s t a l l s  i n  mixed compression 
in le t s ,  par t icular ly short inlets ,  because they can cause unstarts t o  occur. 
Engine-induced s t a l l s  have not been as  frequent as those caused by the i n l e t  
disturbances. Increased dis tor t ion as  a resu l t  of an improper bypass door opera- 
t i o n  has been c i ted  as the cause of s t a l l  i n  one case. Another more surprising 
s t a l l  occurred with the engine well within the s table  operating region. It is  
suspected tha t  noise associated with i n l e t  duct in te rna l  turbulence as a r e su l t  
of a low performance i n l e t  set t ing triggered the  s t a l l .  Turbulence such as 
t h i s  is  being investigated by the engine and airframe manufacturers t o  be t t e r  
understand and in terpre t  the effects  on the engine and i t s  control system. 
Some spurious control signals have been experienced. The buzz indicator, which 
senses a pressure f a r  downstream i n  the duct, is presently deactivated from the 
i n l e t  control system. The reason is  tha t  during s tab le  i n l e t  operation the 
i n l e t  cycled f o r  a r e s t a r t  because the buzz sensor interpreted something incor- 
r ec t ly  as i n l e t  buzz. The control system commanded the large bypass doors t o  
open i n  order t o  r e s t a r t  the  supposedly buzzing -inlet .  Such bypass movements 
have produced ef fec ts  on the vehicle nearly as pronounced as  t rue  unstar ts .  
Restart cycles of the i n l e t  control system have a lso  happened when there were 
no unstarts.  The cause of a series of spurious r e s t a r t  cycles w a s  traced t o  a 
t ransient  voltage which induced a s ignal  t o  the  in l e t  control system resul t ing 
i n  the r e s t a r t  cycle. Spurious control s ignals ,  whether aerodynamically, elec- 
t r i c a l l y ,  or  mechanically induced, a re  a problem. 
Of part icular  in te res t ,  a re  the e f fec ts  of unstar t  and the corrective 
action of the i n l e t  control system on the  vehicle. I n l e t  unstart ,  and subsequent 
r e s t a r t  cycle, i s  as serious a problem t o  the control of the  airplane as  it is  t o  
the performance of the in l e t .  In  f igure 8 i s  shown a double unstart  t h a t  
occurred during a turn  a t  Mach number 3.  The l e f t  duct unstarted 2 seconds 
a f t e r  the start of the time history and the r ight  duct unstarted 11 seconds 
l a t e r .  The change i n  pressures under the l e f t  wing caused by the expulsion of 
the normal shock forward of the in l e t  l i p  combines with the opening of the 
bypass doors, which ac t  essentially as elevons, t o  produce an increase i n  the 
normal acceleration. The p i lo t  counters t h i s  pitching motion with a longitu- 
d ina l  control input of approximately 30 nose-down elevon. Without t h i s  input 
the  airplane would have pitched to  a higher load factor .  Likewise, loss  of 
thrus t ,  increased spi l lage drag, and the opening of the bypass during the 
r e s t a r t  cycle caused a longitudinal deceleration of approximately 0.1g. Per- 
haps even more s ignif icant  than the steady-state deceleration i s  i t s  r a t e  of 
onset, o r  jerk, which i s  very nearly a O.lg s tep function. The unstart  and 
door movements a l so  affect the l a t e ra l  control of the airplane causing it t o  
r o l l  toward t he  s ide  t h a t  has unstarted.  The p i l o t ' s  correct ive  act ion pre- 
vents t h e  r o l l  r a t e  from becoming la rge  but the re  is  a noticeable change i n  
bank angle. There have been a number of f a l s e  uns ta r t s  with similar e f f e c t s  on 
t h e  a i rplane.  It has been suggested t h a t  t h i s  uns ta r t  w a s  caused by foreign 
mate r ia l  i n  t he  boundary-layer bleed holes but  recent experiences with addi t ional  
double uns t a r t s  at  Mach numbers from 2.7 t o  3.0 have shown t h i s  t o  be only a 
p a r t i a l  answer. 
CONCLUDING REMARKS 
The XB-70 air-induction system i s  generally sa t i s fac tory ,  i s  adequately 
matched iu t he  engine fiuw requirements, and car1 be coiiti~oiieii for the varioiis 
f l i g h t  ranges. The large s i ze  of t he  duct and the  arrangement of t h e  engines 
probably contr ibute  t o  t h e  unusual amount of foreign-object damage experienced. 
Flow d i s to r t i on  at the compressor face  is  well within t he  permissible range and 
has been insuf f ic ien t  t o  cause engine performance l o s s  at  most f l i g h t  conditions. 
I n l e t  uns t a r t s  at cruise Mach number cons t i tu te  a new problem f o r  high super- 
sonic a i r c r a f t  seriously affect ing t h e  dynamics of the  i n l e t  and airframe. The 
noise, l i k e  a muffled explosion, and t he  a i r c r a f t  gyrations a r e  unacceptable t97 
p i l o t  and crew. 
The allowable in-f l ight  margins between i n l e t  s t a b i l i t y  and optimum per- , 
formance i n  f l i g h t  including e f f e c t s  of turbulence, passing shocks, and o t h e r ,  
disturbances w i l l  be evaluated and compared with wind-tunnel experience, thko-; 
r e t i c a l  predictions,  and computer simulations i n  a jo in t  NASA/USAF XB-70 
\ program. 
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14. A STUDY OF THE PROBLEMS OF CONTROL OF 
- 
A SUPERSONIC I N r n  
By John J. Gawienowski, and John L. ~ e n s o n l  
NASA Ames Research Center 
SUMMARY 
A major problem i n  operating i n t e r n a l  contraction i n l e t s  on supersonic 
a i r c r a f t  i s  preventing i n l e t  uns ta r t  due t o  terminal  shock i n s t a b i l i t y .  Fac- 
t o r s  contributing t o  t h i s  problem, such a s  the  dynamic response of an i n l e t  t o  
i n t e r n a l  and external  disturbances and performance cha rac t e r i s t i c s  of i n l e t  
con t ro l le r s ,  were invest igated.  The r e s u l t s  of t he  invest igat ion showed t h a t  
f o r  t he  given i n l e t  design and i t s  ideal ized con t ro l  system, a s t a b i l i t y  mar- 
, 
gin  corresponding t o  l e s s  than l-percent reduction of pressure recovery would 
prevent i n l e t  uns ta r t  by t he  simulated disturbances, and t h a t  the  dynamic and 
s t a t i c  cha rac t e r i s t i c s  of the  current  s ta te-of- the-ar t  i n l e t  con t ro l le r s  would 
adequately meet t he  requirements of a control  system f o r  a supersonic mixed- 
compression i n l e t .  A comparison of an ana ly t i c a l  i n l e t  model with experimen- 
t a l  r e s u l t s  showed very good agreement. 
I 
A major problem i n  the  operation of a mixed compression i n l e t  on a 
supersonic a i r c r a f t  is  i n l e t  uns ta r t  due t o  terminal  shock i n s t a b i l i t y .  To 
achieve high eff ic iency of the  propulsion system it is necessary t o  maintain 
the  terminal  shock c lose  t o  t he  i n l e t ' s  aerodynamic t h roa t .  The necessary 
s t a b i l i t y  margin, t he  distance from the  th roa t  a t  which t h e  terminal  shock 
must be posit ioned t o  prevent unstart ing,  i s  a function of t h e  amplitude and 
frequency of the  flow disturbances, t he  dynamic cha rac t e r i s t i c s  of the  i n l e t ,  
and the  response and s t a t i c  accuracy of t he  control  system. To examine each 
of these  fac tors ,  a  research program was undertaken by Ames through a con- 
t r a c t  with t he  Lockheed-Calif ornia Company. The program objectives a r e  pre - 
sented i n  f igure  1. The research e f f o r t  was divided i n to  three  major areas :  
t he  wind-tunnel t e s t i n g  of a controlled axisymmetric i n l e t  t o  determine the 
response of t he  terminal shock when subjected t o  simulated i n t e rna l  and 
ex te rna l  disturbances; the  bench t e s t i n g  of representa t ive  s ta te -of - the-a r t  , 
i n l e t  con t ro l le r s  t o  determine t h e i r  performance charac te r i s t i cs ;  and f i n a l l y ,  
a  comparison of the  response of an ana ly t i c a l  representation of t he  i n l e t  
system with experimental data. A deta i led descr ipt ion of t h e  t e s t  equipment, 
procedure, and r e s u l t s  i s  presented i n  reference 1;- 
'~ockheed -~a l i fo rn i a  Company. 
m.2 /% engine-face mass-flow r a t i o  
% f ree  -stream Mach number 
p 12 s t a t i c  pressure, on centerbody a f t  of th roa t  
pt2  Ipt, engine -face t o t a l  -pressure recovery 
a angle of a t tack 
DESCRIF'TION OF MODEL 
The axisymmetric mixed-compression i n l e t  model t es ted  is  shown i n  
f igure  2. The i n l e t  incorporates three boundary-layer- bleed plenums on the 
centerbody and two on the cowl, and i s  instrumented with 45 dy-namic pressure 
transducers and 281 s t a t i c  pressure o r i f i ce s .  The cowl sleeve can be t rans-  
l a t ed  t o  vary contraction r a t i o  and the a f t  sleeve can be t ransla ted t o  regu- 
l a t e  e x i t  mass flow. Probes were located a t  the  cowl l i p  t o  measure l oca l  
Mach number. The measured steady-state performance 9f the  i n l e t  shown i n  f i g -  
ure 3 i s  representative of the current M = 3.0 i n l e t  s t a t e  of the  a r t .  The 
maximum pressure recovery i s  88 percent with a bleed mass-flow r a t i o  of 
approximately 8-112 percent. 
Figure 4 i s  a schematic drawing of the i n l e t  and i ts  controls.  The model 
i s  equipped with a variable bypass valve located at  the simulated engine face 
s t a t i on  and a variable a f t ~ e x i t  valve. Both valves can be scheduled t o  per-  
form various time-dependent displacements controlled from a small analog com- 
puter  or  a s igna l  generator. The analog computer a l so  served a s  an idealized 
i n l e t  control ler  i n  a closed-loop shock posi t ion control  system i n  which 
s t a t i c  pressure o r i f i ce  P12 provided the control  s ignal .  For t h i s  control  
mode, the switches in  f igure  4 are  closed. During t h i s  phase of the  inves t i -  
gation, the by-pass valve responded t o  an e r ro r  s igna l  proportional t o  the  
difference-between the steady s t a t e  and the disturbed shock posi t ion.  The 
flow disturbances were generated in te rna l ly  by the  a f t  e x i t  valve and exter-  
na l ly  by the disturbance a i r f o i l .  
Figure 5 i s  a photograph of the  a i r f o i l  i n s t a l l ed  in. the  Ames 8- by 
7-foot wind tunnel. The a i r f o i l  has a rectangular planform which spans the 
t e s t  section. It i s  supported a t  the  center by a s t r u t  mounted from the tun- 
ne l  ce i l ing  and a t  each t i p  by journal bearings which permit ro ta t ion  i n  angle 
of a t tack.  The a i r f o i l  i s  located f a r  enough upstream f o r  the  i n l e t  t o  oper- 
a t e  i n  the  "far" f i e ld  produced by the a i r f o i l  when it is osc i l l a ted  through 
angle of a t tack.  The mechanism fo r  o sc i l l a t i ng  the a i r f o i l  operates through 
the center s t r u t .  
DESCRIPTION OF DISTURRA.NCES 
Figure 6 l i s t s  t h e  in te rna l  and external  disturbances invest igated i n  
t h e  t e s t  program. The i n t e rna l  disturbances considered were: simulated 
engine disturbances, such as  a t h r o t t l e  advance o r  af terburner  blowout, and 
s inusoidal  o sc i l l a t i ons  of t h e  e x i t  mass flow. These engine t r ans i en t s  were 
chosen t o  be investigated because of t h e i r  r e l a t i ve ly  l a rge  amplitudes and 
shor t  periods. The time h i s to ry  var ia t ions  of engine a i r f low were obtained 
from the  General E lec t r i c  Company. The ex te rna l  disturbances invest igated 
were: a simulated atmospheric gust, a simulated shock wave fro111 passing 
supersonic a i r c r a f t ,  and sinusoidal  o sc i l l a t i ons  of t he  disturbance a i r f o i l .  
The gust  was investigated because it is believed t o  be t h e  most common atmo- 
spheric disturbance, and because it is  known t o  cause occasional l a rge  per -  
turbat ions .  It w a s  t r ea ted  a s  a d i s c r e t e  phenomenon with a cosine var ia t ion  
of Mach number representing a 1.5-percent change i n  l o c a l  Mach number. 
Because it was not possible t o  vary wind-tunnel temperatures rapidly  gusts  
due t o  free-stream temperature changes could not be  simulated. The passing 
shock wave w a s  investigated because it was believed t o  present  t h e  s t rongest  
probable external  disturbance. The time h i s to ry  var ia t ion  of ex te rna l  pres  - 
sure,  which represented a k l p e r c e n t  change i n  l o c a l  s t a t i c  pressure,  w a s  
determined from sonic boom measurements. 
To obtain t he  i n l e t ' s  dynamic cha rac t e r i s t i c s  t he  response of t h e  i n l e t ' s  
terminal  shock t o  s inusoidal  o sc i l l a t i ons  of t he  e x i t  plug o r  of t he  d i s t u r -  
bance a i r f o i l  was determined before t he  engine and atmospheric disturbances 
were simulated. Data were obtained f o r  ex i t ' p lug  frequencies from 1 t o  30 cps 
and disturbance a i r f o i l  frequencies from 1 t o  20 cps, with t he  i n l e t  control  
i n  both open and closed loop modes. 
Test r e su l t s  showed t h a t  for  both i n t e r n a l  and ex te rna l  s inusoidal  
disturbances t h e  response charac te r i s t i c  of t h e  i n l e t  terminal  shock was 
approximately l i n e a r  up t o  10 cps . 
RESPONSE TO THROTTLE ADVANCE 
Figure 7 shows t he  response of t he  i n l e t  model t o  an engine t h r o t t l e  
disturbance f o r  both open and closed loop modes. This disturbance w a s  simu- 
l a t e d  by a reduction i n  d i f fuser  e x i t  mass flow a s  shown i n  t he  upper p l o t .  
The open-loop control  mode, with t he  bypass valve inoperative, i s  shown a s  a 
s o l i d  l i ne ;  t he  closed-loop mode, with t he  bypass valve operative i s  shown as  
a dashed l i ne .  The resu l t ing  change i n  s igna l  pressure,  P12, i n  pounds per  
square foot ,  is  shown i n  t he  next p l o t .  The response of t he  terminal  shock 
posi t ion,  i n  inches a f t  of t he  spike vertex,  indicates  t h a t  t h e  closed-loop 
mode caused a s ign i f ican t  reduction i n  terminal  shock motion compared with 
t h e  open-loop mode. A l l  t h e  simulated disturbance t e s t s  were made with t he  
terminal  shock i n i t i a l l y  positioned t o  prevent uns t a r t  i n  t he  open-loop mode. 
Elis procedure was adopted because e a r l i e r  t e s t s  had indicated t h a t  t he  loca- 
t i o n  of t he  boundary-layer-bleed system, r e l a t i v e  t o  t he  terminal  shock, 
could appreciably a f f ec t  t h e  terminal shock motion. Therefore, it is  
probable t h a t  t he  shock movement i n  the  closed-loop t e s t s  i s  l e s s  than it 
would be i f  the  i n i t i a l  shock pos i t ion  were c loser  t o  the  aerodynamic th roa t .  
(The i n l e t  aerodynamic th roa t ,  or  forward l i m i t  of s t ab l e  shock posi t ion,  w a s  
located 38-314 inches a f t  of the  spike ver tex. )  The bottom p l o t  presents t he  
t o t a l  pressure recovery var ia t ion  with time. This p l o t  w a s  derived by taking 
points  on t he  shock posi t ion curve and assuming t h a t  t h e  corresponding pres -  
sure recovery was t ha t  f o r  steady-state conditions with the  same shock posi -  
t i on .  From t h i s  p l o t  a s t a b i l i t y  margin i s  determined which i s  defined a s  t he  
di f ference i n  pressure recovery between the  i n i t i a l  o r  steady shock pos i t ion  
and t h e  pressure recovery which i s  indicated a t  t he  f a r t h e s t  forward shock 
posi t ion.  For the  open-loop mode, a s t a b i l i t y  margin of approximately 1 .5  
counts of pressure recovery i s  required t o  prevent uns t a r t  and under closed- 
loop conditions about 0 .1  count i s  required. These wind-tunnel disturbance 
t e s t s  do not include a l l  t he  fac tors  t h a t  may influence t he  terminal  shock 
s t a b i l i t y  margin during ac tua l  f l i g h t  conditions. Because of a lack of data,  
no provisions were made t o  simulate engine and s t ruc ture  noise, forebody t u r -  
bulence, o r  con t ro l le r  time constants. 
The af terburner  blowout t e s t  r e su l t s  showed t h a t  t he  open-loop mode 
requires a s t a b i l i t y  margin of 1.2 counts of pressure recovery and t he  closed- 
loop mode requires a s t a b i l i t y  margin of about 0.4 count. 
RESPONSE TO ATMOSPHERIC GUST 
Figure 8 shows the response charac te r i s t i cs  of t he  i n l e t  model f o r  both 
open- and closed-loop modes when t he  model i s  subjected t o  a simulated atmo- 
spheric gust .  Note t ha t  t he  time sca le  has been considerably expanded. In  
t he  f i r s t  p lo t ,  a i r f o i l  angle of a t t ack  represents t he  simulated atmospheric 
gust  disturbance. This scheduled var ia t ion  of a i r f o i l  angle corresponds t o  
the  measured steady-state change i n  l o c a l  Mach number. The var ia t ion  i n  t he  
s igna l  pressure,  P12, and t h e  terminal shock pos i t ion  a r e  shown i n  the  next 
two p lo t s .  In comparing t he  terminal shock t r a v e l  f o r  both control  modes, it 
w i l l  be noted t h a t  the shock motior, i s  g rea te r  i n  t h e  closed-loop mode than 
i n  t he  open loop. This i s  due t o  t he  high phase l ag  of t he  closed-loop system 
of which t he  major contributing fac tor  i s  t he  dynamic charac te r i s t i cs  of t h e  
bypass e x i t  plenum. The bottom p l o t  presents t h e  derived pressure recovery. 
For t h i s  disturbance the  s t a b i l i t y  margin required f o r  both t he  open- and 
closed-loop modes i s  approximately 0.3 count of pressure recovery. The s t a -  
b i l i t y  margin requirement i s  small because of t he  high frequency of t h i s  d i s -  
turbance. The pressure recovery shows a la rge  momentary decrease i n  recovery 
because of t he  shock passing downstream of t he  boundary-layer-bleed system 
in to  a high Mach number region with the  at tendant stronger shock - boundary- 
layer  in teract ion.  The downstream movement would be expected t o  increase t h e  
d i f fuser  e x i t  d i s to r t ion ,  which, i n  an ac tua l  i n s t a l l a t i on ,  might r e s u l t  i n  
compressor s t a l l .  A large  downstream shock movement was experienced during 
the  afterburner blowout disturbance i n  the  open-loop mode, which a l s o  would 
cause an increase i n  d i s to r t ion .  
The r e su l t s  of t he  t e s t  of a passing shock wave indicate  a s t a b i l i t y  
margin requirement of about 0.6 count of pressure recovery f o r  t he  open-loop 
mode and 0.4 count f o r  the  closed-loop mode. 
DESCRIPTION OF BENCH TEST SIMOLATION 
The second objective of t he  t e s t  program was t o  determine t h e  dynamic nnd 
s t a t i c  charac te r i s t i cs  of pressure r a t i o  computers which might be used as 
i n l e t  shock pos i t ion  c o ~ t r o l l e r s .  A schemt i c  diwram of t h e  &yaaraic bench 
t e s t  simulation i s  shown i n  f igure 9. The upper hal f  of t he  diagram shows the  
mechanical equipment por t ion of the  simulation which includes a pneumatic 
function generator t o  produce the  desi red s igna l  pressures,  a reference pres -  
sure, an ac tua l  i n l e t  control ler ,  t he  bypass actuator  from t h e  i n l e t  model, 
and a simulated load on the  actuator.  The actuator  pos i t ion  was transmitted 
t o  t he  analog computer, represented i n  the  lower hal f  of t h e  diagram. This 
analog representation included the bypass plenum dynamics, simulated engine 
disturbances, t he  d i f fu se r  dynamics, t h e  resu l tan t  shock pos i t ion  output, 
simulated ex te rna l  disturbances, and s igna l  pressure nonl inear i t i es .  The 
output of the  analog computer was d i rec ted  i n t o  t h e  pneumatic function gen- 
e r a t o r  t o  complete t he  system. Besides t he  dynamic cha rac t e r i s t i c s  of t he  
con t ro l le r s  which were determined i n  t h e  bench t e s t  simulation, various s t a t i c  
cha rac t e r i s t i c s  were determined, such a s  gain, l i nea r i t y ,  hys te res i s ,  thresh-  
old,  repea tab i l i ty ,  sa tu ra t ion  l imi t s ,  temperature s ens i t i v i t y ,  d r i f t ,  and 
. noise. A l l  these  measured s t a t i c  charac te r i s t i cs  proved t o  be s a t i s f ac to ry  
and, t o  some degree, s imi la r  . 
Signif icant  t e s t  r e su l t s  obtained a r e  shown i n  f igure  10. The three  
t y p i c a l  con t ro l le r s ,  designated according t o  t h e i r  method of computing pres -  
sure  r a t i o ,  a r e  A, an electromechanical uni t ,  33, a hydromechanical un i t ,  and 
C ,  a hydropneumatic un i t .  The char t  presents t h e  r a t i o  of closed-loop t o  
open-loop shock t r a v e l  f o r  t he  three  con t ro l le r s  f o r  t he  various i n t e rna l  and 
ex te rna l  disturbances. The shock t r a v e l  used i n  t he  r a t i o s  w a s  t h e  minimum 
t r a v e l  a t t a inab le  without causing an i n l e t  uns ta r t .  Since t h e  bench-test 
simulation w a s  performed p r i o r  t o  t h e  wind-tunnel t e s t ,  it did  not incorporate 
an exact representation of the  i n l e t  dynamic charac te r i s t i cs .  I n  addit ion,  a 
di f ference i n  i n i t i a l  s teady-state shock pos i t ion  and disturbance periods con- 
t r i bu t ed  t o  t h e  bench t e s t  shock t r a v e l  distances being general ly  l a r g e r  than 
those observed i n  t he  wind-tunnel t e s t .  The r e su l t s  shown i n  t h i s  char t  a re ,  
therefore ,  indicat ive  only of the  comparative performances of t he  con t ro l le r s .  
For t he  i n t e r n a l  disturbances the  char t  shows t h a t  the  performance of t he  
th ree  con t ro l le r s  was s imilar  and generally sa t i s fac tory .  The one exception, 
u n i t  B during t he  afterburner blowout t e s t ,  was due t o  the  con t ro l le r  becoming 
saturated and thereby l imi t ing the ve loc i ty  of the  by-pass door. For t he  ex t e r -  
n a l  disturbances, un i t s  B and C, with slower response r a t e s  than A, could not 
respond t o  t he  very rapid disturbances and thereby did not influence the  shock 
t r ave l .  The r a t i o s  shown f o r  uni ts  B and C a r e  g rea te r  than 1 .0  because t he  
open-loop shock t r a v e l  distance i s  very small, about t he  same order of magni- 
tude a s  the  noise i n  t h e  system. Unit A, with a r e l a t i ve ly  f a s t  response, 
attempted t o  compensate f o r  the  disturbance but  only aggravated t he  condit ion 
because it was 1800 out of phase a t  t h e  disturbance frequency. This problem 
- 
'.. 
can eas i ly  be rec t i f ied ;  however, it should be recognized t h a t  such events 
can occur. In t h i s  case it was advantageous t o  have a low response control-  
l e r .  It should be mentioned here t h a t  these control ler  un i t s  were adaptations 
of exis t ing hardware and addit ional modifications can be made t o  improve t h e i r  
response ra tes .  
CORRELATION O F  MATHEMATIW MODEL WITH EXPERDENTAL DATA 
The f i n a l  objective of the  t e s t  program was t o  prepare a mathematical 
model f o r  an analog simulation of the  closed-loop wind-tunnel-test control  
system. This simulation was s imilar  t o  t h a t  employed i n  the  closed-loop bench 
t e s t ,  except t n a t  a i i  the  wind-tunnel i n l e t  modei cnaracter is t ics  were pro- 
grammed in to  the analog computer. The simulation was composed of an ana ly t i -  
c a l  model of the i n l e t  aerodynamics and the previously measured dynamic 
character is t ics  of the bypass, control ler ,  and s igna l  pressure. The bypass 
dynamics could not be predicted purely on a theore t ica l  bas i s  because of the  
complex aerodynamic passages of the  bypass exhaust system of the  model used i n  
t h i s  study; the  dynamics of the  control ler  were determined from the bench 
t e s t s  because they also a re  too complex t o  predict  analyt ical ly;  and the s i g -  
na l  pressure dynamic character is t ics  from a previous wind-tunnel t e s t  were 
used because the ana ly t ica l  model could not p red ic t  the  observed nonlineari-  
t i e s .  Figure 11 shows a canparison between the r e su l t s  from the  analog sim- 
ulat ion and the wind-tunnel t e s t  f o r  a closed-loop control  system subjected 
t o  a t h r o t t l e  .advance. As noted, agreement between simulated r e su l t s  and 
experiment f o r  t h i s  case is very good. Similar r e su l t s  were obtained f o r  the  
other i n t e rna l  disturbance, indicating the f e a s i b i l i t y  of conducting accu- 
r a t e  ana ly t ica l  studies p r io r  t o  the  fabr icat ion and t e s t  of a complete system. 
CONCLUSIONS 
The resu l t s  obtained from t h i s  investigation indicate t h a t  f o r  t h i s  i n l e t  
design and i t s  idealized control system, a s t a b i l i t y  margin corresponding t p  
a loss  of l ess  than one count of pressure recovery would prevent i n l e t  uns ta r t  
in i t . ia ted by the simulated disturbances; t h a t  the  dynamic and s t a t i c  char- 
a c t e r i s t i c s  of the  current state-of-the-art  i n l e t  control lers  would adequately 
meet the  requirements of a control  system fo r  a supersonic mixed compression 
in l e t ;  and ana ly t ica l  models can be developed which w i l l  c losely correla te  
with experimental data. 
While many useful resu l t s  were obtained i n  t h i s  study, the  need f o r  
addi t ional  research in cer ta in  areas is  evident. The most important of these 
include : 
1. Further research t o  be t t e r  define the time h is tory  var ia t ions  of 
pressure, temperature, a n d  ve7.0city i n  gusts and other types of atmospheric 
disturbances. 
2. Additional research t o  determine t he  e f f e c t s  of dynamic i n l e t  flow 
d i s to r t i ons  on engine operation including t h e  modeling of engine s t a l l .  
3. Additional t e s t i n g  of an in tegrated inlet-engine-exhaust system with 
r e a l i s t i c  controls  t o  fu r ther  define problem areas  and subs tan t ia te  mathemat- 
i c a l  modeling techniques. 
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SUMMARY 
A review is made of recent NASA research on performance of propulsive 
exhaust nozzles and jet-airframe interference. The importance of off-design 
performance and nozzle-installation effects is emphasized. Extensive refer- 
ence is made to papers describ-ing specific research. 
INTRODUCTION 
As early as a decade ago, the NACA had made comprehensive studies of air- 
craft jet-engine exhaust-nozzle performance for nozzles of conventional type 
such as convergent-divergent ejectors and isentropic spike nozzles. Although 
the performance penalties associated with off -design operat ion and jet -airframe 
interference were recognized problems, primary attention had been directed 
toward achievement of maximum performance at specified design operating con- 
ditions. Representative papers on' early research on exhaust nozzles are cited 
in references 1 to 4. 
More recently, development of the variable-sweep concept for aircraft 
wings and increasing interest in tactical fighter and supersonic transport 
aircraft have revived general interest in aircraft propulsion, especially in 
the off-design performance of exhaust nozzles, and in the mutual influence 
between the propulsion system and the airframe. Research on aircraft propul- 
sion stemming from these interests has produced a sizable volume of informa- 
tion, some of which has not received wide distribution. It is the purpose of 
this paper to present a brief r&surn& of recent NASA research on exhaust noz- 
zles and jet effects. 
SYMBOLS 
drag of external airstream on nozzle components, plus ram drag of 
nozzle secondary flow 
nozzle gross thrust 
ideal gross thrust of exhaust gases, isentropically expanded to 
ambient static pressure 
lift-drag ratio 
- - _- -- --- 
Preceding page blank 
-- 
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, .free-stream Mach number 
i aR increment i n  range 
0 discharge angle 
DISCUSSION 
I Performance Sensi t ivi ty  t o  Cr i t i ca l  Parameters 
Figure 1 i l lus t r a t e s  the importance of exhaust-nozzle performance i n  rela-  
t i o n  t o  other factors  which determine overal l  a i r c r a f t  performance. The chart  
i s  based on a 3500-nautical-mile mission fo r  a 450 000-pound supersonic t rans-  
port  a i r c r a f t  cruising a t  a Mach number of 2.7. Increment i n  range i s  shown as 
a function of percentage change i n  a specified parameter. The parameters con- 
sidered are: i n l e t  pressure recovery, propulsion package weight, airframe lift- 
drag rat io ,  and nozzle gross thrus t  coefficient. For example, a 1-percent 
improvement i n  nozzle gross thrust coeff ic ient  w i l l  increase the range by 
100 naut ical  miles, in  t h i s  case by about 3 percent. It i s  obvious a l so  tha t  
nozzle performance has much more influence on a i r c r a f t  range than the other 
factors  considered. (see r e f .  5. ) 
Supersonic Transport Fuel Usage 
Fuel usage f o r  a typical  supersonic transport  mission i s  shown i n  f igure 2. 
Inasmuch as  one-half of the f u e l  i s  used i n  cruise  at M = 2.7, the highest 
possible nozzle performance must be achieved at t h a t  design condition. Note, 
however, tha t  35 percent of the fue l  (and perhaps the  l>percent reserve fue l )  
i s  used in  the off--design conditions of take-off, climb, acceleration, letdown, 
rqd l o i t e r ,  so tha t  high performance of the nozzle i n  of f i ies ign  operation i s  
a l so  of prime importance and should be achieved without compromising cruise 
performance. 
The expression "off-design" i s  used herein t o  indicate  values of airspeed 
and nozzle pressure ra t io  considerably different  from those f o r  which the nozzle 
design i s  optimized. For supersonic transport  nozzles, "off-design" frequently 
implies operation a t  subsonic and transonic speeds. In t h i s  sense, much of the 
exhaust-nozzle research at  Langley has been directed toward study of off-design 
perf omance . 
Par t ia l  Scope of Research on Isolated Nozzles 
Figure 3 indicates the scope of some recently completed and current NASA 
research on isolated exhaust nozzles. The pr incipal  types of propulsive noz- 
zles ,  c lass i f ied  broadly as "open" and "plug," are  indicated in  t h i s  figure 
along with special  features having general application. Any of these nozzles 
- which can provide f o r  e f f ic ien t  expansion of the exhaust gases at  high pressure 
r a t i o  can be designed t o  give good performance at a specified design condition. 
The merit of any par t icu lar  nozzle type, however, frequently depends upon i ts  
a b i l i t y  t o  operate e f f ic ien t ly  a t  conditions other than design. This qual i ty  
usually requires variable geometry. Research on terminal fa i r ings  f o r  exhaust 
nozzles i s  t reated in  references 6 t o  11. In t h i s  paper, no attempt i s  mde t o  
summarize the research on noise suppressors (see refs .  12 t o  16) or  on thrus t  
reversers (see refs .  17 t o  27). 
Research Models 
Figures 4 and 5 present composite photographs of je t -exi t  research models 
investigated i n  the Langley 16-foot transonic tunnel. Each model incorporated 
a hydrogen-peroxide gas generator t o  produce a hot j e t  properly scaled t o  simu- 
l a t e  the engine exhaust. (see re fs .  28 t o  30. ) Each investigation pertained 
t o  the e f fec ts  of je t  operation on afterbody pressures and drag, on a i r c r a f t  
s t a b i l i t y  and control, and, i n  some cases, on temperature of airframe components 
washed by the  je t .  Description of work conducted with these models i s  pre- 
sented in  the references as follows: F-11F, references 11, 21, 31, and 32; 
F-101, references 33 t o  35; A-Z(A-6), references 36 and 37; wing-nacelle j e t ,  
reference 38; isolated nacelle, reference 39; and clustered j e t  exi ts ,  re fer -  
ence 40. The nozzle types indicated i n  figure 3 are  representative of many 
configurations which have been investigated on t e s t  r ig s  similar t o  the  iso- 
la ted  nacelle shown i n  figure 5 .  
Convergent-Divergent Ejector Nozzles 
In the  f i e l d  of a i r c r a f t  propulsion, the convergent-divergent e jec tor  noz- 
z le  i s  scmetimes regarded as a standard by which other nozzles may be evaluated. 
In f igure 6, the thrus t  efficiency of a convergent-divergent nozzle i s  presented 
a s  a function of f l i g h t  Mach number. Thrust efficiency i s  defined as  the r a t i o  
of nozzle gross thrust  minus external drag t o  idea l  thrust .  ('The drag term 
a l so  includes the ram drag of secondary a i r . )  The shaded region i n  t h i s  f igure 
represents the band of efficiency within which convergent-divergent nozzles f o r  
the supersonic transport can be designed t o  operate. (see r e f .  41.) fit design 
conditions near a Mach number of 3.0, the nozzle afterbody can be made cylin- 
dr ical ,  i n  which case there i s  no pressure drag, skin f r i c t i o n  drag i s  small, 
and thrust-minus-drag performance i s  near ideal .  To achieve high performance 
over a wide range of speeds, the nozzle must incorporate variable gemetry as 
indicated i n  the  sketches and have the a b i l i t y  t o  vary expansion r a t i o  from a 
value of unity a t  low speeds t o  about 4.0 a t  a Mach number of 3.0. A t  off - 
design conditions, however, especially a t  subsonic cruise or  l o i t e r  and f o r  
transonic acceleration, the boat ta i l  angle (and, therefore, drag) i s  large, and 
thrust-minus-drag performance i s  reduced accordingly. Even though the variable- 
geometry convergent-divergent ejector nozzle w i l l  operate with high efficiency 
over a wide range of speeds, t h i s  type of nozzle, i n  general, i s  mechanically 
complex and heavy. Results of research on miscellaneous convergent-divergent 
and ejector  nozzles are  presented i n  references 2, 3, 39, and 41 t o  61. Boat- 
t a i l  and afterbody drag pertinent t o  variable-geometry convergent-divergent 
nozzles is  discussed i n  references 62 to  70. 
- 
Blow-In-Door Ejector Nozzle 
Features of the  blow-in-door exhaust nozzle system, which makes use of 
base vent i la t ion  t o  improve off-design performance, a r e  i l l u s t r a t e d  i n  f i g -  
ure 7. The name i s  derived from the  f ree-f loat ing f laps ,  or  blow-in doors, 
which a re  located just upstream of t he  e jec tor  shroud. A t  subsonic and t ran-  
sonic speeds where the j e t  total-pressure r a t i o  i s  low, t he  doors a r e  forced 
inward by the  higher external pressure. External a i r  flows i n t o  t he  e jec tor  
and reduces the  overexpansion of the  primary exhaust. A t  higher Mach numbers, 
the  higher pressure inside the shroud forces the  doors t o  a closed posi t ion and 
the system functions as a convergent-divergent e jec tor .  Because these doors o r  
auxi l ia ry  i n l e t s  a r e  upstream of the  nozzle e x i t ,  it might be expected t h a t  
t h i s  type of nozzle would be sensi t ive  t o  i n s t a l l a t i o n  e f f ec t s  or  t o  unsymmet- 
t i c a l  external  flow. 
The sol id- l ine  curve i n  f igure  7 presents subsonic and transonic data 
obtained with an i so la ted  nozzle operating i n  axisymmetric external  flow (ram 
drag of secondary a i r  not included i n  performance parameter). The dashed-line 
curve shows performance of a nozzle of the  same design when in s t a l l ed  as a twin 
c lus te r  i n  an a i r c r a f t  configuration and operating i n  the  a i r c r a f t  flow f i e l d .  
A comparison of nozzle performance f o r  the  i so la ted  and i n s t a l l e d  cases shows 
t h a t  the  performance for the  i n s t a l l ed  nozzles i s  lower than t h a t  f o r  the  i so -  
l a t ed  nozzle by about 2 percent. A small par t  of t h i s  l o s s  w a s  i n t e rna l  and was 
caused by lower pressures i n  the  secondary a i r  passage which forms an in t e rna l  
base. Most of the  loss,  however, i s  due t o  increased external  drag. The 
severe drop i n  performance a t  transonic speeds f o r  both the  i so l a t ed  and 
in s t a l l ed  nozzles i s  due t o  rapid increase i n  drag on the  doors and shrouds i n  
t h i s  speed range. A t  higher Mach numbers, the  doors close; the  performance 
improves and has been shown t o  f a l l  within the shaded band. The curves showing 
performance a t  subsonic and transonic speeds a r e  data f o r  a spec i f ic  engine 
operating a t  specified values of pressure r a t i o .  The shaded band showing 
supersonic performance i s  intended t o  indicate  general capabi l i ty  of the  blow- 
in-door type of nozzle. Performance of several  blow-in-door nozzle designs i s  
presented i n  references 7 l t o  73, and data per t inent  t o  auxi l iary i n l e t s  f o r  
supplying nozzle secondary a i r  flow a re  given i n  reference 74. 
~l-& Nozzle With Terminal Fairings 
Typical performance f o r  an isentropic plug nozzle with and without terminal 
f a i r i ngs  i s  presented i n  f igure  8. An isentropic  plug nozzle can generally be 
designed t o  give good performance a t  any specified operating condition. For 
example, t he  nozzle without terminal fa i r ings  shown i n  t he  upper left-hand s ide  
of f igure  8 was designed fo r  a pressure r a t i o  of 10 corresponding t o  operation 
of a tu rboje t  a t  Mach 1.8. A t  speeds near t h i s  value the performance of t h i s  
nozzle i s  good, a s  shown by the sol id- l ine  curve. Because the  basic  design of 
an isentropic  plug nozzle requires ra ther  abrupt curvature of the  outer l i p ,  
l i p  drag i s  high, especially a t  transonic speeds, and i s  corre- 
spondingly low. A t  speeds above the  design value, t he  nozzle i s  undereqanded 
and performance suffers.  
One approach toward improving the off-design operation i s  through the use 
of terminal fair ings as i l l u s t r a t ed  i n  the upper right-hand s ide of figure 8. 
The terminal fa i r ings  a re  streamlined bodies which f a i r  in to  the  rearward- 
facing surface of the nozzle outer l i p  and effect ively reduce afterbody boat- 
t a i l  angle. These fa i r ings  reduce l i p  drag, permit venting of the  base a t  low 
speed, and provide additional expansion surface fo r  the j e t  a t  high speeds. 
The performance of the  M = 1.8 design nozzle with the terminal fa i r ings  i s  
shown by the  dashed l ine .  Subsonic and transonic performance i s  improved 
through reduction of l i p  drag; peak performance i s  a t  about the same level ,  but 
design speed and pressure r a t io  have been increased because the effect ive expan- 
sion r a t i o  fias beer? increased. The performance of plug and other type nozzles 
with and without terminal fairings i s  presented i n  references 6 t o  11, and 75 
t o  82. 
Long-Cone Plug Nozzle 
The long-cone plug nozzle, i l l u s t r a t e d  i n  the sketches i n  f igure 9, 
a t tacks the problem of l i p  drag by removing most of the l i p .  The essent ia l  
elements of the nozzle a re  a more or  l e s s  cyl indrical  shroud surrounding a 
re la t ive ly  long s t ra ight  conical plug. The upper left-hand sketch i n  the  f i g -  
ure shows the  nozzle i n  the  off-design or subsonic configuration. The shroud 
l i p  has a very shallow boat ta i l  angle and terminates near the maximum diameter 
of the plug. Subsonic performance of the  nozzle with f u l l  length plug as  shown 
by the so l id  l i n e  i s  excellent. The plug length can be reduced by one-half 
(short-dash l i n e )  with only a small penalty. Further reduction i n  plug length 
r e su l t s  i n  rather  dras t ic  losses. The performhce of t h i s  subsonic configura- 
t i on  i s  generally poor a t  speeds greater  than a Mach number of 1.0 because of 
reduced pressure on the plug (ref .  83). 
For transonic and supersonic operation, this type of plug nozzle must 
incorporate a t ranslat ing shroud a s  indicated i n  the upper right-hand sketch 
so  tha t  the  configuration becomes an annular convergent-divergent nozzle. With 
t ranslat ion of the  shroud scheduled t o  provide expansion r a t i o  appropriate t o  
Mach number and pressure r a t io ,  t he  performance a t  supersonic speeds i s  com- 
pe t i t i ve  with tha t  of ti convergent-divergent nozzle. Although good performance 
can be obtained over a wide range of Mach number, the cone plug nozzle poses a 
mechanical design problem when variation of nozzle throat  area i s  required, as 
f o r  af terburning . 
Concave-Plug Nozzle 
Figure 10 presents typical performance of a concave-plug nozzle. Tl_..s 
nozzle design concept represents an extreme approach t o  weight reduction i n  a 
plug-type nozzle, i n  tha t  most of the plug i s  eliminated. The cent ra l  plug 
base i s  contoured t o  promote a vortex-ring type of recirculat ing flow. This 
recirculat ing flow ac t s  as a gas plug which i s  pressurized by the  converging 
flow of the annular je t .  Pressure acting on the concave-plug base increases 
with discharge angle 8 and with increasing t o t a l  pressure of the j e t .  
In  the lower part  of figure 10, performance i s  shown fo r  two schedules of 
j e t  total-pressure rat io .  The higher values correspond t o  the operating 
pressure-ratio schedule for  a turbojet  engine, the lower values a re  f o r  a tu rb-  
fan. When used with a turbojet  engine, the concave-plug nozzle i s  a t  l eas t  com- 
pe t i t i ve  with other type nozzles. Performance i s  generally poor a t  transonic 
speeds and low pressure r a t io ,  the loss  being associated with p a r t i a l  entrain- 
ment of the recirculating base flow by the annular j e t  which r e su l t s  i n  reduced 
base pressure. Performance can be improved by the use of terminal fa i r ings .  
The performance of various concave-plug nozzles i s  presented i n  references 8 
and 84 t o  87. 
I Clustered J e t  Exits 
In  multiengine airplane configurations, it may be advantageous sometimes 
t o  i n s t a l l  the  engines i n  one package rather  than place individual pods along 
the fuselage or on the wings. One of the models used t o  study afterbody drag 
and j e t  interference effects  of clustered j e t  ex i t s  i s  shown i n  figures 5 
and 11. This model represents a side-by-side cluster  of four engines having 
convergent-divergent nozzles with 50 boa t t a i l  angle. I n  figure 11 some of the 
resu l t s  obtained with t h i s  model a re  compared with those from an isolated 
nozzle. The solid-line curve shows performance f o r  the in l ine  clustered je t s ,  
the short-dash curve i s  for  the staggered je t s ,  and the long-short-dash curve i s  
for  an i so la ted  nozzle. The external drag of the in- l ine clustered j e t  a f te r -  
body was found t o  be about double tha t  of four isolated nacelle nozzles through- 
out the Mach number range of the t e s t s .  This increase i n  external drag reduced 
performance by as  much a s  3 percent. Staggering the two inboard engines had a 
s l igh t  beneficial  effect  a t  supersonic speeds because of the favorable in t e r -  
ference from the outboard j e t  exhaust on the  boa t t a i l  of the inboard nozzles. 
I n  making a choice between the  use of clustered or i so la ted  engines, the rather  
considerable increase i n  afterbody drag fo r  the clustered engines would have t o  
be weighed against the possible advantages of t h i s  arrangement. Data pertinent 
t o  clustered jet-exit  arrangements are  presented i n  references 40 and 88 t o  93. 
Related information on jet-airframe interference i s  given i n  references 94 
t o  102. 
CONCLUDING REMELRKS 
A brief  review of some of the recent NASA research on exhaust nozzles and 
j e t  e f fec ts  has been presented. In  summary, there a re  several points t o  be 
efiphasized. Although isolated nacelle investigations a re  valuable i n  studies 
of tl:::; ef fec ts  on nozzle performance of the external flow f i e l d  and of para- 
metric changes, the ultimate evaluation of exhaust-nozzle performance should be 
made with nozzles incorporated i n  the a i r c r a f t  configuration. Furthermore, i n  
the selection of an exhaust system, performance a t  off-design operating con- 
di t ions as  well as a t  design cruise must be considered. Compromises between 
these performance characteristics and both exhaust system weight and complexity 
of operation must be evaluated i n  order t o  optimize airplane performance. 
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6 .  JET-EXIT AND AIRFRAME INTEIiFERENCE STUDIES ON TWIN-ENGINE-FUSELAGE 
AIRCRAFT INSTALLATIONS 
By Jack F. Runckel 
NASA Langley Research Center 
SUMMARY 
J e t  interference ef fec ts  on the drag and on the nozzle-afterbody perfor- 
mance of twin-engine-fuselage a i rc raf t  configured f o r  a Mach number 1.2 
mission are  discussed. A detailed t a i lo r ing  of the afterbody with the  noz- 
zles  i s  required t o  obtain the best afterbody thrust-minus-drag performance. 
Performance improvements were obtained f o r  a model of an a i r c r a f t  under 
development by increasing the afterbody length re la t ive  t o  the j e t  e x i t s  by 
the  addition of volume between and around the  j e t  exhausts. 
INTRODUCTION P 
I n  paper .no. 15, Corson and Schmeer presented the  off-design problems 
of isolated nozzles and indicated t h a t  sizable nozzle performance penal t ies  
a r e  associated with the ins ta l la t ion  & t h e  exhaust system i n  an airplane. 
The present paper i s  concerned with the  combined nozzle-afterbody perfor- 
mance of twin-engine-fuselage a i r c ra f t  specif ical ly  designed t o  operate a t  
a Mach number of 1.2; such a i r c ra f t  might be required f o r  a high-speed sea- 
l eve l  dash. 
J e t  e x i t s  on single-engine-fuselage airplanes a r e  usually located a t  
the  end of the afterbody, and jet interference ef fec ts  a re  usually confined 
t o  a small region near the j e t  exhaust. Corson and Schmeer i n  paper no. 15 
\ referred t o  several jet-airframe interference studies on single-engine a i r -  
plane models. Twin-engine a i rc raf t  can have the j e t  ex i t s  located e i the r  a t  
the terminal section of the fuselage ( re fs .  1 t o  6) o r  forward on the fuselage 
(refs .  7 t o  13). I n  e i ther  instance, the arrangement used t o  provide aft-end 
closure of the  f'uselage ahead of and between the engines determines the mag- 
nitude of jet-airframe interference and has an appreciable e f fec t  on the con- 
figuration drag ( r e f s .  9, 10, and 13 t o  13) .  The j e t  exhausts can a l so  
a f f ec t  the airplane s t a b i l i t y  (refs .  8 t o  13), the loca l  loading and skin 
temperatures ( r e f s .  7 t o  13), and the  base pressures (paper no. 15 and 
refs .  1 t o  3, 6, 8 t o  11, and 13).  
SYMBOLS 
C~ pressure coefficient 
D drag 
~ / q  drag coefficient based on uni t  wing area 
% diameter of nozzle shroud e x i t  
dp diameter of primary nozzle 
F t o t a l  gross thrus t  force 
F - D  r a t i o  of t o t a l  gross thrus t  minus drag a f t  of separation l i n e  t o  
Fi i dea l  thrust of both primary nozzles 
i idea l  isentropic thrus t  of both primary nozzles 
M free-stream Mach number 
P t , j  j e t  t o t a l  pressure 
p, free-stream s t a t i c  pressure 
9 f r ee  -stream dynamic pressure 
x distance from primary-nozzle or shroud e x i t  
DISCUSSION 
Afterbody Drag 
It i s  known tha t  a large amount of the t o t a l  drag can occur on the a f t e r -  
body ( r e f .  16) .  This s i tuat ion i s  part icular ly serious a t  transonic speeds 
where the b o a t t a i l  drag and base drag coefficients a re  usually maximum (refs.  2, 
6 ,  and 17 t o  21). Two examples of twin-englne configurations w i l l  be discussed 
t o  i l l u s t r a t e  the magnitude of afterbody drag on t h i s  type of a i r c r a f t .  
A technique f o r  measuring the afterbody drag of a i r c r a f t  models with je t -  
power simulation was developed i n  the Langley 16-foot transonic tunnel ( re f .  22) . . 
The main features o f t h i s  system can be examined i n  figure 1. The photograph 
shows a research model supported by an underneath s t ing  and a th in  s t r u t  
attached t o  the forebody t o  minimize support-system interference. The forebody 
and wings, which were swept-back 108', provided the correct simulated flow f i e l d  
over the afterbody and propulsion system. The wing t i p s  overlapped but did not 
touch the afterbody. The model was separated just  ahead of the horizontzl  t a i l s  
(66-percent-length s tat ion)  and sealed, and the rear  section including the tails 
was attached t o  an in terna l  strain-gage balance. The long engine in t e r f a i r ing  
was designed t o  improve the  area progression a t  t h e  rear  of the model ( r e f s .  13, 
14, and 23). 
A powered model of an a i r c ra f t  under development, which was supported i n  a 
similar manner, i s  shown i n  figure 2. The wings were swept back 72.5O, and the  
engine in te r fa i r ing  terminated near the  j e t  ex i t s .  Horizontal-tail  fa i r ings  
were located adjacent t o  both engine nozzles. The separation l i n e  was again 
d i rec t ly  ahead of the horizontal t a i l s  a t  74 percent of the  model length. 
Force and pressure measurements were obtained on the  r ea r  section of the model, 
with p r i m ~ y  and secondary flows i n  the e3ector nozzles and Sleed flow a t  a 
s tep ex i t  on the afterbody boa t t a i l  being controlled variables.  Nozzle- 
afterbody thrust-minus-drag performance w i l l  be presented i n  a subsequent see- 
t ion .  It should be noted tha t  the performance r a t i o  used i n  t h i s  paper includes 
the drag of the afterbody, t a i l s ,  and nozzle surfaces; therefore,  the values of 
the  performance parameter i n  the present paper a r e  lower than those presented 
by Corson and Schmeer i n  paper no. 15. 
Both the research and the development models had the i n l e t s  fa i red  over. 
Separate investigations were conducted t o  determine the e f fec t  of f a i r ing  over 
the  i n l e t s  ( r e f .  22, fo r  example), and the interference on the afterbody was 
found t o  be negligible. The engine exhausts were simulated with hot j e t s  by 
using the technique described i n  reference 24. 
Comparisons of the afterbody drag of the  two configurations ( f ig s .  1 and 2) 
r e l a t ive  t o  the drag coefficient of the  complete models a re  presented i n  f i g -  
ure 3 f o r  a Mach number of 1.2 a t  sea leve l  and adjusted f o r  ful l -scale  Reynolds 
numbers. The afterbody of the research model, shown crosshatched, comprised 
about one-third of the the body length and contained about 36 percent of the 
t o t a l  wetted area. The bar next t o  t h i s  model represents the drag coeff ic ient  
of the en t i re  configuration based on uni t  area.  With the j e t s  operating a t  a 
typica l  turbofan pressure r a t i o  a t  a Mach number of 1.2, the afterbody drag was 
41 percent of the t o t a l  drag. 
The afterbody of the development model comprised only one-fourth of the 
complete model length but had about 39 percent of the t o t a l  wetted area. The 
afterbody drag, f o r  the same operating conditions, was 46 percent of the  com- 
p le t e  model drag. These resu l t s  show tha t  a large percentage of the t o t a l  drag 
occurs on a re la t ive ly  small portion of the afterbody of twin-engine a i r c r a f t  
configurations. 
Afterbody Closure 
Several areas on twin-engine-fuselage airplanes a re  known t o  be sensi t ive 
t o  j e t  interference ef fec ts .  Among these a r e  the afterbody boa t t a i l  ( r e f s .  9 
, and 13), t a i l  surfaces (refs .  10 and l l ) ,  and fuselage bases ( r e f s .  2, 5 ,  6, 
and 10).  Inasmuch as  the afterbody of an a i r c r a f t  may be a region of high loca l  
drag, an examination of the  afterbody of a twin-engine a i r c r a f t  was made t o  
determine whether detailed ta i lor ing would render be t te r  performance. A basic 
difference i n  the two configurations of figures 1 and 2 is  the way the body 
between the engine nozzles i s  designed. This terminal section i s  cal led the 
engine in te r f  a i r ing.  
Pressure distributions on the  in te r fa i r ings  ofathe two configurations a re  
shown i n  figure 4. The nozzle ex i t s ,  indicated by the diameter de, a re  located 
a t  the  reference s tat ion 0 on the abscissa. The ax ia l  distance x from the ex i t  
i s  given i n  ex i t  diameters. Pressure measurements a re  shown f o r  the row of 
o r i f i ces  closest  t o  the center l i ne  of the exhaust nozzles. 
The research model had a long in ter fa i r ing  extending downstream of the j e t  
ex i t s .  The r e su l t s  obtained with the j e t s  off indicate a gradual pressure 
recovery from low pressures near the  englne base region. With the j e t s  on, the 
interference was generally favorable, increasing the  pressures t o  a posit ive 
value and causing thrust  on par t  of the in te r fa i r ing  ( r e f .  22). 
The wedge-shape in ter fa i r ing  on the development model was mostly ahead of 
the  j e t  ex i t  s ta t ion.  The in ter fa i r ing  pressures of t h i s  model were lower than 
those of the research model with the j e t s  off .  J e t  operation produced a rela-  
t i v e l y  small increase i n  pressure, an indication t h a t  the  region between the 
engines remains an effective base drag area. 
These resu l t s  prompted an investigation of the  flow f i e l d  behind the  a f t  
end of the development model. An ax ia l  s t a t i c  probe was extended downstream 
of the model along the center l i n e  t o  measure pressures behind the model. The 
r e su l t s  a re  given i n  figure 5. The pressures obtained with the  j e t s  both off. 
and on again show low pressures on the in te r fa i r ing;  however, an abrupt r i s e  
which occurred i n  pressure direct ly  behind the model indicates tha t  extending 
the  fuselage volume in to  t h i s  greater-than-free-stream pressure f i e l d  would 
probably reduce afterbody drag. 
Engine-Interfairing Studies 
Past work has shown tha t  configurations with j e t s  exhausting alongside a f t -  
sloping fuselage surfaces have had favorable j e t  interference ef fec ts  on drag; 
tha t  i s ,  j e t  operation increased the loca l  pressures i n  the regions adjacent 
t o  and downstream of the j e t  e x i t s  (paper no. 15 and refs .  8 t o  13) .  Usually, 
excess low-energy internal  a i r  i s  available near the nozzle, and t h i s  dumped 
a i r  can provide a cooling fi lm between the hot exhaust and the fuselage skin 
( re fs .  5 and 10) .  The r e su l t s  of reference 15 indicate  tha t  axial-force reduc- 
t i o n  by interference between a j e t  and a neighboring afterbody would be large 
a t  supersonic speeds. In  addition, an extension of the in t e r f a i r ing  would 
improve the area progression ( r e f s .  4, 14, and 23) and probably would reduce 
the  wave drag. 
The r e s t  of t h i s  paper w i l l  be concerned with only the  development model, 
and the discussion w i l l  be confined t o  performance a t  a Mach number of 1.2. 
The first attempt t o  improve the  afterbody performance involved an increase i n  
in t e r f a i r ing  length and a volume addition, as  i s  shown i n  figure 6. A blow-in- 
door nozzle which had the doors closed next t o  the in t e r f a i r ing  and tai l  
fa i r ings  was u t i l ized  t o  allow f o r  maximum volume between the  nozzles. The 
P - U  
nozzle-arterbody performance parameter i s  the  r a t i o  of the t o t a l  gross 
Fi I 
th rus t  minus the drag a f t  of the l i n e  of separation t o  the idea l  thrus t  of the  
t w b  primary nozzles.' This r a t i o  includes changes i n  both nozzle performance 
and afterbody drag due t o  in te r fa i r ing  differences and j e t  interference ef fec ts .  
The performance of the  two configurations i s  p lo t ted  as  a f'unction of j e t  pres- 
sure r a t i o  fo r  ident ica l  internal  and external flow conditions. These and a l l  
subsequent data a re  presented for zero secondary airflow and a corrected bleed- 
flow r a t i o  of about 8 percent. 
The gain i n  performance for the  configuration with the extended in ter -  
f a i r ing  i s  about 5 percent, This performance gain i s  equivalent t o  about a 
30-count decrease i n  drag coefficient f o r  the airplane model. It i s  apparent 
t h a t  major gains i n  performance are  possible by working on the nozzle-afterbody 
region of twin-engine-fuselage a i r c r a f t .  
The i n i t i a l  improvement i n  performance obtained with an extended in t e r -  
f a i r ing  l ed  t o  fur ther  work t o  explore t h i s  concept. An investigation was 
conducted t o  determine the effect  of engine in t e r f a i r ing  and aft-end changes 
on the performance of the model with a short, small-diameter nozzle shroud. 
The r e su l t s  a r e  presented i n  figure 7. Incremental nozzle-afterbody performance 
gains a re  plot ted a s  a f'unction of in t e r f a i r ing  length i n  primary-nozzle dim- 
e ters .  The primary-nozzle diameter was constant f o r  these and subsequent data 
and corresponded t o  the scaled nozzle area required fo r  the 1.2 Mach number 
sea-level dash. The j e t  pressure r a t i o  was about 3.4 f o r  a l l  configurations. 
Shown i n  f igure 7 a re  interfair ings of short ( Q and @ ), medium ( @ and 0 ), and long (a and a ) extensions. 
The interfairing-length differences a r e  shown i n  the photographs i n  f ig -  
ure  8. The basic short  in te r fa i r ing  i s  shown i n  the  picture  on the l e f t ,  the  
medium extension of the in te r fa i r ing  i s  presented i n  the  center photograph, 
and the long in ter fa i r ing  i s  shown on the r ight .  The performance of these 
configurations (f ig .  7), indicated by numbers @ , @ , and @ , respectively, 
shows tha t  a medium extension of the in te r fa i r ing  (configuration @ ) produced 
a performance gain of over 2 percent. A fur ther  increase i n  length t o  the long 
in ter fa i r ing  (configuration 0 ) gave an additional gain of 1 percent. The 
increase i n  performance with increasing in t e r fa i r ing  length indicates t h a t  
adding length downstream of the j e t  e x i t s  can provide performance improvements 
due t o  be t t e r  closure, a more favorable flow f i e l d ,  and more favorable j e t  
interference effects .  
The numbers @ and 0 i n  f igure 7 represent configurations having the  
same medium and long interfair ings a s  those indicated by the numbers @ and 0, respectively. The differences i n  these configurations a re  shown i n  the 
photographs i n  figure 9. Additional volume was added around the nozzles by 
ins t a l l ing  larger  t a i l  fa i r ings which house the horizontal- ta i l  mechanism. The 
small t a i l  fa i r ings on the medium- and long-interfairing configurations a re  
shown i n  the bottom pictures and the large t a i l  fa i r ings  on the same configura- 
t ions  a re  shown i n  the photographs a t  the top, 
The Larger t a i l  fa i r ings provided fur ther  substant ial  increases i n  perfor- 
mance, a s  shown by the data points f o r  configurations @ and @) i n  f igure 7. 
The use of t a i l  fa i r ings  t o  reduce transonic drag through favorable j e t  i n t e r -  
ference and application of the  area ru l e  a r e  discussed i n  reference 14. 
A di f fe ren t  approach was a l so  t r i e d  by using a concave-base in t e r f a i r i ng  
concept based on the concave-base plug nozzle ( re f .  25). Figure 10 shows the 
concave-base in t e r f a i r i ng  concept. The long in t e r f a i r i ng  shown on the  l e f t  was 
cut-off a t  about the  same length a s  the  basic i n t e r f a i r i ng  ( r i gh t  hotograph), 
and the  base was recessed, a s  shown i n  the center (configuration 6 ) .  The cut- 
off  i n t e r f a i r i ng  i s  essent ia l ly  a volume addition r e l a t i v e  t o  t he  basic  i n t e r -  
f a i r i n g  since it brings the i n t e r f a i r i ng  surfaces c loser  t o  t he  j e t  ex i t s .  The 
performance of t h i s  configuration, shown by the number @ i n  f igure  7, was 
equal t o  t h a t  of the  model with the  long in t e r f a i r i ng  (configuration 0 ) . 
A 1  t,hn11@ t..h_e ~ilt.-off r ~ ~ f i g ~ g t i c ~  ~ b n l l t  the same l=@.k, 8s bz612 CCC- 
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f igurat ion,  the  pressure coeff ic ients  on the  sides and base of the  concave-base 
in t e r f a i r i ng  ( configuration @ ) were higher than those of the  wedge-shape i n t e r -  
f a i r i n g  (configuration 0 ) and, therefore,  the  e f fec t ive  base drag of the  cut- 
off  configuration was lower. 
The r e su l t s  presented i n  f igure  7 indicate  t h a t  adding length t o  and/or 
volume between the short, small-diameter nozzles provided performance improve- 
ments r e l a t i ve  t o  the  model with t he  basic in te r fa i r ing .  The main benef i ts  a r e  
bel5eved t o  be caused by more favorable j e t  interference e f f ec t s  and lower 
slopes on the  afterbody between the  engines f o r  the  a l t e r ed  configurations. Of 
course, there  a r e  compensating problems, such a s  weight and balance, added skin 
f r i c t i o n ,  and high local  skin temperatures, which must be considered i n  making 
a f t  -end changes. 
Nozzle-Afterbody Integrat ion 
Other work on nozzle s iz ing indicated t h a t  nozzles having la rger  diameters 
than those previously discussed would provide b e t t e r  performance. Models 
designed t o  integrate  a large-diameter shroud with a long in t e r f a i r i ng  were 
investigated and the r e su l t s  a r e  compared i n  f igure  11. The performance and 
length parameters a re  the  same a s  those of f igure  7. The reference l eve l  of 
performance i s  again tha t  of the  short ,  small-diameter nozzle with the  basic 
i n t e r f a i r i ng ,  indicated by the so l id  c i r c l e  (configuration ). The open sym- 
bols represent the  large-diameter shrouds. The squares represent configurations 
with long, large-diameter nozzles, such as  those shown i n  f igure  2. 
Some of the  large-diameter nozzle-afterbody combinations a r e  shown i n  f i g - ,  
u re  12. The long nozzle with t h e  basic i n t e r f a i r i ng  i s  shown i n  the  l e f t  pic- 
t u re .  This configuration had almost 2-percent b e t t e r  performance than the  re f -  
erence nozzle, a s  indicated by the square d i r ec t ly  above the  so l id  symbol i n  
f igure  11. 
The addition of a long in t e r f a i r i ng  t o  the  long nozzle (square symbol a t  
x/dp = 3.25) provided a gain i n  performance of about 1 percent. Shortening the 
nozzle with the  same long in t e r f a i r i ng  provided an addi t ional  gain, as indicated 
by the diamond-shape symbol. This configuration i s  shown i n  the center photo- 
graph of f igure  12. These r e su l t s  a r e  Consistent with those shown i n  f igure  7 
since shortening the nozzle with the same length in t e r f a i r ing  exposes a greater  
portion of the in te r fa i r ing  t o  favorable j e t  interference effects .  
The terminal-fairing nozzle shown i n  the r ight  photograph i n  f igure 12 
represents a more complete integration of the nozzle with the afterbody. This 
concept ( ref .  26) has been discussed by Corson and Schneer i n  paper no. 15. The 
terminal-fairing nozzle maintained the diameters and blow-in-door features of 
the  large nozzle, but had a short, f ixed shroud. A photograph of the  terminal- 
f a i r ing  nozzle configuration i s  presented on the right-hand s ide of figure 12. 
This nozzle-afterbody combination had a large-volume in ter fa i r ing  and u t i l i zed  
the  in te r f  a i r ing  (refs.  27 and 28) and . t a i l  f a i r ing  (ref .  14) as  pa r t  of the 
nozzle surface. The nozzle had eight terminal bodies, and the open spaces 
between the terminal fair ings allowed vent i la t ion between the j e t  and the f r e e  
stream. 
The performance of the terminal-fairing configuration i s  shown by the 
triangle-shape symbol i n  figure 11. This combination produced the highest 
nozzle-afterbody performance a t  Mach 1.2 of the large-shroud-nozzle-afterbody 
models investigated. The data presented by Corson and Schmeer i n  paper no. 15 
and the resu l t s  of reference 15, which indicate favorable j e t  interference 
e f fec t s  a t  supersonic speeds, indicate t h a t  the supersonic performance of t h i s  
configuration would a l s o  be good. (see r e f .  27. ) 
CONCLUDING REMARKS 
The r e su l t s  presented indicate t h a t  a re la t ive ly  large amount of the t o t a l  
drag, of the order of 40 t o  50 percent, occurs on the a f t  end of twin-engine- 
fuselage a i r c r a f t  a t  transonic speeds. The performance of configurations with 
j e t  e x i t s  a t  the rear  of the  afterbody may be improved by increasing the a f t e r -  
body length re la t ive  t o  the  j e t  ex i t s  by the addition of volume between and 
around the Je t  exhausts. A detailed t a i lo r ing  of the afterbody with the  nozzles 
i s  required t o  obtain the  best afterbody thrust-minus-drag performance. Of 
course, there are  compensating problems, such as  weight and balance, added skin 
f r i c t ion ,  and high loca l  skin temperatures, which must be considered, i n  making 
aft-end changes. The cutoff large-volume in ter fa i r ing  represents a possible 
compromise. 
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FEATURES FOR SUPERSONIC-AIRCRAFT APPLICATIONS 
By Fred W. Steffen and Donald L. Bresnahan 
NASA Lewis Research Center 
The effects of some geometric variations on the static internal per- 
formance and pumping characteristics of plug, auxiliary-inlet ejector, and 
variable-flap ejector nozzles are presented. The data were obtained in the 
nozzle static-test facility at the Lewis Research Center. It was concluded 
that, even though all the exit types can, in principle, provide satisfactory 
performance aver a wide range of nozzle pressure ratios, all the exit types 
are mechanically complex. The effects of some mechanical simplifications 
on performance are shown. It was also concluded that ejector nozzles can 
generally obtain the amount of secondary air anticipated for adequate film 
cooling from ram air whereas some plug-nozzle film-cooling schemes may 
require engine-cycle air. 
'I 
INTRODUCTION 
Many types of exits have been proposed for supersonic-aircraft applica- 
tions. An infinite number of modifications can be made to each of the basic 
types in an attempt to optimize the performance, pumping, and stability char- 
acteristics over the wide range of conditions presented by the supersonic- 
airplane environment. During the past several years, three types of exits - 
namely, the plug nozzle, the auxiliary-inlet ejector nozzle, and the 
variable-fl&p ejector nozzle - have been tested in the nozzle static-test 
facility at the Lewis Research Center. These three types of exits are shown 
in figure 1. In this paper, the effects of a few geometric variables on the 
internal performance and pumping characteristics of these nozzles are 
presented. 
Internal static performance does not, of course, include external flow 
effects. At transonic flight conditions, where exits are boattailed and 
internal flows may be overexpanded, the overall installed performance 
obtained with external flow would be expected to differ from the internal 
static performance. However, at takeoff conditions, where external flow 
velocities are low, and at supersonic cruise conditions, where boattail 
angles are reduced to zero and internal flows are fully expanded, the inter- 
nal performance obtained at static conditions would closely approximate the 
overall installed performance. 
SYMBOLS 
F measured gross thrust 
Fi ideal gross thrust 
I ambient static pressure 
pt total pressure 
Tt total temperature 
w weight -f low rate 
wt tertiary weight-flow rate 
Subscripts : 
P primary flow 
s secondary flow 
FACILITY 
The static-test facility'used to obtain nozzle data is shown in figure 2. * 
Its principal components include a mounting pipe suspended from flexure rods 
within a vacuum tank, a pair of vented labyrinth seals to separate the high 
pressure of the supply air from the low pressure in the vacuum tank, and a 
load cell to measure axial force on the mounting pipe and experimental nozzle. 
Secondary air enters the system through a flexible hose with zero axial momen- 
tum. Both primary air and secondary air are at room temperature. The nozzle 
gross thrust is determined from an algebraic summation of primary-flow inlet 
momentum, pressure-area forces, and load cell force. 
The systematic error in the performance coefficients measured in the facil- 
ity is essentially determined by the systematic error incurred in calibrating 
the facility flow measuring station with a nozzle made to A m  (~merican Society 
of Mechanical Engineers) specifications. The flaw coefficient of the cali- 
brating nozzle is known with an accuracy of t1/2 percent. Therefore, syste- 
matic error in the flow measurement, which directly affects nozzle efficiency, 
is f1/2 percent. It is clear that for some supersonic aircraft, where nozzle 
performance should be bown to within 0.1 percent, a more accurate flow cali- 
bration method is desirable. 
The random error incurred in obtaining an individual value of a perform- 
ance coefficient (one data point) is about f1/2 percent. This relatively low 
value is achieved by minimizing friction forces in the suspension system and 
making multiple pressure measurements. Further reductions in random error can 
be obtained by averaging measured flow coefficients and exit momenta (taken at 
operating conditions where these would be expected to remain constant) and com- 
puting performance coefficients based on the average value of these parameters. 
In this manner, the random error can be reduced to infinitesimally small values 
and small changes in performance can be detected. Data presented have been 
averaged and each point represents an average of at least five data points. 
PLUG NOZZm 
An exit type which has long been considered for supersonic aircraft is the 
plug nozzle. A mechanically variable plug nozzle and its internal performance 
are shown in figure 3. The internal performance is represented by the thrust 
coefficient which is defined as the ratio of the measured gross thrust to the 
ideal gross thrust. The basic unshrouded plug nozzle concept provides for a 
free jet boundary so that the jet can adjust to ambient conditions. An 
unshrouded plug nozzle design approach is to tilt the throat plane so that, at 
design pressure ratio, an expansion around the shroud exit will result in axial 
jet flow. At a subsonic cruise pressure ratio of 6, for example, a throat tilt 
angle of 2' would be required. With external flow, the large boattail angle 
. and plug angle associated with the 22O tilt angle will cause high boattail drag 
and overexpansion on the plug surface. In the unshrouded configuration shown 
in figure 3, a throat tilt angle of 7O and a plug surface angle of 15O are used 
' with the intention of minimizing external flow effects at transonic Mach num- 
bers. For acceleration to supersonic cruise, the plug is collapsed to permit 
operation of the afterburner (as opposed to other designs which may use a 
translating plug) and a divergent shroud is fully extended. The divergent 
shroud has an internal shroud angle of go. When .cruise conditions are reached, 
the afterburner is shut down and the plug is expanded to its original position. 
The divergent shroud, which has a cylindrical exterior and therefore presents 
no boattail pressure drag, is left in the extended position. 
As shown in figure 3, the performance of the takeoff and subsonic cruise 
configuration decreases with increasing pressure ratio, indicating that regions 
of local overexpansion on the plug surface are increasing in this pressure- 
ratio range. At a pressure ratio of 6, the afterburner (A/B) is assumed to be 
turned on. If only the plug were collapsed, the performance shown by the 
dashed curve would be obtained. Extension of the divergent shroud enables the 
acceleration performance shown by the solid curve to be realized. At cruise 
conditions, afterburner off, expansion occurs along the divergent shroud and 
plug surface and a high level of cruise performance results. With mechanical 
variation then, the internal performance of a plug nozzle, as indicated in fig- 
ure 3, can be maintained at an acceptably high level over a wide range of 
flight conditions. It should be noted, however, that external flow effects 
will reduce the performance from that shown at transonic flight conditions. 
The effects of some geometric variations on the supersonic cruise per- 
formance of the supersonic cruise configuration are shown in figure 4. In fig- 
ure 4(a), increasing the shroud angle from 5O to 12' decreases the cruise per- 
formance by about 1.4 points. In figure 4(b), the effect of plug angle on 
cruise performance is shown to be very small for plug angles between lo0 and 
- 
150. Figure 4(c) shows the ef fec t  of reducing plug length by plug truncation. 
The supersonic cruise performance i s  decreased a negligible amount a s  the plug 
length, measured downstream from the nozzle throat,  i s  decreased from 100 per- 
cent t o  50 percent but i s  decreased s ignif icant ly a s  the plug length i s  fur -  
ther  decreased. The effects  of some of these same geometric variations on the 
takeoff performance of the takeoff configuration are shown i n  f igure 5. In 
figure 5(a),  the effect of changing the plug angle from lo0 t o  i s  shown t o  
af fec t  the performance of the takeoff configuration only s l ight ly.  Truncation 
of the plug of the takeoff configuration t o  about 27 percent of i t s  f u l l  length 
i s  shown, i n  figure 5(b), t o  decrease the performance from l$ t o  3 points, 
depending on nozzle pressure ra t io .  
D-e ~ 1 1 %  nnzz1~ j us t  she=- vas designed for A. presai~re-ratio range from 
3 .2  t o  26.0. Plug nozzles intended f o r  smaller pressure-ratio ranges can be 
somewhat simplified. A plug nozzle designed f o r  a pressure-ratio range from 
2.0 t o  12.5 and i t s  performance are presented i n  f igure 6. Although t h i s  
nozzle design retains  the collapsing plug feature f o r  throat area control, the  
shroud does not t ranslate  but contracts f o r  area-ratio variation. This nozzle 
has small amounts of secondary a i r  introduced through a plug s l o t  f o r  simulated 
plug cooling flow. The performance of t h i s  and succeeding nozzles which have 
secondary flow i s  defined as the r a t i o  of the measured gross thrus t  t o  the 
ideal  gross thrust  of both the  primary and secondary flows. 
The divergent shroud was considered t o  be e i t h e r  actuated or  f r ee ly  
floating. Floating positions were considered t o  be limited by stops to an 
inward angle of 10.5O and an outward angle of 3O. To obtain the  performance 
shown i n  figure 6, several models with different  fixed divergent-shroud posi- 
t ions were run at each pressure ra t io .  The best performance obtained at  each 
pressure r a t i o  i s  shown by the sol id l ine .  The sol id l ine,  therefore, repre- 
sents the  performance t h a t  could be obtained i f  the shroud were held by actu- 
ators  a t  optimum expansion conditions. The internal-pressure dis tr ibut ion data 
obtained during these t e s t s ,  together with an assumed uniform external pressure, 
made it possible t o  calculate the f loat ing position tha t  the  shroud would 
assume at each pressure ra t io .  The performance of the  fixed models with shroud 
positions s e t  a t  the calculated f loat ing positions i s  shown by the dashed l ine .  
The dashed l ine,  therefore, represents the  reduced performance tha t  would be 
obtained i f  the floating-shroud concept i s  used. Additional calculations 
showed that ,  with external flow, typical  boa t t a i l  pressure dis tr ibut ions (as  
opposed t o  a uniform s t a t i c  pressure) would not s ignif icant ly change the 
f loat ing positions. The reduced boa t t a i l  pressure would af fec t  the expansion 
along the plug surface, however, and the performance would be fur ther  reduced. 
It appears, therefore, that the elimination of divergent-shroud actuators from 
t h i s  part icular  nozzle design would re su l t  i n  some reduction i n  performance a t  
transonic pressure ratios.  
The plug surface i n  a plug nozzle must be cooled, possibly by f i l m  cooling. 
In  figure 7, the measured film-cooling pressure requirements of a part icular  
plug nozzle model are presented as  a f'unction of plug f l a p  angle. In the upper 
part  of the figure,  the cooling s lo t  arrangement used t o  obtain these data i s  
a lso  shown. There are two circumferential s lots ,  one at the  nozzle throat  and 
another a t  about 40 percent of the f u l l  plug length. It can be seen tha t  t o  
obtain 6-percent corrected secondary flow (an amount which might be required 
with the afterburner on) at low flap angles (which would exist at these condi- 
tions), a secondary total pressure greater than the primary total pressure 
would be required. Even the minimum secondary-to-primary total-pressure ratio 
shown in this figure is as high as 0.31. Ram air would not reach this level 
below a flight Mach number of 1.2. Therefore, this particular plug film- 
cooling scheme would require air from the engine cycle below this Mach number. 
AUXILIARY-INLET ZJECTOR 
A second type of exit that has been considered is the auxiliary-inlet 
ejector. The auxiliary-inlet-ejector concept is shown in figure 8. At 
supersonic cruise flight conditions, an auxiliary-inlet ejector operates as a 
standard ejector nozzle, with a small amount of secondary air being introduced 
for cooling. To optimize performance at these conditions, the leading-edge 
section of the divergent shroud is hinged so that only a small gap exists 
between the primary and secondary nozzles. At transonic flight conditions, the 
primary nozzle is mechanically opened for afterburner operation and the leading- 
edge section of the shroud is mechanically retracted to increase the amount of 
secondazy flow. At subsonic flight conditions, with the afterburner off, 
internal and external pressure forces are expected to be such that doors on the 
outside of the nacelle will open and trailing-edge flaps will close, without 
. any need for mechanical actuation. The large amount of tertiary flow which 
, 
enters the auxiliary inlet is intended to prevent overexpansion of the primary 
nozzle stream. The last sketch in figure 8 shows the incorporation of a 
retractable multiple-chute noise suppressor, similar in shape to that used on 
subsonic engines, into the auxiliary-inlet-ejector design. It was found that 
chutes of this type, which in this case were probably immersed in supersonic 
flow, seriously reduced the takeoff performance. 
The auxiliary-inlet-ejector design could be somewhat simplified if the 
mechanically actuated leading-edge section of the divergent shroud could be 
removed and replaced with a fairing fixed in the retracted position. The 
effects of removing this section on the cruise performance of a particular con- 
figuration are shown in figure 9. Removing the leading-edge section reduced 
the thrust coefficient by 0.4 of a point while the secondary-to-primary total- 
pressure ratio required to provide 2-percent cooling flow was essentially 
unchanged. A thrust coefficient decrement of 0.4 of a point at supersonic 
cruise conditions may be important for some applications. 
VARIABrn-FLAP EJECTOR 
A third type of exit is the variable-flap ejector. A schema-Lic view of a 
variable-flap ejector is shown in figure 10. Fixed models of variable-flap- 
ejector components are shown in figure 11. The primary nozzle is considered to 
be actuated whereas the divergent shroud can be actuated or freely floating. 
Fach flap in the divergent shroud is a link in a four-bar linkage. The forward 
pivot point in the linkage is attached to the primary nozzle so that the 
leading edge of the divergent shroud can follow the movements of the primary 
nozzle. Each flap of the divergent shroud may have several slots to promote 
detachment and stability of the primary jet at low area ratios and low pressure 
ratios. These slots can be seen in the divergent-shroud model shown in fig- 
ure ll(a) . Some models of this ejector had star-shaped primary nozzles. A 
model of a star-shaped primary nozzle is shown in figure Il(b). The star-shape 
design permits the leaves to fold upon one another for primary-nozzle area 
variation. The performance of a variable-flap ejector with a star-shaped pri- 
mary nozzle and slotted flaps is shown in figure 12. Both the cruise and take- 
off thrust coefficients are acceptably hi@. The available and required 
secondary-to-primary total-pressure ratios are also shown in this figure. The 
available secondary pressure is considered to be the total pressure available 
zt the engine face. At s.~perscr,ic cp&se, the tctal- 
pressure ratio required for 2-percent corrected secondary cooling flow was well 
below the available amount. To obtain the takeoff thrust coefficient shown in 
this figure, almost all the secondary-to-primary total-pressure ratio available 
must be used. This result suggests that the secondary flow for takeoff, which 
amounts to about 4 percent of the primary flow, would have to be taken aboard ' 
through inlets located close to the ejector to minimize duct losses. 
CONCLUSIONS 
The effects of some geometric variables on the internal performance of 
plug nozzles, auxiliary-inlet ejectors, and variable-flap ejectors have been 
presented. It is concluded that: 
1 
1. All the exit types discussed can, in principle, meet the performance 
requirements of supersonic aircraft. 
2. All the exit types are mechanically complex. 
3. The ejector nozzles can generally obtain the amount of secondary air 
anticipated for adequate film cooling from ram air whereas some plug-nozzle 
film-cooling schemes may require engine-cycle air. 
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8 WIND-TUNNEL STUDIES OF NACELLE INTERFERENCE DRAG 
AT HIGH SUBSONIC SPEEDS INCLUDING 1 
THE EFFM=T OF POWERED JETS 
By James C.  Patterson, Jr. 
NASA Langley Research Center 
SUMMARY 
Experimental wind-tunnel investigations have been conducted recently by 
the National Aeronautics and Space Administration t o  determine the aerody- 
namic interference associated with  engine-pylon ins ta l la t ions .  The studies 
included the e f fec ts  of powered jets.  Tests were conducted on an a f t -  
fuselage-mounted nacelle configuration over a Mach number range from 0.665 
t o  0.82 a t  Reynolds numbers of 2.74 x 106 t o  3.94 x 106 based on the mean 
geometric chord of 3.2 inches. Tests were a l so  conducted on a semispan 
model of a cargo-type log i s t i c  transport configuration with an underwing pylon- 
, mounted powered-engine nacelle and on a 0.0576-scale semispan model of the 
Lockheed C-5A transport  configuration. The e f fec t s  of powered fan-jet model 
enghes  were included. These t e s t s  were conducted over a Mach number range 
from 0.70 t o  0.825 at Reynolds nuber s  of 6.10 x 106 t o  7.13 x 106 based on 
the  mean geometric chord of 21.156 inches.. 
The resu l t s  of these investigations indicate tha t  favorable inter-  
ference drag may be obtained by detailed t a i lo r ing  of the engine nacelles 
and pylons t o  the airplane i t s e l f .  The ef fec t  of the powered j e t  on aero- 
dynamic interference is  such tha t  t he  favorable interference noted a t  the 
cruise  Mach number was doubled throughout the higher l i f t -coef f ic ien t  range 
of t h i s  investigation. 
One important f a c t  t o  be considered in the design of airplanes of today 
is aerodynamic interference. Investigations t o  determine aerodynamic in ter -  
ference resulting from engine-pylon ins ta l la t ions  have been conducted 
recently by the NASA on a small transport configuration having aft-fuselage- 
mounted nacelles and on the more familiar underwing pylon-mounted nacelle 
configurations. The studies of the underwing configurations included the 
e f f ec t s  of a powered model of a fan-jet engine. 
The a b i l i t y  t o  simulate the ful l -scale  engine and nacelle aerodynamic 
and geometric e f fec ts  i n  the wind tunnel is unique and of fers  the potent ial  
of obtaining engine-jet-stream interference ef fec ts  which could very pos- 
s i b l y  resu l t  i n  new engine-installation methods. 
I 
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SYMBOLS 
drag coeff ic ient ,  Drag/qs 
interference drag coef f ic ien t  
l i f t  coeff ic ient  
incremental pressure coef f ic ien t  
Mach number 
engine fan e x i t  t o t a l  pressure 
free-stream t o t a l  pressure 
free-stream dynamic pressure 
Reynolds number based on mean geometric chord 
wing a rea  
r a t i o  of longitudinal  distance from powered-engine leading edge t o  
t o t a l  length of powered engine 
DISCUSSION 
I Aft-Fuselage-Mounted Nacelle Configuration 
A sting-supported model of a small t ranspor t  configuration with engine 
nacel les  pylon-mounted on the  r e a r  of t h e  fuselage i s  shown i n  f igure  1. Tests 
were conducted on t h i s  configuration with t h e  engine nacel les  mounted i n  various 
longi tudinal  locations,  with the  engine-nacelle incidence angle and cant angle 
varied t o  a l i n e  t h e  engines with t he  l o c a l  flow, and with t he  pylons and engine 
nacel les  extended chordwise ( a s  shown by t he  dashed nacelle-pylon ou t l ine  i n  
f i g .  1 )  i n  an attempt t o  improve t h e  a rea  d i s t r i bu t i on  i n  t h e  v i c i n i t y  of t h e  
engine nacelles.  The t e s t  Mach number ranged from 0.665 t o  0.82. 
The r e s u l t s  of t h i s  invest igat ion a r e  presented as interference drag coef - 
f i c i e n t  LCD f o r  the various configurations t e s t ed .  These interference-drag 
values a r e  obtained from the  difference between t h e  drag l e v e l  of t he  basic  air- 
plane configuration and t h a t  of the  basic  configuration l e s s  pylons and engine 
nacel les  plus t h e  calculated skin-fr ic t ion drag of the pylons and engine  nacelle^ 
throughout the  Mach number range f o r  a l i f t  coef f ic ien t  of 0.25. (see f i g .  2. ) 
The interference-drag r e s u l t s  obtained f o r  t he  four  previously mentioned 
configurations t e s t ed  - engine longi tudinal  location,  nacel le  incidence angle, 
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cant angle, and engine and pylon extension - a r e  shown i n  f igure  3 .  The 
interference-drag r e s u l t s  of t he  basic  configuration a re  shown i n  6ach of the  
four p lo t s  f o r  reference. The negative values of ACD represent favorable 
interference whereas t h e  posi t ive  values represent in terference drag. The 
r e s u l t s  obtained f o r  t he  basic  configuration indicate  in terference drag i n  the  
lower Mach number range and favorable in terference above a Mach number of 0.79. 
The optimum longi tudinal  nacelle location,  determined from t e s t s  conducted 
on a s e r i e s  of chordwise nacel le  locat ions ,  was obtained by moving t h e  nacelle-  
pylon combination rearward 27 percent of t h e  wing mean aerodynamic chord from 
i t s  o r i g ina l  posi t ion on t h e  basic configuration.  The interference-drag r e s u l t s  
obtained f o r  the  improved longitudinal  locat ion ind ica te  a reduction i n  i n t e r -  
ference drag coeff ic ients  over t h a t  obtained f o r  the  o r ig ina l  loca t ion  through- 
out t h e  Mach number range w i t h  an increase i n  the  favorable in terference at  t h e  
higher t e s t  Mach numbers. 
To a l i n e  t he  engine nacelles with t he  l o c a l  flow, t e s t s  were conducted 
through a nacelle-incidence-angle range from approximately O0 t o  4'. The 
lowest in terference drag r e su l t s  were obtained at  an incidence angle of 2.5'. 
The e f f ec t  of t h i s  incidence angle is shown i n  t he  lower left-hand p l o t  of 
f igure  3 ;  throughout t h e  Mach number range, t h e  in terference drag coef f ic ien t  
i s  reduced. 
A cant angle of 3.50 was investigated (nacel le  i n l e t  d i rected outward), 
which resu l ted  i n  a s l i g h t  decrease in drag i n  t he  lower Mach number range, 
followed by a reduction in t h e  favorable in terference at higher Mach numbers. 
Since only one cant angle was investigated, i t  i s  possible t h a t  f u r t he r  improve- 
ment may very wel l  be obtained a t  o the r  cant angles. 
The rearward chordwise engine nacel le  and pylon extension, of approximately 
25 percent of t h e  nacel le  length, increases t he  favorable in terference from a 
Mach number of 0.75 t o  a Mach number of 0.82 a s  a r e su l t  of an improvement i n  
t h e  l o c a l  a rea  d i s t r ibu t ion .  
Unfortunately, t e s t s  were not conducted with t he  nacelle-pylon configura- 
t i o n  i n  i t s  most favorable location, but  t he  configuration changes invest igated 
a r e  such t h a t  t h e i r  contributions t o  in terference drag may very possibly be 
addi t ive .  Nevertheless, the  data presented indicate  t h a t  the  aerodynamic i n t e r -  
ference can be reduced and a favorable in terference produced i n  many cases as  a 
r e s u l t  of t a i l o r i n g  the  nacelle-pylon combination t o  t he  a i rplane i t s e l f  by 
taking i n to  consideration the area d i s t r i bu t i ons  and l o c a l  flow conditions. 
Underwing Pylon-Mounted Engine Nacelles Including Power Effect  
Invest igat ions  including the e f f e c t s  of t h e  fan- je t  flow on t h e  aerody- 
namic interference have a l so  been made of t he  more familiar underwing pylon- 
mounted engine configuration. With t h e  development of t he  current  high-bypass 
fan- je t  engines, t he  exact e f fec t  t h a t  t he  fan- je t  flow has on aerodynamic i n t e r -  
i'crence has become very important. An invest igat ion t o  determine t h i s  power 
ef fec t  has recently been conducted with the use of a semispan model of a car& 
type airplane configuration. Figure 4 shows t h i s  model ins ta l led  i n  the Laagley 
8-foot transonic pressure tunnel. The fuselage i s  mounted d i rec t ly  on the tun- 
n e l  w a l l  while the wing i s  mounted d i rec t ly  on the force balance. A powered 
model of a fan-jet engine i s  pylon-mounted under the wing. The force resu l t s  
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were obtained f o r  the wing-pylon-engine combination and included the influence 
of the presence of the fuselage on these components. 
The interference drag coefficient XD for  the powered-model t e s t  was 
obtained by reducing the t o t a l  drag measured with the force balance by the  com- 
puted thrus t  and by the drag of the three individual components of the model: 
wing, engine, and pylon. This procedure is  shown by the following equation: 
where 
( C ~ ) t o t a l  t o t a l  measured wing-pylon-engine drag coefficient,  obtained 
from wall-mounted strain-gage force balance 
C F engine net thrust  coefficient based on wing area, computed from 
total-pressure and static-pressure measurements taken i n  fan 
in le t ,  fan ex i t ,  turbine i n l e t ,  and turbine e x i t  
(cD)wing wing-drag coefficient,  obtained from wall-mounted strain-gage 
force balance during t e s t s  made with the engine and pylon 
removed 
(C~)engine  measured drag coefficient l e s s  pylon drag coefficient and l e s s  
engine net thrus t  coefficient f o r  the engine alone 
('D, f )pylon pylon skin-friction drag coefficient,  calculated by using skin- 
f r i c t ion  values from the Sommer and Short (T' method (see 
ref.  1 )  
The engine-alone measurements were obtained during t e s t s  of the engine mounted 
on an elongated pylon tha t  was mounted d i rec t ly  on the balance. The pylon drag 
w a s  measured during t e s t s  performed with the  engine removed from t h i s  configura- 
t ion .  The engine net thrust  was obtained from the same type of pressure meas- 
urements and computing method used during the complete-configuration t e s t .  
Fan-jet engine.- The general outline of the ful l -scale  fan-jet  engine which 
is  t o  be used on the C-5A log i s t i c  transport is shown i n  figure 5. The engine 
i s  approximately 25 fee t  long and has a maximum fan-cowl diameter of 9 fee t .  
Eighty-five percent of the m a x i m  thrust  of 41 000 pounds i s  produced by t h i s  
fan. With a bypass r a t io  of 8.1, approximately 1335 lb/sec of the t o t a l  engine 
weight flow of 1500 lb/sec passes through the fan, whereas 165 lb/sec of a i r  
enters the primary discharge nozzle. 
An ef for t  was  made during the design of t h i s  engine t o  maintain an area 
dis t r ibut ion which would be compatible t o  tha t  of the  overal l  areasbuildup of 
the C-5A type airplane configuration. This e f f o r t  has resulted i n  a smooth 
t o t a l  area dis t r ibut ion f o r  the engine-airplane combination. 
Model engine.- A cross-sectional view of the powered model of the C-5A 
engine used during t h i s  investigation i s  shown i n  figure 6. The two-stage 
fan i s  connected d i rec t ly  t o  the nitrogen-driven three-stage turbine. This 
model engine was designed t o  produce the same mass-flow rz+,iz and exit-pressure 
r a t i o  as the ac tua l  full-scale engine. A t  the maximum design speed of 
45 000 r p m ,  the  model engine, which has a maxirmun diameter of 5.9 inches and an 
overal l  length of 18 inches, develops approximately 130 horsepower. 
Total-pressure rakes and static-pressure taps were located i n  the fan 
i n l e t ,  in the fan ex i t ,  and in  the turbine e x i t  t o  obtain the measurements t o  
be used i n  computing thrus t .  A t o t a l  of 276 pressures were recorded during 
t h i s  investigation and included surface pressures on the fan cowl, turbine, 
turbine ex i t  plug, pylon surfaces, and wing upper and lower surfaces i n  the 
v ic in i ty  of the  wing-pylon juncture. 
J e t  effects . -  The ef fec t  of the powered fan-jet engine on the aerodynamic 
interference is  shown i n  figure 7 as  the interference drag coefficient ~ C D  
plot ted against l i f t  coefficient for  fan-exit pressure r a t io s  of 1.0 and 1.47. 
A pressure r a t i o  of 1.0 is  obtained with the engine ope ra t ing jus t  f a s t  enough 
t o  overcome the in te rna l  losses of the engine, and zero thrus t  is produced. A 
pressure r a t i o  of 1.47 is  obtained f o r  the maximum design speed, where maximum 
thrus t  i s  produced. The data indicate t h a t  with power on, the favorable in te r -  
ference is  increased throughout the l i f t -coef f ic ien t  range, with a maximum 
increase of approximately 10 drag counts at t h e  highest l i f t  coeff ic ient .  
A possible explanation fo r  the increase i n  favorable interference may be 
, t ha t  with the engine operating a t  the zero thrus t  condition, there i s  a tend- 
ency f o r  the pressure t o  become equalized on the inboard and outboard sides of 
the pylon. This balance of pylon pressure i s  believed t o  be caused by a pres- 
sure leakage t h a t  takes place between the fan cowl and the turbine cowl, as 
shown by the arrow i n  the cutaway oblique view of the engine i n  figure 7. The 
change i n  pressure coefficient (LCp) between the inboard side and the outboard 
. side of the pylon measured along the nacelle-pylon juncture is  presented i n  the 
lower plot of figure 7 as  a function of nacelle length. 
The pressure difference is small f o r  the zero thrust  condition; however, 
with the engine producing maximum thrust ,  the fan e x i t  is  choked and the pres- 
sure leakage from the inboard side t o  the outboard side of the pylon cannot 
occur. This i s  shown i n  figure 7 as an increase i n  the difference i n  pressure 
coefficient.  This increase i n  pylonlnormal force is  believed t o  be a resu l t  of 
an increase i n  the end-plate effectiveness of the engine nacelle with the fan 
e x i t  choked plus the effect  of the increase i n  the fan-jet  flow over the rear  
portion of the pylon. This pylon normal force, when reduced t o  a l i f t  vector 
perpendicular t o  the loca l  flow, resul ts  i n  a thrust  vector i n  the s t r eca  
direct ion,  because of the direction of t h i s  l c c a l  flow associated with the 
swept wing. This induced th rus t  may possibly account, i n  par t ,  f o r  the  favor- 
able interference obtained with power on. 
C-5A l o g i s t i c s  transport.- Further investig&tions have been made by using 
a semispan model of the C-5A log i s t i c s  t ransport  configuration mounted i n  the  
Langley 8-foot transonic pressure tunnel. Again, the  fuselage was mounted 
d i r ec t ly  on the  tunnel wall  and the wing was mounted d i r ec t ly  on the force 
balance. Two powered fan-jet  engines were pylon-mounted under the  wing of the  
C-5A model a s  shown in f igure  8. A t o t a l  of 552 surface pressures and t o t a l  
rake pressures were measured during t h i s  two-engine investigation.  
Engine position.- The r e su l t s  obtained from an investigation of engine 
posit ion a re  shown as interference drag p lo t ted  against Macn number i n  f igure  9 
f o r  the basic engine position, f o r  the  engine moved rearward, and f o r  the  engine 
moved rearward and vertLcally upward. The data indicate  t h a t  the  grea tes t  
favorable interference e f f ec t  i s  obtained with the engine i n  the  most forward 
posit ion.  These resu l t s  substant ia te  r e su l t s  obtained previously (not shown 
herein) f o r  the  one-engine t e s t  where it was a l so  found t h a t  with t he  engine i n  
the  foremost longitudinal and lowest v e r t i c a l  posit ion the most favorable in te r -  
ference r e su l t s  were obtained. 
The data i n  figure 9 indicate t h a t  interference drag i s  very sens i t ive  t o  
engine posit ion.  With the engine moved rearward approximately 10 percent of the  
engine length, favorable interference is  obtained in the  lower Mach range) 
before the  cruise Mach number i s  reached, however, the  interference drag coef- 
f i c i e n t  becomes unfavorable. The reduction i n  pylon leading-edge sweep associ- 
a ted  with t h i s  rearward movement of the engine from 77.5O t o  74' r e su l t s  i n  an 
increase i n  pylon side force which may possibly account f o r  the  favorable in te r -  
ference obtained f o r  t h i s  configuration a t  the lower Mach numbers. The unfavor- 
able interference drag obtained i n  the  higher Mach number range would r e su l t  
from the change i n  the area d i s t r ibu t ion  caused by t h i s  change i n  engine posi- 
t ion .  As the engine i s  moved closer  t o  the wing, the  interference drag i s  
increased even fur ther  and, i n  f ac t ,  no favorable e f fec t s  occur throughout the 
Mach number range. These resu l t s ,  i n  the  lower Mach number range, may be 
a t t r ibu ted  t o  the  increase i n  pylon leading-edge sweep and the  associated loss  
i n  s ide force;  i n  the higher Mach number range, they may be a t t r i bu t ed  t o  a 
magnification of the already unfavorable e f fec t s  associated with the  change i n  
area  d i s t r ibu t ion  as the  engine i s  moved even closer  t o  t he  wing. 
Pylon leading-edge extension.- The e f f ec t  of pylon leading-edge extension 
was a l so  investigated. Figure 10 shows the  two pylon configurations tes ted .  
The first pylon has a leading edge sweep 3f 74O and is  attached t o  t he  lower 
surface of the  wing, jus t  behind the wing leading edge, a s  proposed f o r  the  
C-5A airplane.  The second pylon, having the  same sweep, has i ts  leading edge 
extended forward approximately 10 percent of the pylon chord. This extension 
r e su l t s  i n  the  pylon leading edge extending over t he  wing, as  shown by the  
dashed out l ine  on the sketch i n  the upper par t  of the figure.  
The data indicate t h a t  the  configuration having the  or ig ina l ly  proposed 
pylon configuration provided favorable interference a t  the  cruise  Mach number. 
The extended-pylon configuration produced approximately zero interference drag 
i n  the lower Mach number range, becoming unfavorable a t  the higher t e s t  Mach 
numbers. Further wind-tunnel investigations w i l l  be necessary before an 
explanation can be given for  th is  difference i n  interference drag resul t ing 
from t h i s  change i n  pylon extension. 
CONCLUSIONS 
Wind-tunnel studies of nacelle interference drag at high subsonic speeds 
including the  e f fec t  of powered je t s  have been presented. The data indicate 
tha t  the aerodynamic interference resul t ing from nacelle-pylon ins t a l l a t ion  may 
be minimized o r  even made favorable by properly locating the engine nacelles 
and by detailed ta i lor ing  of the engine-pylon configuration. It has also been 
shown tha t  the e f fec t  of the powered J e t  is such tha t  the favorable interference 
noted in  t h i s  investigation was doubled throughout the higher l i f t -coef f ic ien t  
range. Inasmuch as  only a few possible engine ins ta l la t ions  have been studied 
herein, it should be emphasized tha t  more extensive wind-tunnel investigations 
w i l l  be required before the exact e f fec t  t ha t  the powered j e t s  have on in ter -  
ference drag can be f u l l y  understood. 
1. Peterson, John B., Jr.: A Comparison of Ekperimental and Theoretical Results 
for  the Compressible Turbulent -Boundary -Layer Skin Frict ion With Zero 
FYes sure Gradient. NASA TN D-1795, 1963. 
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WITH LOW-ASPET-RATIO WINGS 
By William B. Kemp, Jr., Vernard E. Lockwood, 
and W. Pelham Phillips 
NASA Langley Research Center 
SUMMARY 
Some results of a study of the influence of ground-induced aerodynamic 
effects on the landing manewer of airplanes with low-aspect-ratio wings 
are presented. The fundamental mechanism of ground induction is reviewed 
and a simplified landing-flare analysis is used to illustrate the signifi- 
cance of the ground-induced pitching moment, the load factor just before 
touchdown, and the ground effects on the elevator characteristics. Some 
effects of wing planform and airplane size are shown by use of dynamic cal- 
culations of airplane motions during the landing flare. A constant-pitch- 
attitude landing flare is shown to be possible for some large airplanes with 
low-aspect-ratio wings. 
- INTRODUCTION 
Many airplane designs proposed for supersonic missions have employed 
low-aspect-ratio delta-related wing planforms. The achievement of appro- 
priate lift coefficients for landing with these wings requires angles of 
attack so high that provision of adequate ground clearance is a serious 
problem and may possibly necessitate lower wing loadings or longer landing 
gears than would be desirable otherwise. Some wind-tunnel measurements on 
low-aspect-ratio wings have indicated that the effects of ground proximity 
may allow the angle of attack at a landing touchdown to be several degrees 
less than that required to obtain the same lift coefficient away from the 
ground, and thus may significantly alleviate the ground-clearance problem. 
Furthermore, since this angle-of-attack change due to ground proximity may 
be of the same order of magnitude as the flight-path angle in a normal 
landing approach, the execution of a landing-flare maneuver without changing 
airplane attitude appears within the realm of possibility. The constant- 
attitude flare is viewed in some quarters as being considerably easier and 
therefore safer than a conventional landing-flare maneuver. 
With these considerations in view, a study has been initiated at the 
NASA Langley Research Center using wind-tunnel experiments and theoretical 
procedures to determine the influence of several configuration parameters 
on the ground effects on low-aspect-ratio wings. It is the purpose of this 
paper to present some highlights of the findings to date as they relate to 
the landing maneuver. 
SYMBOLS 
A wing aspect ratio 
E wing mean aerodynamic chord, ft 
e elevator chord, ft 
L lift coefficient 
c D drag coefficient 
c m pitching-moment coefficient 
c% rate of change of lift coefficient with elevator angle at constant , 
angle of attack, per degree 
rate of change of pitching-moment coefficient with elevator angle at . ,  
constant angle of attack, per degree 
h height above ground of a point on the wing chord plane at the longi- 
tudinal location of the center of gravity, ft 
h2g height of landing gear above ground, ft 
- 
normal loaa factor 
wing area, sq ft 
time, sec 
airplane velocity, knots 
airplane weight, lb 
angle of attack, deg 
elevator angle, deg 
ground-induced increment in any coefficient Ci 
angle-of-attack change during the flare, deg 
elevator-angle change during the flare, deg 
flight-path angle, deg 
airplane pitch attitude, deg 
Subscripts : 
A conditions in free-air approach 
G conditions at ground contact 
DISCUSSION 
Comparison of Conventional- and Delta-Wing Airplanes 
The first two figures compare the ground effects on two airplane configu- 
rations having widely different aspect ratios. Figure 1 illustrates the ground 
effects measured on a wind-tunnel model typical of a conventional subsonic jet 
transport with an aspect-ratio-6 wing. Drag coefficient, angle of attack, and 
pitching-moment coefficient are shown as functions of lift coefficient. The 
solid curves represent the characteristics in free air and the dashed curves 
correspond to the wheels touching the ground. 
At the lower lift coefficients, the ground effect produces a small increase 
in lift at a given angle of attack. The maximum lift coefficient, however, is 
, significantly reduced by proximity to the ground. These trends are typical of 
the ground effects observed on configurations with wings of moderate to high 
aspect ratio. For comparison, figure 2 shows the corresponding characteristics 
of a model having a 55O clipped delta wing with an aspect ratio of 2.26. Again, 
the-drag coefficient, angle of attack, and pitching-moment coefficient are 
plotted against lift coefficient for free air and for a height representative 
of a wheel touchdown condition. Since the low-aspect-ratio wing does not 
exhibit a true stall, the ground effects on maximum lift coefficient need not 
be considered. Lift coefficients appropriate for a landing approach are indi- 
cated for each configuration. Observe that at the approach lift coefficient, 
the ground effects on the low-aspect-ratio wing allow a reduction in angle of 
attack of more than 3' from free air to touchdown, whereas the corresponding 
angle-of-attack reduction for the subsonic jet configuration is only about 1/2O. 
Both configurations show significant drag reductions in ground effect. 
Although these drag reductions would affect the speed bleed-off in a landing 
flare, further analysis of the ground effects on drag is beyond the scope of 
this paper. 
The pitching-moment characteristics show that both configurations experi- 
ence a modest increase in static stability in proximity to the ground, with a 
resultant increase in nose-down moment at the approach lift coefficient. The 
effect of trimming out this moment change is discussed in a subsequent section. 
The data of figures 1 and 2 show that the angle-of-attack increment produced by 
ground proximity is of greatest interest for the low-aspect-ratio configuration. 
The present study has, therefore, emphasized the low aspect ratios. 
Mechanism of Ground Induction 
Consider an airplane f lying i n  close proximity t o  the ground ( f ig .  3 ) .  The 
e f fec t  of the  ground i s  to  prevent the existence of any v e r t i c a l  a i r  velocity a t  
the  ground plane. If the ground i s  replaced by an inverted mirror-image a i r -  
plane f lying under the ground, a l l  ve r t i ca l  ve loc i t ies  induced by the airplane 
and i ts iczge a re  canceled a t  the plane of symmetry. Thus, the e f fec ts  of the 
image airplane a re  identical t o  the e f f ec t s  of a ground plane. Figure 4 shows 
C ?irplane i n  side view with a typica l  chordwise dis t r ibut ion of l i f t  due t o  
,ngle of attack. The aerodynamic center i s  a t  the centroid of t h i s  dis t r ibu-  
t i on .  This same dis t r ibut ion of l i f t  i s  represented on the image airplane a s  
a system of l i f t i n g  and t r a i l i n g  vortices.  The image vortex system induces 
upwash ve loc i t ies  i n  the wing chord plane t h a t  may be dis t r ibuted somewhat as  
shown i n  the middle sketch. The induced upwash over the region of the  wing has 
an average value which i s  equivalent t o  an angle-of-attack change and a gradient 
which i s  equivalent to  a camber change. The equivalent camber would induce a 
l i f t  whose center would be near the r ea r  of the wing. The combined ground- 
induced l i f t  may be distributed a s  shown by the lower sketch and i t s  center of 
pressure would be expected t o  l i e  behind the aerodynamic center and produce a 
nose-dawn ground-induced pitching moment. 
The present ground-effects study u t i l i z e s  both theore t ica l  and experimental 
procedures. I n  a theoretical computer program currently being developed t o  
implement the principles shown i n  f igure 4 a vortex l a t t i c e  type of l i f t i n g -  
surface aerodynamic theory i s  used so tha t  the e f fec ts  of the chordwise d i s t r i -  
bution of the  l i f t  and the ground-induced ve loc i t ies  can be accounted f o r  
adequately. 
I Experimental Program 
The experimental program recognized the importance of the ground-induced 
pitching moment by placing some emphasis on the configuration of the elevators 
used t o  t r i m  out the mment. Figure 5 i l l u s t r a t e s  two of the wind-tunnel models 
used. The wings were of de l t a  planform with clipped t i p s  and had leading-edge 
sweep angles of 55' and 70°. Some data obtained on t h i s  55' wing were shown i n  
figure 2. Elevators having chords of about 10 percent and 20 percent of the 
wing mean aerodynamic chord were examined. The models were tes ted  i n  a wind 
tunnel a t  various heights above a ground plane. A moving-belt ground plane was 
used to remove uncertainties even though a correlation discussed by Alexander D. 
Hanmond i n  paper no. 22 indicates tha t  the moving b e l t  was unnecessary f o r  these 
models. 
The ground effects  measured on these two models a re  compared i n  figure 6. 
The ground-induced increments i n  l i f t  and pitching moment a t  zero elevator 
deflection, and the  ground-induced increments i n  the elevator l i f t  and moment 
parameters, a re  shown a s  functions of height above the ground. The ground- 
induced increments were measured a t  a constant angle of a t tack of 12O. The 
l i f t  increment and the increments of the elevator parameters a r e  each normal- 
ized by t h e i r  respective free-air  values. 
For the 5' wing, shown by the solid curves, all of the parameters increase 
continuously with decreasing height. For the 700 wing, the lift at zero ele- 
vator and the lift due to elevator deflection also increase continuously but the 
two moment parameters show a reversal in the ground-effect trend at the lowest 
height. Although this trend reversal is not fully understood at present, it 
may be associated with the formation of an effective venturi throat between the 
ground and the wing trailing edge that may cause negative pressures on the 
underside of the wing near the trailing edge. It is possible that the 55O wing 
" may also have shown some tendency toward trend reversal if it had been tested 
closer to the ground. The lowest points shown for each wing, however, represent 
heights that are appropriate for wheel touchdown. The ground-induced lift 
increment at touchdown is seen to be nearly the same for both wings. 
Simplified Landing-Flare Analysis 
In order to assess the importance of these ground effects on the landing 
maneuver, the analysis procedure illustrated in figure 7 was used. Two flight 
conditions are assumed. The first is a steady-state landing approach glide 
out of ground effect on a straight descending flight path. The second repre- 
sents the conditions at the instant of wheel contact with the ground. The 
flight path here may be curved gnd is usually at a flight-path angle less than 
that in the approach. 
The curvature of the flight path requires a normal load factor somewhat 
greater than 1. The normal load factor at ground contact may be expressed 
approximately as the ratio of the lift coefficient at ground contact to that 
in the steady-state approach. Now if the approach lift coefficient is known 
and a value for normal load factor is assumed, the lift coefficient at ground 
contact may be determined. The wind-tunnel data may then be used to find the 
trimmed angle of attack in the approach and at ground contact corresponding to 
the appropriate lift coefficients and ground heights. The change in angle of 
attack during the flare is denoted by the symbol % and is a sort of ground- 
effect figure of merit as determined in the wind tunnel. 
\ 
The significance of this parameter is indicated by the second equation 
of figure 7, which was derived by using the angle relationships shown in the 
sketches. For a smooth landing, the flight-path angle at ground contact should 
be nearly zero. Thus, for any given value of the approach flight-path angle, 
the change in airplane attitude required to achieve this change in flight-path 
lo angle is determined by hF. If, for example, the value of AxF were -2F , a 
very reasonable landing flare could be achieved with no change in airplane 
attitude. The change in elevator angle during the flare can also be determined 
from the wind-tunnel data and is a measure of the required pilot activity. 
Application of this analysis procedure to the data for the 5' delta wing 
. yields the results given in figure 8. The angle-of-attack increment kuF and 
the corresponding increment in elevator angle are given as functions of the 
approach lift coefficient with the normal load factor at ground contact as a 
parameter. For the untrimmed case, an angle-of-attack reduction in the flare 
in excess of 3' is indicated for an assumed approach lift coefficient of 0.65. 
If the airplane is trimmed with an elevator having a chord of about 20 percent 
of the wing mean aerodynamic chord, the elevator must be pulled up nearly 4'
and the resulting negative lift reduces the angle-of-attack increment to about 
-2O even if no increase in load factor is assumed. Of course, some increase in 
load factor is necessary if the flight-path angle is to be reduced in the flare. 
If the load factor at ground contact is as high as 1.1, the beneficial increment 
in angle of attack is reduced to only -0.6'. 
It is of interest, therefore, to understand more fully the mechanism by 
which these potentially beneficial ground effects are being rendered unavail- 
able. In figure 9 the same 5' delta wing is assumed to be trimmed with the 
same 20-percent-chord elevator to a load factor of 1.1 at ground contact. The 
ground effects, however, are now represented by successive superposition of 
three major components: the ground effect on the variation of lift with angle 
of attack, the ground effect on the variation of pitching moment with angle of 
attack, and the ground effect on the lift and moment associated with elevator 
deflection. The angle-of-attack increment in the flare and the elevator-angle * 
increment are again plotted as functions of approach lift coefficient. If the 
only ground effects considered are those that influence the variation of lift 
with angle of attack, the short-dash lines show that at an assumed approach CL 
of 0.65, the angle-of-attack increment is again about -3O and the elevator-angle 
change is only that required to pull the additional 0.1 load factor. The addi- 
tional inclusion of the ground effects on the variation of pitching moment with 
angle of attack, as indicated by the long-dash curves, required an additional 5'
of elevator-angle change and reduced the angle-of-attack incremen* to about 
-1.3'. As indicated by the solid lines, the inclusion of the ground effects on 
the elevator characteristics further reduced the angle-of-attack increment to 
-0.6' but required a somewhat smaller elevator-angle change. The reason for 
this last effect can be explained by reference to figure 6. For the 5' wing, 
the ground effect at touchdown has increased the elevator moment effectiveness 
by 17 percent, and thereby reduced the elevator angle required to trim out the 
ground-induced moment. The elevator lift parameter, however, has increased 
35 percent, and this negative lift has a detrimental effect on 4 in spite 
of the smaller elevator angle. It is apparent that the ground effects on the 
elevator lift and moment characteristics are an important part of the whole 
ground-effect picture and must be accounted for in analysis or in simulation 
of ground effects if the results obtained are to be meaningful. 
It is logical to ask whether some change in the elevator configuration 
would allow the potential benefit of the ground effect to be realized more 
fully. Figure 10 illustrates the effect of reducing the chord of these full- 
span elevators from 20 percent to about 10 percent of the wing mean aerodynamic 
chord for the case of a load factor of 1.1 at ground contact. When the model 
was trimmed with the smaller chord elevator, an angle-of-attack reduction in 
the flare of about 1.1' was achieved at the assumed approach lift coefficient, 
compared with only 0.6' when the model was trimmed with the larger elevator. 
The elevator-angle increment in the flare shown on the right of the figure is 
slightly greater for the small-chord elevator because the basic elevator effec- 
tiveness is lower than that of the large-chord elevator. The beneficial effect 
of reducing elevator chord is  due pa r t ly  t o  the longer moment arm of the small 
elevator which allows a given moment change t o  be trimmed out with l e s s  lo s s  i n  
l i f t ,  and par t ly  t o  the  more rearward location of the center of pressure of the 
ground-induced lift associated with elevator deflection. 
Dynamic Motion Calculations 
In the preceding discussion, the  ground ef fec ts  have been examined by com- 
paring the i n i t i a l  and f i n a l  conditions i n  a landing f l a r e  with an assumed value 
f o r  the touchdown load factor .  The actual  load fac tor  can be determined from 
calculations using the dynamic equations of motion through complete landing- 
f l a r e  maneuvers. Several examples of such calculations a re  given i n  f igure  11. 
This figure presents the variation of r a t e  of descent, elevator angle, and nor- 
m a l  load fac tor  with height of the landing gear above the  ground, calculated 
f o r  landing f l a r e s  assumed t o  be made a t  constant pi tch a t t i tude .  For a l l  cases 
the  small-chord elevator, an approach speed of 131 knots, and an approach 
f l ight-path angle of -2.75O were assumed. The f i r s t  two curves compare the  700 
and 5 5 O  wings on airplanes having a wing area representative of a fixed-wing 
supersonic transport  airplane. The wing loadings were selected t o  give approach 
lift coefficients appropriate for the  respective wing planf'orms. These a i r -  
planes f i r s t  en ter  the ground-effect region a t  a height of about 60 f ee t ,  and 
the  ground e f fec t s  reduce the rate  of descent from an i n i t i a l  value of 10.6 f e e t  
per  second t o  touchdown values of 5 f e e t  per second f o r  the  70° wing and f ee t  
- 
per  second f o r  the 55' wing. Observe tha t  although both airplanes reached about 
the  same value of load fac tor  a t  touchdown, the load fac tor  during most of the  
landing f l a r e  was somewhat higher f o r  the 70° wing. This higher load fac tor  . 
resulted i n  a greater  reduction i n  r a t e  of descent. 
The short-dash curves show a landing f l a r e  f o r  an airplane assumed t o  be 
a 1/3-scale model of the large one with a 55' de l t a  wing. The wing loading and 
t h e  i n i t i a l  conditions a re  the same a s  those f o r  the large airplane. The small 
airplane enters ground ef fec t  a t  a height of about 20 fee t ,  and although the  
load fac tor  reaches a peak value considerably higher than tha t  f o r  the  large 
airplane, the high load factors  e x i s t  f o r  a much shorter duration and r e su l t  i n  
much l e s s  reduction i n  r a t e  of descent. This finding implies tha t  the impor- 
tance of the ground ef fec ts  on a large airplane cannot be d i r ec t ly  inferred 
from observations made i n  f l igh t  of a small airplane. 
The r e su l t s  shown here f o r  the  70' wing indicate a r a t e  of descent a t  
touchdown which i s  almost low enough f o r  a smooth landing. The data used i n  
these calculations were obtained on a wind-tunnel model without camber o r  t w i s t .  
There a re  preliminary indications tha t  wing t w i s t  i n  the direct ion of wasl~dut a t  
t he  t i p s  can provide fur ther  reductions i n  the ra te  of descent a t  touchdown. 
Thus, a successful constant-attitude landing f l a r e  can probably be achieved. 
* Notice, however, t h a t  the elevator angle must be changed during the f l a r e  by 
" ,  
about 7O. Thus, an automatic f l a re  - t ha t  is, one requiring no p i lo t  action - 
has not been achieved. 
, CONCLUDING REMARKS 
The study described has indicated that a meaningful analysis of wind-tunnel 
ground-effect data or a realistic simulation of ground effects must utilize a 
complete description of the ground effects on the lift and pitching-moment char- 
acteristics due to angle of attack and elevator deflection. In addition, it was 
shown that the ground effects on low-aspect-ratio wings can produce significant 
reductions in the pitch attitude at ground contact, and constant-attitude 
landing flares may be possible for some large airplane configurations. The 
truly automatic landing flare requiring no change in elevator angle, however, 
is difficult to achieve. 
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SUMMARY 
The ground e f f ec t s  on two a i r c r a f t  with low-aspect-ratio d e l t a  wings, t he  
F5D-1 and t he  XB-70A, were measured i n  f l i g h t  t e s t s .  I n  a companion program, 
both small and fu l l - s ca l e  models and severa l  wind tunnels were used t o  docu- 
ment the  ground e f fec t s  f o r  t he  F5D-1. These f l i g h t  t e s t s  indicated ground 
e f f e c t s  were not a problem i n  landing e i t h e r  of these  vehicles.  The l imi ted 
wind-tunnel program indicated t ha t  s ca l e  e f f ec t s  were not of f i r s t - o r d e r  
importance i n  defining ground e f fec t s ,  and t h a t  wind-tunnel t e s t s  provide 
reasonable agreement with t he  values i n  f l i g h t .  A sirhulation study, using a 
fixed-cockpit projection-type simulator, performed i n  conjunction with these  
s tud ies  indicated leve l s  of moment and l i f t  changes which would be unsa t i s -  
f a c to ry  from the  p i l o t ' s  viewpoint; however, some possible  a l l ev i a t i ng  
, fea tures  were noted. 
INTRODUCTION 
For low-aspect-ratio wing designs t he  e f f e c t  of ground proximity on 
longi tudinal  aerodynamics is becoming recognized a s  contributing s i g n i f i -  
can t ly  t o  take-off and landing charac te r i s t i cs .  The increase i n  l i f t  due t o  
t he  ground e f f e c t  helps t o  reduce t h e  long ground r o l l s  associated with t h e  
high take-off speeds of these a i r c r a f t .  But on t he  other  hand, the  pi tching-  
moment changes due t o  these  ground e f f e c t s  may adversely a f f e c t  t he  p i l o t ' s  
a b i l i t y  t o  make an accurate f l a r e  during landing o r  the  ro t a t i on  maneuver 
during take -off . For example, preliminary f ixed-cockpit simulation s tud ies  of 
the  landing charac te r i s t i cs  of a large,  low-aspect-ratio a i r c r a f t  indicated 
t h a t  t he  p i l o t s  had d i f f i c u l t y  i n  making prec i se  landings when t h e  a n t i c i -  
pated ground e f f ec t s  were programed i n t o  t he  simulation. The f a c t  t h a t  t h e  
simulator study indicated a control problem while none has been encountered 
i n  low-aspect-ratio a i r c r a f t  currently f ly ing  suggests t he  need f o r  f u r the r  
invest igat ion of t he  problem. Several poss ible  sources of the  di f ference 
have been suggested. One i s  the  pos s ib i l i t y  t h a t  Reynolds number s i g n i f i -  
can t ly  a f f e c t s  small-scale wind-tunnel measurements of ground e f f e c t .  Second 
is  t h e  p o s s i b i l i t y  t h a t  the  p i l o t  cannot make r e a l i s t i c  assessments from 
fixed-base simulations i n  which motion is lacking and the  resolut ion i n  t h e  
v i s u a l  d isplay is  l imited.  
, - Fl igh t - t e s t  programs on two low-aspect-ratio delta-wing a i r c r a f t  were 
extended t o  measure t he  ground e f f ec t  on each. These a i r c r a f t  a r e  t he  F5D-1, 
equipped with an ogee planform, being flown a t  t he  Ames Research Center, and 
t he  XB-7OA, which is cur ren t ly  undergoing j o in t  A i r  Force and NASA f l i g h t  
t e s t i n g  a t  Edwards A i r  Force Base. I n  addit ion,  comprehensive t e s t s  with both  
small  and fu l l - sca le  models were conducted i n  severa l  wind tunnels t o  document 
the  cha r ac t e r i s t i c s  of the  F5D-1 a i r c r a f t .  
This paper w i l l  present  the  ground e f f e c t  data  measured on the  XB-70A 
and t he  F5D-1 a i r c r a f t  i n  f l i g h t ,  w i l l  compare wind-tunnel and f l i g h t  data,  
and w i l l  indicate ,  on the  ba s i s  of p i l o t ed  simulator s tudies ,  the  manner i n  
which various magnitudes of ground e f f e c t  influence t he  p rec i s ion  of t h e  
landing. 
SYMBOLS 
C~ l i f t  coeff ic ient ,  L / ~ S  
' ~ r t  r im l i f t  coef f i c ien t  i n  t r i m  
cbo l i f t  coef f i c ien t  out  of ground e f f e c t  
c~ drag coeff ic ient ,  D / ~ S  
mean aerodynamic chord, f t  
drag, l b  
accelera t ion due t o  gravity,  f t / s ec2  
distance from reference point  on a i r c r a f t  t o  ground, f t  
L l i f t ,  l b  
9 dynamic pressure, lb / sq  f t  
S wing area, sq  f t  
T th rus t ,  l b  
W weight, l b  
&E elevon deflect ion,  deg 
'%rim elevon def lec t ion  required f o r  trim, deg 
7 f l i g h t  -path angle, deg 
(ACL) GE change i n  l i f t  coeff ic ient  due t o  e f f e c t  
( ~ c m ) ~ ~  change i n  pitching-moment coef f ic ien t  due t o  ground e f f e c t  
TEST AIRCRAFT AND TEST TECHNIQUES 
Test Ai rc ra f t  
Figures 1 and 2 a r e  photographs of the  two a i r c r a f t  f o r  which ground 
e f f e c t s  were measured i n  f l i g h t .  Figure 1 shows the  F5D-1 a i r c r a f t ,  con- 
s t ruc ted  by the  Douglas Ai rc ra f t  Company with a wing modified t o  an Ogee plan-  
form. This a i r c r a f t  has an aspect r a t i o  of 1.70, a wing a rea  of 661 square 
f e e t ,  and a mean aerodynamic chord of 22.6 f e e t .  Figure 2 shows t he  XB-70A 
a i r c r a f t ,  a  mult i  j e t ,  supersonic bomber b u i l t  by North American Aviation. 
This a i r c r a f t  has an aspect  r a t i o  of 1.75, a wing a rea  of 6300 square f e e t ,  
and mean aerodynamic chord of 78.5 f e e t .  It is apparent t h a t  there  is  a l a rge  
di f ference i n  t he  s i z e  of the  two a i r c r a f t .  
Test Techniques 
Ground e f f e c t  on t he  XB-70A was measured during t he  landing approach 
while t he  a i r c r a f t  w a s  making a steady descent a t  a constant angle of a t t a ck  
and power se t t ing .  The increase i n  l i f t  coef f ic ien t  was determined from t h e  
r e su l t an t  f l a r e  as the  a i r c r a f t  approached t he  ground. I n  addit ion,  t h e  
change i n  elevon pos i t ion  determined t he  pi tching moment due t o  ground e f f ec t .  
The equations f o r  determining the l i f t  changes from t h e  measured quan t i t i es  
a r e  shown i n  f igure  3. In  t h i s  case, t he  Askania Tracking System of t he  A i r  
Force Fl ight  Test Center's take-off and landing f a c i l i t y  was used t o  measure 
t he  changes i n  r a t e  of descent and f l i g h t  path, while onboard instrumentation 
recorded angle of a t t a ck  and elevon posi t ion.  
The data  f o r  t he  F5D-1 a i r c r a f t  were obtained during l e v e l  "fly-by" runs 
a t  various heights and a t  several  speeds. Figure 4 shows the  a i r c r a f t  during 
one of these runs along the  runway. ('The white shadow across the  base of t h e  
v e r t i c a l  surface is a condensation t ra i l  caused by the  strong vortex a t  t h e  
roo t  leading edge of t h e  ogee wing.) This method r e l i e d  upon the  onboard 
measurements of a i r c r a f t  accelerations,  t h ru s t ,  a t t i t ude ,  and height t o  per -  
m i t  t he  calcula t ion of t he  parameters s i gn i f i c an t  t o  ground e f f ec t .  The 
methods f o r  reducing these  measured quan t i t i es  t o  l i f t  and drag coef f ic ien t s  
a r e  presented i n  reference 1. A Lockheed Location Orientation Recording 
Instrument (LORI) was mounted ve r t i c a l l y  on the  lower surface of t he  fuselage.  
This system measured a i r c r a f t  height above the  runway, r a t e  of change i n  
height, ground speed, and p i t c h  angle. 
The wind-tunnel program conducted i n  conjunction with the  f l i g h t  t e s t s  of 
t h e  ogee wing F5D-1 a i r c r a f t  included t e s t s  i n  th ree  wind tunnels and afforded 
t h e  opportunity t o  evaluate scale e f f ec t s  a s  wel l  as  t o  compare tunnel  and 
f l i g h t  measured resu l t s .  For t he  fu l l - s ca l e  data  t he  ac tua l  a i r c r a f t  was used 
a s  a model i n  the  Ames 40- by 80-foot wind tunnel and f o r  the  small-scale data 
a properly modified 0.15-scale model of t he  F5D-1 a i r c r a f t  was t e s t ed  i n  t he  
Lockheed 8- by 12-foot wind tunnel and t he  Langley 7- by 10-foot wind tunnel.  
Tests i n  t he  Langley tunnel  were conducted with both a moving and s ta t ionary  
ground plane.  
RESULTS AND DISCUSSION 
Figure 5 shows a s e t  of data  measured on the  XB-7OA a i r c r a f t .  Br ief ly ,  
t h e  measured data,  in the  form of t he  r a t e  of descent and elevon angle t o  
t r im,  a r e  p lo t ted  as  a function of t he  height parameter or  t h e  height divided 
by t he  mean aerodynamic chord. The change i n  t he  r a t e  of descent as t he  
vehic le  nears t he  ground is used t o  calcula te  the  resu l tan t  increase i n  l i f t  
coef f ic ien t .  During t h i s  f l i g h t  maneuver, elevon motion i s  used t o  maintain 
t h e  prescribed f l i g h t  path .  Thus, t o  obtain t h e  ac tua l  l i f t  coef f ic ien t  
increase  due t o  ground e f fec t ,  it i s  necessary t o  correct  t h e  measured l i f t  
increment t o  zero elevon angle a s  shown on t h i s  f igure .  For t h i s  pa r t i cu l a r  
a i r c r a f t  t he  elevon movement nearly cancels the  increase i n  l i f t  due t o  t he  
ground e f f ec t .  Also on t h i s  f igure  two symbols indicate  t he  amount of ground 
e f f e c t  measured i n  a wind tunnel.  The wind-tunnel data a r e  too  l imi ted fo r  
de f in i t i ve  conclusions as  t o  agreement, but  t e s t i n g  is continuing. 
The e f f e c t  of the ground proximity on t he  aerodynamic proper t i es  of the  
F5D-1 a i r c r a f t  i s  presented on f igure  6, which shows t h e  var ia t ions  of angle 
of a t t ack ,  drag coeff ic ient ,  and elevon angle f o r  trim a s  a function of l i f t  
coef f ic ien t .  The.shaded area  on each curve shows the  ranges covered during 
t h e  f l i g h t  t e s t s .  One boundary curve represents t he  cha rac t e r i s t i c s  out  of 
ground e f f ec t  while t he  other boundary represents t h e  cha rac t e r i s t i c s  a t  
touchdown and there  a r e  progressive var ia t ions  with height between these 
curves. .Thus, the  dLfference between these  two curves i s  t he  magnitude of t he  
ground e f f e c t  f o r  each quanti ty.  
Comparisons of the  f l i g h t  and wind-tunnel measured ground e f f e c t  on t he  
F5D-1 ogee configuration a r e  presented on f igures  7 and 8. Figure 7 presents 
t he  l i f t  data and f igure  8 the  moment data i n  terms of t he  elevon angle 
required f o r  t r i m .  For s impl ic i ty  of presentation,  only t h e  l i f t  and moment 
comparisons a r e  presented, and they a r e  presented a t  only t he  highest  and low- 
e s t  height f o r  which comparative data a r e  avai lable .  The a i r c r a f t  touchdown 
occurs a t  an h of 0.28. A more complete comparison i s  presented i n  re f  - 
erence 2. The curves a r e  iden t i f i ed  with each wind tunnel,  while t he  data  
po in t s  a r e  the  f l i g h t  data .  The Langley t e s t s  i n  t h e  7-  by 10-foot wind tun- 
n e l  showed no difference between t he  data f o r  t h e  ground plane moving o r  s t a -  
t ionary  and t he  l i f t  data  from a l l  sources agree well .  The moment data  show 
a difference between the  f l i g h t  and wind-tunnel data  equivalent t o  about 2-  
percent mean aerodynamic chord uncertainty i n  the  locat ion of t h e  centers  of 
r o t a t i on  o r  a s h i f t  i n  the  moment a t  zero lift equal t o  about lo of elevon 
angle. The cause of these discrepancies has not been es tabl ished,  bu t  i n  any 
case they a r e  small enough t o  be of l i t t l e  concern. I n  general ,  it appears 
from t h i s  limited comparison that  scale e f fec t  is  not of f i r s t -order  
importance i n  defining ground effect,  and tha t  wind-tunnel t e s t s  provide rea-  
sonable agreement with values determined i n  f l i g h t .  
The measured effects of the ground proximity on the aerodynamic char- 
ac t e r i s t i c s  of the a i r c r a f t  were used t o  calculate the landing character is t ics  
i l l u s t r a t ed  i n  figure 9. These data from analog computed landings show the 
r a t e  of descent a t  various heights and indicate t h a t  the ground ef fec t  depends 
on how the p i l o t  controls the a i r c ra f t .  The data  on the  l e f t  side of the f i g -  
ure a re  f o r  a constant pi tch a t t i tude  approach and i l l u s t r a t e  tha t  there is  a 
large reduction i n  the r a t e  of descent a t  touchdown. In essence, the data 
indicate what the response would be i f  the p i l o t  were completely successful 
i n  counteracting the e f fec t  of the pitching-moment change on the a i r c r a f t ' s  
a t t i tude ,  thus permitting the l i f t  increment t o  assist i n  a r res t ing  the r a t e  
of descent. The rzquired elevon angle variation does, however, reduce the 
ground ef fec t  lift increment as was noted i n  the case of the XB-70A. The 
r ight  side of the figure shows the approach with constant elevon control. 
Here, the pitching moment has a predominant e f fec t  on the r a t e  of descent near 
the ground as evidenced bythe  increase i n  r a t e  of descent a t  touchdown. Also 
these figures show t h a t  the low approach angle i s  generally beneficial  except 
t h a t  f o r  the  constan% a t t i t ude  case the a i r c r a f t  actual ly  did not touch down, 
but  ballooned. 
While it is  beyond the scope of t h i s  paper t o  go in to  d e t a i l  regarding 
the  simulator study, it is considered apropos t o  make some mention of these 
resu l t s .  To provide some confidence t o  the simulation, a considerable amount 
of tim6 was  spent i n  simulating character is t ics  of a i r c r a f t  ( the E D - 1  and 
the  ~ c - 8 )  with which the p i lo t s  had some f l i g h t  experience or  knowledge. 
After the p i lo t s  gained confidence i n  the simulation, they rated the landing 
character is t ics  of a large low-aspect-ratio delta-wing a i r c r a f t  with various 
conibinations of l i f t  and moment changes due t o  ground effect .  Their ra t ings 
a r e  summarized on figure 10. It should be emphasized t h a t  these data a re  pre-  
liminary and are  presented simply t o  indicate trends -- not t o  establ ish 
boundaries. The ordinate is the change i n  l i f t  coefficient due t o  ground 
ef fec t  divided by the l i f t  coefficient out of ground ef fec t  and the abscissa 
is the change i n  pitching moment due t o  ground e f fec t  divided by the l i f t  
coefficient out of ground effect.  The combinations of l i f t  and moment changes 
due t o  ground ef fec t  which were investigated on the simulator f a l l  within the  
shaded areas. The adjective p i lo t  ra t ing i s  l i s t e d  beside each t e s t  config- 
uration. The p i lo t s  rated the conditions on the r ight  side of the figure as 
unsatisfactory because of the d i f f icu l ty  i n  controll ing the large pitch-down 
tendencies; they ratedthose i n t h e  upper region as  only marginally s a t i s -  
factory because of the  additional e f fo r t  necessary t o  control the f loat ing 
tendencies; and they rated those i n  the lower l e f t  area as sat isfactory.  
These t e s t s  a lso indicated the p i lo t s  reacted more t o  small changes in  the 
pitching moment than t o  small changes i n  the l i f t .  An incidental  point of 
in t e re s t  is  tha t  these simulator studies indicated an improvement i n  the 
p i l o t s  ' ratings i f  the l i f t  increment "leads" the pitching -moment change 
(i. e., s t a r t s  t@ increase a t  heights higher than those where the pitching - 
moment s t a r t s  t o  change). It was a l so  observed generally tha t  i f  the moment 
change occurs a f t e r  the p i l o t  has s ta r ted  h i s  f l a r e  maneuver, the e f fec t  of 
t h e  pi tching moment tends t o  be obscured; t h i s  suggests one reason why the  
unfavorable pitching-moment changes have not been s ign i f i c an t  f o r  t he  smaller 
a i r c r a f t .  The moment and l i f t  changes f o r  t he  F5D-1 and t h e  XB-70A a i r c r a f t  
f a l l  i n  t he  a rea  considered s a t i s f ac to ry  by t he  p i l o t .  
CONCLUDING RmAFK.3 
Fl ight  t e s t s  on two low-aspect-ratio delta-wing a i r c r a f t  indicated that 
t h e  ground e f f e c t  was not a problem i n  landing e i t h e r  vehicle.  A l imi ted 
wind-tunnel program indicated t h a t  scale  e f f ec t s  were not of f i r s t - o rde r  
importance i n  defining ground e f fec t ,  and t h a t  wind-tunnel t e s t s  provide rea -  
sonable agreement w i t h  valuer Fn f l ight . ;  SF~1rlatnr studies indizatzd the 
leve l s  of moment and l i f t  changes due t o  ground e f f e c t  which would be unsa t i s -  
fac to ry  from t h e  p i l o t  ' s standpoint; however, some possible  a l l ev i a t i ng  
fea tures  were noted. 
Rolls, L. Stewart; and Wingrove, Rodney C. :  An Investigation of the  
Drag Characterist ics of a Ta i l l ess  Delta-Wing Airplane i n  Flight ,  
Including Comparison With Wind-Tunnel Data, NASA MEMO 10-8-58~) 1958. 
Rolls, L. Stewart; and Koenig, David G.: F l ight  Measured Ground Effect  
on a Low-Aspect-Ratio Ogee Wing Including a Comparison W i t k i  Wind-Tunnel 
Results. NASA TN D-3431, 1966. 
F5D- I  AIRCRAFT 
Figure 1 A-33500-3 
XB-70A AIRCRAFT 
Figure 2 A-36987 
LIFT EQUATION, XB-70A METHOD 
EQUATING VERTICAL FORCES 
w d2h L cos y + D  sin y - W + T  s i n ( a - y ) =  - -
9 d t2  
ASSUMING: Y IS SMALL (3' OR LESS) It T s i n ( a - y )  IS SMALL 
w d2h THEN: L C O S Y - W = - -  
Q d t 2  
Figure 3 
F5D-I DURING LEVEL RUN ALONG RUNWAY 
Figure 4 A-356%-2 
XB-70 FLIGHT DATA 
0 2 4 6 8 0 4 8 1 2 1 6 2 0  
RATE OF DESCENT, f p~ ACL, percent 
ELEVON ANGLE CHANGE 
AaE, deg 
Figure 5 
GROUND EFFECT ON F5D-I FLIGHT CHARACTERISTICS 
.8 r T 1 
. I I I I 
0 4 8 12 16 0 .08 .I6 . 2 4 8  4 0 
a, deg C~ 6,. deg TE UP 
Figure 6 
COMPARISON OF FLIGHT AND WIND TUNNEL DATA 
LIFT CHARACTERISTIC 
h - =  0.34 
E 
,';\7x lo f t  WT 
FLIGHT 
8xl2ft WT $ 40x80ft WT 
Figure 7 
COMPARISON OF FLIGHT AND WIND TUNNEL DATA 
ELEVON ANGLE FOR TRIM 
Figure 8 
LANDING CHARACTERISTICS WITH GROUND EFFECT 
CONSTANT ATTITUDE CONSTANT ELEVON ANGLE 
GLIDE SLOPE y = I O  GLIDE 
8 0 r  1/ JIZ3' 
0 4 8 12 16 2 0  2 4  0 4 8 12 16 2 0  24 
RATE OF DESCENT, f PS RATE OF DESCENT, f ps 
Figure 9 
PILOT RATING OF GROUND EFFECT 
SIMULATOR STUDIES 
- MARGINALLY 
SATISFACTORY 
(FLOATING) 
a* 
- 
UNSATISFACTORY 
(PITCH DOWN) 1 
- 
-1 
f 
, *C*d"W? 
SATISFACTORY 
Figure 10 
21. EXPERIMENTAL AND THEOKETICAL STUDIES 
OF WING-LEADING-EDGE VORTM FLOW I 
By Mark W. Kelly, Victor R. Corsiglia, 
and David G. Koenig 
NASA Ames Research Center 
SUMMARY 
This paper presents a review of experimental and thedret ical  studies of 
leading-edge vortex flow on low-aspect-ratio wings. The experimental resu l t s  
show tha t  such flow significantly increases l i f t -curve slope, reduces 8.rag due 
t o  l i f t ,  and reduces s t a t i c  longitudinal s t a b i l i t y  a t  high values of lift coef- 
f i c i en t .  These resu l t s  a l so  show t h a t  the magnitude of these e f fec ts  is  
increased by the use of wing planforms having high sweepback over the inboard 
portion of the wing. 
Flow visualization studies of a low-aspect-ratio wing with the  leading- 
edge swept 77' on the inboard portion of the wing and 59' on the outboard 
portion revealed the existence of two strong vortex cores. One of these orig- 
inated at  the intersection of the wing leading edge with the fuselage. The 
other originated i n  the  v ic in i ty  of the discontinuity of leading-edge sweep 
angle. These two vortices interacted t o  produce a nonconical flow over the 
a f t  portion of the wing. 
A br ief  review is presented of some of the existing theore t ica l  methods 
f o r  predicting the e f fec ts  of vortex flow on the aerodynamic character is t ics  
of wings. Two main deficiencies of these theore t ica l  methods are  tha t  they do 
not allow f o r  vortex interaction and tha t  they a re  res t r ic ted  t o  conical flows. 
A new theoret ical  approach which eliminates these deficiencies is  described, 
and preliminary resu l t s  obtained from t h i s  theory are  compared with those 
obtained from other theories and with experimental resu l t s .  This comparison 
indicates t h a t  the new theory holds promise fo r  predicting the e f fec ts  of 
vortex flow on low-aspect-ratio wings. However, additional work i s  required 
on the key problem of establishing the strength of the vo r t i c i ty  shed from the 
wing as a function of wing geometry and angle of a t tack.  
INTRODUCTION 
The subject of vortex flow on low-aspect-ratio wings has challenged 
researchers i n  aerodynamics f o r  many years. For example, in  1939 Bollay pre- 
sented a theoret ical  study of vortex flow on low-aspect-ratio rectangular 
wings ( re f .  1). This was followed more recently by theoret ical  studies of 
vortex flow on triangular wings ( e  .g . , r e f s .  2 and 3) and by many experimental 
studies ( e  .g., re f .  4 ) .  However, vortex flow s t i l l  is. not s u f f i c i e ~ t l y  well 
understood t o  allow re l iab le  quantitative predictions of i t s  e f fec ts  on aero- 
dynamic character is t ics  f o r  use in wing design. In addition, many wing 
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planfcrms of current  i n t e r e s t ,  such as double-delta and variable-sweep wings, 
show strong e f f ec t s  of vortex flow. Therefore, add i t iona l  s tud ies  a r e  of 
i n t e r e s t  and a r e  required. 
The type of vortex flow t o  be considered i n  t h i s  paper is i l l u s t r a t e d  on 
f igure  1 f o r  both  a variable-sweep wing and a low-aspect-ratio wing. For 
variable-sweep wings a high-energy vortex flow i s  generated by t he  highly 
swept inboard fixed portion of t h e  wing. As  discussed i n  paper no. 5 by Ray, 
Lockwood, and Henderson, t h i s  vortex flow contributes t o  a l o s s  of s t a t i c  longi-  
t ud ina l  s t a b i l i t y  a t  high angles of a t t ack .  Therefore, t he  designer attempts 
t o  suppress t h e  development of t h i s  vortex flow on variable-sweep wings by 
using appropriate flow-control devices. m i c a 1  e f f ec t s  achieved by such 
devices a r e  p r e sen t ed in  paper no. 5 and w i l l  not be considered f'urther 
herein.  For low-aspect-ratio wings t he  leading-edge vortex flow has t h e  
favorable e f f e c t  of increasing t h e  l i f t -curve  slope, i n  addi t ion t o  t he  unfa- 
vorable e f f e c t  of reducing longi tudinal  s t a b i l i t y  a t  high angles of a t t ack .  
Therefore, a quant i ta t ive  understanding of t h e  e f f e c t s  of vortex flow on low- 
aspect- ra t io  wings i s  required t o  achieve a trade-off between these  favorable 
and unfavorable effects .  
This paper presents t he  r e su l t s  of experimental and t heo re t i c a l  s tudies  
of vortex flow on low-aspect-ratio wings. The subjects t o  be discussed a r e  
summarized i n  f igure  2. F i r s t ,  r e s u l t s  of experimental s tudies  t o  determine 
the  longi tudinal  aerodynamic charac te r i s t i cs  of a family of low-aspect-ratio 
'double-delta wings are summarized. Second, flow v i sua l iza t ion  s tud ies  t o  
determine t h e  o r ig in  and development of t he  vortex flow pa t t e rn  a r e  presented 
and discussed. Finally, some of t he  ex i s t ing  theor ies  f o r  predic t ing t he  
e f f e c t s  of vortex flow a r e  b r i e f l y  reviewed and a new theo re t i c a l  approach, 
which el iminates some of the  assumptions and constra ints  of pa s t  t heo re t i c a l  
methods, i s  described. 
MODEL AND APPAMTUS 
The model used in the  experimental por t ion of t h i s  invest igat ion i s  
shown i n  f igure  3. The basic  wing had a t rapezoidal  planform with an aspect 
r a t i o  of 1-69,  a taper r a t i o  of 0.12, and a leading-edge sweep angle of 5 9 O .  
Various double-delta planforms were obtained by adding various s i ze s  of 
s t rakes  t o  t h i s  bas ic  planform. These s t rakes  had a leading-edge sweep angle 
of 7 7 O .  This model waS t e s t ed  i n  the  Ames 40- by 80-foot wind tunnel  a t  a 
Reynolds number of about 15 mil l ion.  
REDUCTION OF DATA 
The data  from t h i s  invest igat ion were reduced t o  coef f ic ien t s  based on 
the  t o t a l  wing a rea  and mean aerodynamic chord of t he  equivalent  d e l t a  wing. 
The equivalent d e l t a  wing was selec-ted t o  have tine same exposed wing area  and 
span a s  t h a t  of the  pa r t i cu l a r  double-delta wing under construction.  The 
reference dimensions of t he  equivalent de l t a  planforms and those of t he  t o t a l  
t heo re t i c a l  planforms a r e  l i s t e d  i n  t ab l e  I. 
DISCUSSION OF RESULTS 
Experimental Etudies 
The e f f ec t s  of changing the  wing planform by adding various s t rakes  t o  
the  basic  wing a r e  shown i n  f igure 4 which presents  l i f t  coef f ic ien t  as a 
function of angle of a t t ack .  These r e su l t s  show t h a t ,  a t  low l i f t  coef f i -  
c ien t s ,  t h e  addi t ion of t he  strakes reduced l i f t - cu rve  slope, a s  would be 
expected s ince  adding t h e  strakes reduced the  aspect  r a t i o  of the  wing. How- 
ever, adding the  s t rakes  a l so  caused a s ign i f ican t  increase i n  the  l i f t - cu rve  
slope a t  high values of l i f t  coeff ic ient .  A t  l i f t  coef f ic ien t s  g rea te r  than 
0.6 planforms with s t rakes  require l e s s  angle of a t t a ck  than t he  basic  wing 
t o  obta in  a given lift coeff ic ient .  Thus, a t  high angles of a t t ack ,  t he  
favorable e f f ec t s  of t he  s t rakes  on t h e  nonlinear por t ion of t he  l i f t  (which 
is  due t o  leading-edge vortex flow) more than o f f s e t  t he  unfavorable e f f e c t  on 
l i f t - cu rve  slope due t o  t he  reduction i n  aspect  r a t i o .  It should be noted 
t h a t  the  wing with t he  small strake produced s l i g h t l y  higher l i f t  coef f ic ien t s  
a t  high angles of a t t ack  than did t he  configuration with the  l a rge  s t rake .  
Thus, it appears t h a t  the re  is an optimum s t rake  configuration a s  f a r  a s  
improving l i f t - cu rve  slope i s  concerned; 
The e f f ec t s  of the  s t rakes  on t h e  var ia t ion  of p i tching moment with l i f t  
coef f ic ien t  a r e  shown i n  f igure  5 .  These r e su l t s  show t h a t  t he  i n t ens i f i ed  
leading-edge vortex flow caused by t he  addi t ion of t h e  s t rakes  reduced t he  
s t a t i c  longi tudinal  s t a b i l i t y  at l i f t  coef f ic ien t s  g rea te r  than 0.6. This 
i l l u s t r a t e s  a key problem i n  wing design, t h a t  is,  how t o  obta in  the  favorable 
. e f f e c t s  of the  s t rakes  on l i f t  without suffer ing an unacceptable l o s s  i n  
longi tudinal  s t a b i l i t y  . 
The e f fec t  of the  s t rakes  on t h e  drag cha rac t e r i s t i c s  of t he  model a r e  
shown on f igure  6. These resu l t s  show t h a t  the  s t rakes  reduced t he  drag due 
t o  l i f t  f o r  l i f t  coef f ic ien t s  above 0.6. This reduction, of course, r e s u l t s  
from the  increased lift-curie slope due t o  the  s t rakes  discussed previously.  
Thus, t he  increased vortex flow promoted by the  s t rakes  reduced the  drag due 
t o  l i f t  a t  high l i f t  coeff ic ients  by an amount which more than o f f s e t  t he  
increase i n  drag due t o  l i f t  caused by the  reduction i n  aspect r a t i o .  
Since leading -edge vortex flow i s  associated with flow separation from 
t h e  wing leading edge, it would be expected t h a t  t he  use of flow cont ro l  
devices on the  wing leading edge should have a s ign i f i c an t  e f f e c t  on t he  aero-  
dynamic charac te r i s t i cs  due t o  vortex flow. The e f f ec t s  of using a f u l l  span 
nose f l ap  on t he  wing planform employing t he  small s t rake  (aspect  r a t i o  equal 
t o  1.49) a r e  shown on f igure  7. These r e su l t s  show t h a t  the  nose f l aps  sup- 
pressed the  formation of leading-edge vortex flow, and thus extended t he  
l i n e a r  port ion of t he  l i f t  curve t o  higher angles of a t t a ck  and s ign i f i c an t l y  
reduced the  magnitude of the  nonlinear l i f t .  
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The e f f ec t  of the nose f l aps  on pi tching moment i s  shown i n  f igure  8. 
These r e su l t s  show tha t  the  suppression of t he  vortex flow by t h e  nose f l aps  
a l l ev i a t ed  the  reduction i n  longi tudinal  s t a b i l i t y  a t  l i f t  coeff ic ients  above 
0.6. 
The e f fec t  of the nose f l aps  on the  var ia t ion  of drag with l i f t  i s  pre-  
sented i n  f igure  9, which shows t h a t  the  use of t he  nose f l aps  produced a 
reduction i n  t he  drag due t o  l i f t .  This reduction i s  contrary t o  what might 
be expected since,  as  previously discussed, t he  nose f l aps  reduced t h e  lift- 
curve slope. However, the  def lected nose f l aps  provided a forward-facing sur -  
face which allowed the r ea l i z a t i on  of enough leading-edge suction t o  more than 
compensate f o r  t h i s  reduction i n  l i f t -curve  slope. 
In order t o  gain some ins igh t  iiito thz Fadmier;tal aspects cf t h e  f l c v  
producing these  resu l t s ,  and a l s o  t o  serve as a guide i n  s e t t i n g  up t heo re t i -  
c a l  models ab le  t o  predic t  these  r e su l t s ,  various flow v i sua l iza t ion  s tudies  
were made. The resu l t s  of one of these s tudies  i s  shown i n  f igure  10. This 
photograph shows t he  vortex flow over a small-scale double-delta wing body 
configuration ins ta l l ed  i n  t h e  Ames 7- by 10-foot wind tunnel.  (This model 
w a s  geometrically similar t o  t he  large-scale 1.49 aspec t - ra t io  wing configura- 
t i o n  t e s t ed  i n  the  40- by 80-foot wind tunnel  described previously. ) The 
vor t i ces  shown i n  f igure 9 were made v i s i b l e  by t h e  na tura l  condensation of 
t h e  water vapor i n  the air i n  t h e  wind tunnel as it flowed over t he  wing 
leading edge. One vortex or iginated a t  t he  juncture of t h e  leading edge of 
t h e  s t rake  with t h e  fuselage. The other  vortex formed i n  t he  v i c i n i t y  of the  
juncture of t he  s t rake leading edge with t he  basic  wing leading edge. Vor- 
t i c i t y ,  of course, i s  being shed from t h e  f u l l  length of t h e  wing leading 
edge. The por t ions  of t h i s  flow which a r e  v i s i b l e  i n  f igure  10 a r e  only those 
where the  temperatures induced by t h i s  v o r t i c i t y  were low enough t o  condense 
t h e  water vapor i n  the wind-tunnel air .  It should be noted t h a t  the re  i s  a 
strong in te rac t ion  between t he  two vor t ices  over t he  a f t  por t ion of t h e  wing, 
and t h a t  the  resul t ing flow i s  nonconical. 
From these  flow v i sua l iza t ion  s tudies  it appears t h a t  the  following 
f ac to r s  must be considered i n  any complete t heo re t i c a l  treatment of leading- 
edge vortex-flow phenomena. F i r s t ,  the  theory must not be r e s t r i c t e d  t o  
conical  flows, since f o r  many wing planforms of current  i n t e r e s t ,  the  flow i s  
nonconical over large port ions of the  wing. Second, t he  in te rac t ion  of the  
various vor t i ces  with each other  must be allowed fo r .  And, t h i rd ,  some means 
must be a t t a ined  f o r  es tabl ishing t he  s t rength of t he  vortex shed from the  
various port ions of the wing leading edge. 
Theoretical Studies 
Some of t h e  better-known methods f o r  predic t ing vortex l i f t  a r e  summarized 
i n  f igure  11. As shown i n  t h e  upper left-hand corner of t h i s  f igure ,  t he  flow 
is  separated i n to  two p a r t s  f o r  t heo re t i c a l  treatment; a l i n e a r  p a r t  which i s  
predicted by conventional l i f t i n g  surface theory; and a nonlinear p a r t  which 
i s  due t o  the  leading-edge vortex flow (termed vortex lift) . One of t he  o ld-  
e s t  and ea s i e s t  methods of predic t ing vortex l i f t  i s  t h a t  of crossflow theory 
( r e f .  5 ) . The flow model used f o r  t h i s  theory i s  shown i n  the  upper r i gh t -  
hand corner of f igure  11. To estimate t h e  magnitude of t he  vortex l i f t  t h i s  
method t r e a t s  t he  flow i n  t he  crossflow plane as  t h a t  around a f l a t  p l a t e  with 
an assumed drag coeff ic ient .  The advantage of t h i s  method is t h a t  it i s  sim- 
p l e  and easy t o  use. The disadvantages a r e  t h a t  it depends on t h e  assumed 
crossflow drag coeff ic ient ,  and t h a t  it i s  not adequate f o r  handling t h e  
e f fec t s  of vortex in teract ion.  Another well-known theo re t i c a l  method f o r  pre-  
d ic t ing  t h e  e f f ec t s  of leading-edge vortex flow i s  t h a t  of Brown and Michael 
( r e f .  3) .  The mathematical model used by Brown and Michael i s  shown i n  t h e  
lower left-hand corner of f igure  11. This model is  composed of t h e  wing, two 
vortex l i n e s  above t h e  wing leading edge, and two f l a t  vortex sheets which 
connect t he  wing and the  vortex l i ne s .  The s t reng th  and pos i t ion  of t he  vor- 
t ex  sheets and t he  vortex l ines  a r e  determined by applying t he  Kutta condit ion 
t o  t h e  flow a t  t he  wing leading edge, and requiring t h a t  t he  t o t a l  force  on 
t he  vortex system be zero. The advantage of t h e  Brown and Michael approach 
over t h a t  of crossflow theory i s  t h a t  it does not depend on any empirical  o r  
a r b i t r a r y  constants. However, it overpredicts  t h e  vortex l i f t  by about a 
f ac to r  of 2. In  addit ion,  t h e  vortex configuration is assumed a t  t h e  s t a r t ,  
s o  t h a t  subjects  such as  vortex in te rac t ion  or the  dependence of the  vortex 
system on wing leading-edge geometry cannot be t rea ted .  Another t heo re t i c a l  
method f o r  predic t ing t he  e f fec t s  of vortex l i f t  is t h a t  due t o  Mangler and 
Smith. The mathematical model used by Mangler and Smith i s  shown i n  t he  
lower right-hand corner of f igure  11. This model i s  considerably more repre - 
sen ta t ive  of t he  ac tua l  vortex flow over simple d e l t a  wings than t h a t  of 
Brown and Michael; consequently, t h e  r e s u l t s  a r e  i n  b e t t e r  agreement with 
experiment so  far as simple de l ta  wings a r e  concerned. However, t h e  method of 
Mangler and Smith is  r e s t r i c t ed  t o  conical  flow, and, fu r ther ,  is  mathemat- 
i c a l l y  complex and d i f f i c u l t  t o  extend t o  nonconical flows. 
Because of t he  inadequacies and r e s t r i c t i v e  nature of t he  various e x i s t -  
ing theor ies ,  Ames Research Center contracted t he  Vidya Division of I t ek  Cor- 
porat ion t o  develop a theory fo r  predic t ing t he  l i f t  and pi tching moment due 
t o  vortex flow on low-aspect-ratio wings of a rb i t a ry  planform. This theory is  
s t i l l  being developed and therefore,  t h e  discussion t o  follow i s  more i n  t he  
nature of a progress repor t  than a presenta t ion of a completed work. Some of 
t h e  basic  elements of t he  mathematical model used i n  t h i s  theory a r e  shown i n  
f igure  12. The mathematical model i s  ca l l ed  the  N-vortex flow model because 
t h e  theory has been based on an a r b i t r a r y  number of vor t i ces  being shed from 
the  wing leading edge a s  indicated by t h e  sketch on f i gu re  12. A s  shown by 
t h i s  sketch, t h e  basic  idea of t h i s  theory is  t h a t  t h e  vor t ices  w i l l  be shed 
a t  each of N chordwise s ta t ions  along t h e  wing leading edge. Once shed, 
these  vor t ices  w i l l  be allowed t o  i n t e r ac t  o r  r o l l  up with each other  i n  any 
way t h a t  is required t o  maintain a completely force-free  vortex system. Some 
of t he  bas ic  assumptions of t h i s  theory a r e  l i s t e d  i n  f igure  12. The vortex 
strength,  i n i t i a l  posit ion,  and i n i t i a l  ve loc i ty  a r e  determined by an analysis  
i n  the  crossflow plane a s  indicated by t h e  sketch i n  t h e  lower left-hand cor-  
ner  of f igure  12. Thus, t h i s  port ion of t he  analysis  inherently assumes t he  
r e s t r i c t i ons  of slender body theory. The vortex is  shed so  a s  t o  s a t i s f y  the  
Kutta condition a t  t he  wing leading edge. This, of course, includes consid- 
e r a t i on  of the  combined e f f ec t  of a l l  of t he  vor t ices  present a t  t h a t  p a r t i c -  
u l a r  wing s t a t i on .  Some of the advantages of t h i s  t heo re t i c a l  approach a r e  
t h a t  (1) it d i s t r i bu t e s  the  vo r t i c i t y  along t h e  wing leading edge i n  a quasi-  
sheet ,  (2 )  it allows the  vort ices t o  i n t e r ac t  and r o l l  up a s  they do i n  t he  
r e a l  flow, and (3 )  it is not r e s t r i c t e d  t o  conical  flow. Thus, t h i s  theory 
should prove usefu l  fo r  studying the  e f f ec t s  of wing geometry changes on 
vortex-flow phenomena. Some of t he  disadvantages of t h i s  t heo re t i c a l  method a r e  
a s  follows : (1) t h e  method is numerically complex (however, it has been pro- 
grammed f o r  so lu t ion  by d i g i t a l  computers, s o  t h i s  is not a serious problem), 
(2 )  t h e  Kutta condition i s  s a t i s f i e d  only a t  d i sc re te  points  (i .e.,  only a t  
t he  chordwise s ta t ions  where t h e  vor t ices  a r e  shed), and (3 )  the  determination 
of the  s t rength  of the v o r t i c i t y  being shed along the  wing leading edge i s  
d i f f i c u l t .  This l a t t e r  shortcoming, however, is  common t o  a l l  of the  theo- 
r e t i c a l  methods, and i s  considered t o  be t h e  key problem t o  be resolved i n  
fu tu r e  work. I n  par t i cu la r ,  f o r  general  appl icat ion of the  theory it i s  nec- 
essary  t o  be able  t o  e s t ab l i sh  t he  s t reng th  of t h e  v o r t i c i t y  being shed along 
L 7 -  b ~ ~ e  wing leading edge as a f ' a z t i o l ?  of w l r ?  l e ad l~s - e6ge  geczetry, t h a t  i s ,  
angle of sweepback, leading-edge radius,  leading -edge camber (such as  pro  - 
vided by nose f l a p s ) ,  e t c .  
Figure 1 3  presents some preliminary r e s u l t s  obtained from the  N-vortex - 
theory along with theore t ica l  r e su l t s  obtained by t h e  methods of Brown and 
Michael and Mangler and Smith. Also shown on f igure  1 3  a re  experimental 
r e s u l t s  obtained by Ba r t l e t t  and Vidal. These r e s u l t s  were obtained f o r  a 
simple de l t a  wing with sharp leading edges and with an aspect r a t i o  of 1.50. 
The t o t a l  normal-force curves shown f o r  t h e  various t heo re t i c a l  methods were 
obtained by adding the normal force predicted by t h e  various theor ies  f o r  
t he  leading-edge vortex flow t o  t he  normal force predic ted by the  l i n e a r  l i f t -  
ing surface theory of Lawrence ( r e f .  6) f o r  t he  unseparated flow. The N-  
vortex theory used i n  these  calcula t ions  employed 48 vortex elements. This 
comparison shows t ha t  t he  r e su l t s  obtained from t h e  N-vortex theory agree with 
those obtained by the method of Mangler and Smith, and t h a t  both of these  
methods show b e t t e r  agreement with experiment than does t he  method of Brown 
and Michael. However, both t he  N-vortex and t he  Mangler and Smith t heo re t i -  
c a l  r e su l t s  overpredict the  l i f t  by about 20 percent.  
The var ia t ion  of p i tching moment with angle of a t t ack  predicted by these 
same theo re t i c a l  methods i s  shown i n  t he  lower right-hand corner of f igure  13, 
along with t he  experimental r e su l t s  of B a r t l e t t  and Vidal. As was the  case 
f o r  t h e  normal-force charac te r i s t i cs  jus t  discussed, t he  various t heo re t i c a l  
methods overpredict the e f fec t s  of vortex flow on pi tching moment. However, 
much c loser  agreement of theory with experiment is  obtained when pitching- 
moment coef f ic ien t  i s  p lo t ted  as  a function of normal-force coef f ic ien t .  
Thus it appears t h a t  t h e  main discrepancy i n  the  p red ic t ion  of p i tching 
moment i s  due t o  errors  i n  predic t ing normal force  a s  a function of angle of 
a t t ack  ra ther  than t o  e r ro r s  i n  the  d i s t r i bu t i on  of t he  normal force over t he  
wing surface. This discrepancy i s  believed t o  be due t o  e r rors  i n  est imating 
t h e  s t rength of t h e  vo r t i c i t y  shed from the  wing leading edge i n  t he  theo- 
r e t i c a l  methods. As  noted previously, t h i s  is  considered t o  be t h e  key prob- 
lem i n  a l l  of the  theore t ica l  methods. Additional work i s  required t o  
es tab l i sh  t he  strength of v o r t i c i t y  shed from t h e  wing leading edge i n  order 
t o  improve and extend t he  t heo re t i c a l  methods. This work should include the  
e f f e c t s  of t h e  fuselage, wing leading-edge sweep, and wing leading-edge radius 
on vortex strength,  since it i s  known t h a t  these  e f f e c t s  a r e  l a rge .  Further,  
many a i r c r a f t  designs of current in t e re s t  ( e  . g . , hydrogen-fueled hypersonic 
a i r c r a f t )  w i l l  have large fuselages re la t ive  t o  the wing, and blunt wing 
leading edges. 
CONCLUDING REMARKS 
In summary, these studies have shown tha t  vortex flow ef fec ts  a re  *or- 
t an t  on a var iety of modern wing configurations. It should be noted tha t ,  
while this discxssion has t,rea%ed only lsngituclinal character is t ics ,  it i s  
well-known tha t  vortex-flow phenomena have powerful e f fec ts  on l a t e r a l  direc-  
t i ona l  characteristics,  and further,  t ha t  these effects  a re  generally more 
d i f f i c u l t  t o  predict  than the longitudinal effects .  While existing theories 
predict  the correct trends, they a re  overly r e s t r i c t ive  i n  t h e i r  assumptions 
as  t o  the mathematical model assumed t o  represent the vortex flow and gener- 
a l l y  are  not accurate enough fo r  design purposes. The new N-vortex theory 
appears promising, but additional work i s  required t o  establ ish the strength 
of the vor t ic i ty  shed from the wing leading edge as a function of airplane 
geometry. 
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TABU I.- WING PLANFORM REFTRENCE DJMENSIONS 
. -. 
3asic wing 
Theoretical  planf o m  
. . . . . . . . . . . . . . . . . . . . . .  Total  wing area,  ft2 
. . . . . . . . . . . . . . . . . . . . .  Exposed wing area, ft2 
. . . . . . . . . . . . . . . . . . . . . . . . . . . .  Span. ft 
. . . . . . . . . . . . . . . . . . .  Mean aerodynamic chord. ft 
. . . . . . . . . . . . . . . . . . . . . . . . . .  Aspect r a t i o  
. . . . . . . . . . . . . . . . . . . . . . . . . .  Taper r a t i o  
Equivalent d e l t a  planform 
. . . . . . . . . . . . . . . . . . . . . .  Total  wing area. ft2 
. . . . . . . . . . . . . . . . . . . . .  Exposed wing area. ft' 
. . . . . . . . . . . . . . . . . . . . . . . . . . . .  Span. f t  
. . . . . . . . . . . . . . . . . . .  Mean aerodynamic chord. f t  
. . . . . . . . . . . . . . . . . . . . . . . . . .  Aspect r a t i o  
. . . . . . . . . . . . . . . . . . . . . . . . . .  Taper r a t i o  
Basic wing p lu s  s m a l l  s t r ake  
Theoretical  planform 
. . . . . . . . . . . . . . . . . . . . . .  Total  wing area. f t 2  
. . . . . . . . . . . . . . . . . . . . .  Ekposed wing area. ft2 
Span. f t  . . . . . . . . . . . . . . . . . . . . . . . . . . . .  
. . . . . . . . . . . . . . . . . . .  Mean aerodynamic chord. f t  
. . . . . . . . . . . . . . . . . . . . . . . . . .  Aspect r a t i o  
. . . . . . . . . . . . . . . . . . . . . . . . . .  Taper r a t i o  
Equivalent d e l t a  planf o m  
. . . . . . . . . . . . . . . . . . . . . .  Total  wing area. ft2 
. . . . . . . . . . . . . . . . . . . . .  Ekposed wing area. f t 2  
. . . . . . . . . .  Span. f t  . . . . . . . . . . . . . . . . . .  ' 
. . . . . . . . . . . . . . . . . . .  Mean aerodynamic chord. ft 
. . . . . . . . . . . . . . . . . . . . . . . . . .  Aspect r a t i o  
. . . . . . . . . . . . . . . . . . . . . . . . . .  Taper r a t i o  
Basic wing p lu s  large  s t rake  
Theoretical  planform 
. . . . . . . . . . . . . . . . . . . . . .  Total  wing area. f t 2  
. . . . . . . . . . . . . . . . . . . . .  Exposed wing area. f t 2  
. . . . . . . . . . . . . . . . . . . . . . . . . . . .  Span. f t  
. . . . . . . . . . . . . . . . . . .  Mean aerodpamic chord. f t  
. . . . . . . . . . . . . . . . . . . . . . . . . .  Aspect r a t i o  
. . . . . . . . . . . . . . . . . . . . . . . . . .  Taper r a t i o  
Equivalent d e l t a  
T o t a l w i n g a r e a  . . . . . . . . . . . . . . . . . . . . . . . .  
. . . . . . . . . . . . . . . . . . . . . . .  Exposed wing area 
. . . . . . . . . . . . . . . . . . . . . . . . . . . .  Span. f t  
. . . . . . . . . . . . . . . . . . .  Mean aerodynamic chord. f t  
Aspect r a t i o  . . . . . . . . . . . . . . . . . . . . . . . . . .  
. . . . . . . . . . . . . . . . . . . . . . . . . .  Taper r a t i o  
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22. SOME RECENT STUDIES OF HIGH-LIFT FLAPS 
ON COMPOSITE WING PLANFOR@ i 
By Alexander D. Hammond 
NASA Langley Research Center 
1 
Over the years techniques for  generating very high l i f t  have been devel- 
oped by NACA, NASA, and other research establishments. Work on mechanical 
f lap  systems t o  achieve high l i f t  resulted i n  the development of the double- 
s lo t t ed  f l ap  which, i n  a full-span configuration, is  capable of achieving l i f t  
coefficients up t o  '3  and 4. 
The purpose of t h i s  paper i s  t o  present the resu l t s  of some recent 
investigations which show the  application of the previously developed double- 
slotted-flap systems t o  a t t a i n  high l i f t  on the newer composite wing plan- 
forms such a s  the  variable-sweep wing. 
The application of double-slotted-flap systems t o  composite wing planforms 
, r e su l t s  i n  configurations capable of e f f i c i en t ly  developing high l i f t  i f  care- 
f u l  a t tent ion i s  paid t o  the detai ls  of the design of the  system. It i s  shown 
herein t h a t  leading-edge s l a t s  are an e s sen t i a l  par t  of the high-l i f t  system. 
A moderate sized wing glove was found t o  have negligible e f fec t  on the  l i f t  and 
drag of  an e f f i c i en t  high-l i f t  system but w a s  detriment& insofar a s  the  longi- 
tud ina l  s t a b i l i t y  is  concerned. 
Adequate determination of flow separation ef fec ts  on wings with high- 
l i f t  devices, especially near maximum l i f t ,  requires tha t  t e s t s  be made a t  
Reynolds numbers a s  high as  possible. The necessity fo r  tes t ing  over a 
moving-belt ground board t o  determine the  ground ef fec ts  depends on the l i f t  
developed by the  high-l i f t  system and the  height of the l i f t i n g  system above 
the  ground plane. 
INTRODUCTION 
Over the  years techniques for  generating very high l i f t  have been devel- 
oped and demonstrated by NACA, NASA, and other research establishments. Work 
on mechanical f l ap  systems t o  achieve high l i f t  resulted i n  the development 
of the single-slotted and double-slotted f laps  capable of achieving l i f t  
coefficients up t o  3 and 4. (see refs .  1 t o  8. ) The purpose of t h i s  paper 
i s  t o  present the r e su l t s  of some recent investigations which show the appli-  
cation of the previously developed double-slotted-flap systems t o  a t t a i n  high 
l i f t  on the newer composite wing planforms such a s  the  variable-sweep wing. 
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SYMBOLS 
L i f t  
c L l i f t  coefficient, -qs 
Drag drag coefficient, -
qs 
Pitching moment pitching-moment coefficient , 
qSF 
&,6/4 pitching-moment coefficient referred t o  quarter-chord point of wing 
mean aerodynamic chord, Pitching moment 
qsP 
I A wing aspect r a t io ,  b2/s I b wing span, inches I c wing chord, inches 
wing mean aerodynamic chord, inches 
height of wing chord plane above the  ground, inches 
I it t a i l  incidence angle, degrees 
AP increment i n  s t a t i c  pressure between wing upper surface and wing 
lower surface, pounds/foot2 
I q free-stream dynamic pressure, pounds/foot2 
R free-stream Reynolds number per foot 
S wing area, feet2 
x chordwise distance from wing leading edge, inches 
I a wing angle of attack, degrees I sf f l a p  deflection, degrees I %slat slat deflection, degrees 
A leading-edge sweep angle, degrees 
%I4 sweep of wing quarter-chord l ine ,  degrees 
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DISCUSSION 
Review of Fundamentals 
Figure 1 shows sketches of a double-slotted f l ap  i n  the retracted and 
deflected positions. A large-chord flap, a vane, and a leading-edge s l a t  can 
be stored within the  contour of a relat ively t h i n  a i r f o i l  a s  indicated by the  
cross section drawing f o r  a typical wing s tat ion.  When the h igh- l i f t  system is  
deflected a s  shown i n  the  lower sketch, it i s  desirable t o  have a smooth upper- 
surface contour with the camber distributed over the en t i r e  wing chord insofar  
a s  possible. For this reason, it is  desirable t o  have a large-chord f lap,  from 
. 30 t o  40 percent of the  wing chord, and a vane with a chord of about half  the 
f l ap  chord, so tha t  the f l ap  can be extended a s  f a r  a s  possible. This chord 
extension increases the  wing area and a lso  provides f o r  a smooth camber l i ne .  
Flow through the s l o t s  provides some boundary-layer control on the f l ap  and 
vane. It i s  important f o r  the s lo ts  t o  be convergent, t ha t  is ,  fo r  the minimum 
area t o  occur a t  the  s l o t  exi t .  Although the f l ap  i l l u s t r a t e d  i s  a double- 
s lo t t ed  f lap,  the rear  f l ap  can be divided in to  two pa r t s  with another s l o t  
between them t o  form a t r ip le -s lo t ted  f lap  t o  a t t a i n  higher usable f l a p  
deflections.  
The leading-edge s l a t  has a chord of about 15 percent of the  wing chord and 
there i s  a gap between the slat and the  wing leading edge t o  provide boundary- 
layer  control. Most h igh- l i f t  systems need leading-edge devices a s  i s  i l l u s -  
t r a t e d  by the  chordwise load distributions shown i n  f igure 2. The p lo t  on the  
l e f t  of figure 2 i l l u s t r a t e s  the  typical chordwise load dis t r ibut ion a s  the  
r e su l t  of angle of a t tack  with the peak load a t  the  leading edge of the  a i r f o i l .  
When the double-slotted f l ap  i s  deflected t o  3 5 O ,  the f l a p  load dis t r ibut ion i s  
added t o  the  angle-of-attack distribution. High pressure peaks occur a t  t he  
f l a p  and vane leading edges and the peak a t  the  wing leading edge would a l so  be 
increased. However, because of the increase i n  the  adverse pressure gradient ' 
t h a t  would accompany t h i s  increase i n  the  leading-edge peak pressure, separation 
often occurs, a n a t h e  increase i n  leading-edge pressure i s  not realized. When 
a s l a t  i s  deflected i n  front  of the wing, the leading-edge separation i s  a l l e -  
viated and the  l i f t  peak on the front par t  of the  a i r f o i l  i s  restored. Higher 
lift i s  obtained a s  a r e su l t  of the al leviat ion of the separation ef fec ts  and 
the  chord extension provided by the slat. 
Composite Wing Configurations 
Sketches of the  composite wing configurations used i n  a recent h igh- l i f t  
investigation a t  the Langley Research Center a re  shown i n  figure 3. The t e s t s  
were made i n  the 17-foot t e s t  section of the Langley 300-MPH 7- by 10-foot tun- 
nel.  The basic wing configuration shown here had an unswept wing with a span of 
1 . 0  inches and an aspect r a t i o  of 10; it was equipped with a double-slotted- 
f l ap  high-l i f t  system shown i n  figure 3 .  The double-slotted f l ap  was f u l l  span 
and extended from wing t i p  t o  wing t i p  even underneath the fuselage. The con- 
figuration was tes ted  with and without the 70' swept-wing glove shown by the 
shaded area. When the glove was i n  place, the leading-edge s l a t  extended from 
the  intersect ion of the wing and glove t o  the  wing t l p s .  Without the glove, 
the  s l a t  extended from the fuselage t o  the wing t i p .  The high-l i f t  devices 
*with and without' the wing glove were a l so  tes ted  a t  wing sweeps of 15' and 25'. 
Although the wing span was greater for  the swept wings, the aspect r a t i o  of a l l  
three wings was approximately the same. The coefficients f o r  each wing configu- 
rat ion are  based on the geometry of each wing without the  wing glove. 
The ef fec t  of the leading-edge s l a t  on the 15' swept-wing configuration i s  
shown i n  figure 4. The maximum lift for  the wings with the  leading-edge s l a t  on 
i s  higher f o r  both f lap  deflections. It can a lso  be seen tha t  the onset of sepa- 
rat ion f o r  the 40' f lap  deflection, indicated by a decrease i n  l i f t -curve slope 
a t  an angle of attack of about lo, i s  delayed t o  a higher angle of a t tack with 
the  leading-edge s l a t  on. 
The data f o r  the basic wing without the h igh- l i f t  devices were used t o  com- 
pute the envelope drag polar shown by the dashed curve i n  figure 4. That is ,  
the  basic wing-span efficiency factor  of 0.89 and the zero- l i f t  drag of a sym- 
metrical a i r f o i l  of the same thickness were used t o  compute the curve. It can 
be seen tha t  t he  full-span high-l i f t  system has about the  same span efficiency 
a s  the basic wing, since the drag data for  the h igh- l i f t  devices a r e  tangent t o  
the envelope drag curve a t  high l i f t  coefficients.  
The ef fec t  of wing sweep f o r  the wings with 40° f l ap  deflection and leading- 
edge s l a t s  i s  shown i n  figure 5. As the wing sweep i s  increased, the lift 
decreases and the induced drag becomes larger.  However, it should be pointed 
out tha t  the f l ap  span on the 25' swept wing extended only from the wing-fuselage 
junction t o  the  wing t i p  and tha t  part of the l i f t  loss  shown resul t s  from the 
f l ap  span effects .  I n  fac t ,  if the loss  of l i f t  resul t ing from sweep i s  calcu- 
l a t ed  by the method of reference 9,  the l i f t  a t  zero angle of a t tack f o r  the 
25O swept wing would f a l l  a t  the t i c k  mark. The calculated loss  of l i f t  due t o  
the reduction i n  flap span then reduces the l i f t  fur ther  so tha t  the  increment 
between the unswept wing and the 25' swept wing a t  zero angle of a t tack agrees 
with the t o t a l  computed loss .  The l i f t  loss  shown fo r  the  1 5 O  swept wing i s  
almost a l l  due t o  wing sweep since t h i s  wing has nearly a full-span f lap.  
The data shown i n  figure 6 indicate t h a t  there i s  very l i t t l e ,  i f  any, effec 
of the wing glove on e i ther  the  l i f t  o r  drag fo r  any of the wing sweeps and f ix -  
ther  indicate tha t ,  f o r  a glove t h i s  size,  a composite wing can develop the same 
l i f t  as  the basic wing without the glove. However, the  dis t r ibut ion of t h i s  
l i f t  w i l l  change as indicated by the  pitching-moment data shown i n  figure 7. 
The pitching-moment coefficients f o r  the same f l a p  configuration are  shown for  
the  oO, 1 5 O ,  and 25O swept wings. There i s  a forward s h i f t  of the l i f t  load 
with the leading-edge glove on a s  indicated by the  change i n  slope of the 
pitching-moment curves between the glove-off and glove-on curves. However, 
there  i s  very l i t t l e  change i n  the variation of the  pitching moment with angle 
of a t tack f o r  a glove t h i s  s ize.  
The resu l t s  of some t e s t s  reported i n  reference 10 on a variable-sweep 
model for  which the sweep of the glove leading edge was varied from 60.4' t o  
70° and then t o  7 5 O  a r e  shown i n  figure 8. The glove area increased as  the 
glove sweep in~reased .  The wing was equipped with a double-slotted f l ap  
deflected t o  50' i n  combination with a leading-edge slat tha t  extended across 
the outer wing panel. Again there i s  very l i t t l e  e f fec t  of the  glove on the  
l i f t  and drag characteristics.  There i s ,  however, a def in i te  destabilizing 
ef fec t  of the  glove on the  pitching-moment character is t ics .  The previous 
pitching-moment data ( f i g .  7)  were f o r  a ta i l -of f  configuration and these data 
a re  fo r  a ta i l -on configuration. However, the data f o r  t h i s  model with the 
t a i l  off show the same destabilizing pitching-moment trends a s  a re  shown f o r  
the ta i l -on configuration, although the trends were not a s  pronounced - an indi-  
cation tha t  there a re  some changes i n  the flow a t  the  t a i l  as  a r e su l t  of t h e  
glove. This destabilizing effect  of the wing glove with the h igh- l i f t  configu- 
ra t ion  has a l so  been shown f o r  the unflapped wing a t  low l i f t  coefficients by 
Ray, Lockwood, and Henderson i n  paper no. 5.  
Reynolds Number Effects 
I n  any discussion of the resul ts  of h igh- l i f t  investigations,  the e f fec ts  
of Reynolds number must always be considered. Shown i n  f igure 9 a r e  some 
re su l t s  from an investigation of a model of a current f ighter  i n  the Ames 
12-foot pressure tunnel a t  the Reynolds numbers shown. The data a re  f o r  a 
complete model with a s l a t  deflection of 45O, a f l a p  deflection of 40°, and 
f o r  a t a i l  incidence of -lo0. The data f o r  a Reynolds number of 1.89 x 106 
indicate a very low maximum l i f t  as well as  premature separation as shown by 
' the high drag and the ear ly breaks i n  the slopes of the  l i f t -coef f ic ien t  and 
pitching-moment curves. The data f o r  a Reynolds number of 3.21 x 106 do not 
a t t a i n  a max imum l i f t  as high as the data  f o r  5.97 x 106, but do, however, 
show the same i n i t i a l  l i f t -curve and pitching-moment breaks. These resu l t s  
emphasize tha t  t e s t s  should be made at Reynolds numbers high enough t o  deter- 
mine the flow separation ef fec ts  adequately, especially near maximum l i f t .  
Ground Sinnilation 
One other subject re lat ing to  tes t ing  techniques involved with high- 
l i f t  investigations i s  the proper ground simulation t o  determine the ground 
' 
ef fec ts .  The significance of the ground ef fec t  has been discussed i n  paper 
no. 19 by Kemp, Lockwood, and Phi l l ips  and i n  paper no. 20 by Rolls, Snyder, 
and Schweikhard. The use of the moving-belt ground board f o r  determining ground 
ef fec ts  i s  presented i n  reference 11, and resu l t s  f o r  configurations with 
double-slotted f laps a re  summarized i n  figures 10 and 11. 
Figure 10 shows the effect  of ground simulation on the  l i f t ,  drag, and 
pitching-moment character is t ics  of the  double-slotted f laps  on the unswept-wing 
configuration discussed previously. The out-of-ground-effect data a re  compared 
with data taken a t  h/b = 0.06 above a fixed ground plane and a t  the  same 
height over a moving ground plane. The point here i s  not t o  show the ground 
e f fec t s  a s  such but t o  show tha t ,  up t o  a lift coefficient of about 1.6, both 
methods of ground simulation give the  same resu l t s .  However, a t  l i f t  coeffi-  
c ien ts  above 1.6, a t  t h i s  ground height, the fixed-ground-board method of ground 
simulation shows too large an effect of ground. These data indicate tha t ,  at  
t h i s  height, t e s t s  can be made on configurations developing l i f t  coefficients 
up t o  1.6 without the  need for  a moving ground plane. Other data f o r  t h i s  
l i f t i n g  system a t  different  heights indicate the same general trend. A 
- 
correlation of l i f t  coefficient and ground height was made i n  reference 11 f o r  - 
t h i s  configuration and other full-span f l a p  systems (with aspect r a t io s  from 6 
t o  lo ) ,  t o  show when it is necessary t o  have a moving ground plane. The con- 
d i t ions  requiring moving ground board f o r  proper ground simulation are  shown 
i n  figure ll. The symbols represent data points used t o  establ ish the  boundary 
shown. For l i f t  coefficients a t ta ined a t  ground heights t h a t  f a l l  above the 
boundary, a conventional ground board i s  adequate. I f  the  l i f t  coefficient 
a t ta ined f o r  a given ground height f a l l s  below the boundary, a moving ground 
plane would be neededto determine the  e f fec ts  of the ground properly. The 
l i f t  coefficients developed by low-aspect-ratio wings a t  t he  minimum heights 
allowed fo r  by the landing gear generally f a l l  i n  the  area above the  boundary 
where a conventional fixed ground board would provide adequate ground simulation. 
CONCLUDING RENARKS 
The application of previously developed mechanical h igh- l i f t  systems t o  
composite wing planforms resul ted i n  configurations capable of e f f i c i en t ly  
developing high l i f t ,  i f  careful a t tent ion i s  paid t o  de ta i l s  of the  design of 
the  system. It has been shown tha t  leading-edge slats are  an essent ia l  par t  of 
the  h igh- l i f t  system. 
The ef fec t  of a moderate sized wing glove was found t o  be negligible on 
the l i f t  and drag of an e f f i c i en t  high-l i f t  system but i s  detrimental insofar 
as the longitudinal s t a b i l i t y  i s  concerned. 
Tests of high-l i f t  devices should be made at  Reynolds numbers a s  high a s  
possible i n  order t o  determine adequately the e f fec ts  of flow separation on 
the high l i f t  characteristics,  especially near maximum l i f t .  
The necessity for t e s t ing  over a moving ground board t o  determine the 
ground ef fec ts  depends on the  l i f t  developed by the h igh- l i f t  system and the 
height of the l i f t i n g  system above the  ground plane. 
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DRAG Dm TO LIFT AT SUBSONIC SPEEDS 
By W i l l i a m  P .- ~enderson  
NASA Langley Research Center 
SUMMARY 
Studies of various factors  affecting the subsonic drag due t o  l i f t  of 
t h i n  highly swept wings indicate that wings having sharp leading edges 
exhibit  low values of leading-edge suction, and no s ignif icant  change i n  the 
suction i s  evident with increasing Reynolds number. Wings incorporating 
leading-edge rad i i  exhibit 90 -percent suction a t  Reynolds numbers (based on I 
leading-edge radius) above 20 000. The suction developed by highly swept 
wings f a l l s  off considerably w i t h  l i f t  coefficient even a t  re la t ive ly  high 
Reynolds numbers, and r e a l i s t i c  drag estimates should include t h i s  effect .  
Additional systematic studies are needed t o  assess the e f fec ts  of Mach num- 
ber on leading-edge suction. 
INTRODUCTION 
Because of the highly swept and relat ively sharp leading edges fo r  wing 
designs of in t e re s t  f o r  supersonic a i r c r a f t  such a s  the  proposed supersonic 
transport ,  a knowledge of the various factors a f fec t ing  the  drag due t o  l i f t  
a t  subsonic speeds i s  becoming increasingly necessary. I n  view of t h i s  
in te res t ,  an investigation was conducted t o  determine the  e f fec ts  of Reynolds 
number, l i f t  coefficient,  and wing leading-edge radius on the drag due t o  
l i f t  of a ser ies  of thin,  highly swept, low-aspect-ratio wing-body configu- 
rations.  The purpose of t h i s  discussion i s  t o  review some of the resu l t s  of 
this investigation. 
SYMBOLS 
A aspect r a t i o  
b wing span 
c wing chord 
- 
c mean geometric chord 
C D drag coefficient 
ED drag due t o  l i f t  
C ~ , i  induced drag coefficient 
C ~ , o  drag coefficient a t  zero l i f t  
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,P profile drag coefficient due to lift 
ac~, i' drag-due-to-lift parameter 
&L2 
L lift coefficient 
C ~ ,  opt optimum lift coefficient 
C~ normal-force coefficient 
c s suction force coefficient 
, 
F resultant force vector 
( ~/~)max maximum lift-drag ratio 
M Mach number 
Re Reynolds number based on E ,  p~E/p 
R2 e Reynolds number based on r, pVnr/p 
average leading-edge radius 
leading-edge-suction parameter 
free- stream velocity 
vn velocity component measured normal to wing leading edge, V cos A 
Y spanwise coordinate 
u angle of attack 
ui induced angle of attack 
r circulation strength 
6f leading-edge flap deflection (positive leading edge up), deg 
, . 
wing leading-edge sweep angle, deg 
coefficient of viscosity 
density 
DISCUSSION 
Scope of Investigation 
The scope of t h i s  wind-tunnel investigation i s  shown i n  figure 1. The 
t e s t  conditions provide f o r  Mach numbers l e s s  than 0.3 and Reynolds numbers 
(based on the wing rnean-geometric chord) ranging from about 1 x 106 t o  
20 x 106. The wings, which were tested i n  combination with a fuselage, vary 
i n  leading-edge sweep from 49' to  74' and the aspect r a t i o  var ies  from 4.02 t o  
1.33. A l l  these wings had symmetrical a i r f o i l  sections; the 74' swept wing had, 
i n  addition, a 15-percent-chord leading-edge f l ap  and a warped section designed 
f o r  supersonic cruise. The f i r s t  se r ies  of wings had standard 6 3 ~  and 6 5 ~  a i r -  
f o i l  sections, whereas the second ser ies  of wings had f l a t -p l a t e  sections. In 
t h i s  second ser ies  of wings, the wings shown i n  figure 1 on the center r ight  
were obtained by removing a portion of the t r a i l i n g  edge from the wings shown 
on the center l e f t .  A portion of the leading edge of these wings could also be 
changed i n  order t o  vary the leading-edge sweep, the  leading-edge prof i le  shape, 
and the wing aspect ra t io .  The leading-edge prof i le  shape was varied from sharp 
t o  nearly round. The thickness f o r  these wings varied between 3 and 5 percent 
chord. 
The wind-tunnel studies were made i n  the Langley low-turbulence pressure 
tunnel. Because of tunnel l imitations,  the Mach numbers were l imited t o  0.30. 
A s  a resul t ,  only a brief discussion of Mach number e f fec ts  i s  included herein. 
Boundary-Layer Transition 
For the  purpose of insuring turbulent flow on these wings, t rans i t ion  
s t r i p s  were placed on the upper and lower surface of each wing panel. The s ize  
and location of the t rans i t ion  par t ic les  needed t o  provide f u l l y  turbulent flow 
rearward of the s t r i p s  were determined by the  methods discussed previously i n  
paper no. 2 by Braslow, Hicks, and Harris. 
The significance of f ixing t rans i t ion  on a wing surface a s  regards the 
drag due t o  lift i s  i l l u s t r a t ed  i n  f igure 2. The variations of the drag with 
Reynolds number, a t  l i f t  coefficients of 0 and 0.3, a re  presented f o r  a wing 
with fixed and f r e e  t ransi t ion.  The t rans i t ion  s t r i p s  were added near the 
leading edge of t h i s  wing so a s  t o  obtain the correct value of drag a t  zero 
l i f t .  The t rans i t ion  s t r ip ,  of course, would not be expected t o  a f fec t  leading- 
edge separation. These da:a show that a t  zero l i f t  and low Reynolds numbers 
t h e  wing with f r ee  t rans i t ion  exhibits a lower value of drag than the wing with 
f ixed t ransi t ion.  A s  the Reynolds number i s  increased, the  po&t of natural  
t r ans i t ion  moves forward on the wing with the resu l t  t ha t  the difference i n  
drag i s  considerably reduced. A t  the  higher l i f t  coefficient the point of 
natural  t rans i t ion  i s  presumed to be near the nose of the wing inasmuch a s  
values of drag f o r  t h i s  wing are the same a s  f o r  the wing with fixed t ransi t ion.  
It i s  evident from these data tha t  the wings with fixed and f ree  t rans i -  
t i o n  w i l l  exhibit values of drag due t o  l i f t  which are  somewhat different .  
Therefore, if correct values of drag due t o  l i f t  a r e  t o  be obtained, care must 
be taken to select transition particles of proper size to provide fully turbu- 
lent flow over the wing. (see ref. 1. ) 
Leading-Edge-Suction Parameter 
Of the several parameters available for drag-due-to-lift analyses, the 
one to be used in this paper is the effective leading-edge suction. The defi- 
nition of this parameter and reasons for its choice are demonstrated in fig- 
ure 3. This parameter is referred to as "effective leading-edge suction" 
because, for the highly swept thin wings under consideration, the departure from 
the full suction theory is associated primarily with leading-edge separation. 
It should be noted that the subsequent use herein of an effective suction 
includes all the profile drag due to lift CD,~. The drag-coefficient varia- 
tion with lift coefficient is presented for two flat-plate wings with identical 
leading-edge shape but of different aspect ratio and taper ratio. The wing on 
the right of the figure was obtained from the wing on the left by removing a 
portion of the wing trailing edge. 
In both plots, the upper curve is for zero percent suction, and the lower 
curve is for 100 percent suction. The experimental data are shown by the cir- 
cular test points. As indicated by the force diagram, the zero percent suction 
curve corresponds to the condition when the resultant-force vector is normal to 
the chord, as a result of extensive separation at the wing leading edge. The 
drag-due-to-lift coefficient for this condition is CL tan a. 'For 100 percent 
suction, the drag-due-to-lift coefficient is the potential flow induced vortex 
drag and is indicated as CDji in the vector diagram. The drag-due-to-lift 
coefficients for 100 percent suction were determined from a modified Multhopp 
subsonic lifting surface theory. For an elliptically loaded wing this value 
would be the classic cL2/fl~. 
The effective leading-edge-suction parameter s is defined as the experi- 
mentally measured suction in percent of the total theoretical suction; that is, 
it locates the experimental data relative to the two theoretical boundaries and 
is given by the following equation: 
CL tan a - CD - 
s = 
CL tan a - A J 
.(&) 
For these wings, the effective suction level is approximately 18 percent 
and indicates that for these wings with identical leading-edge shape the suc- 
tion parameter s is independent of aspect ratio and taper ratio. 
Another method of analysis based on use of the coefficient of profile drag 
due to lift CD does not show this independence of aspect ratio and taper 
, P 
ratio, as is illustrated in figure 3, where at CL = 0.3, the wing on the right 
had a CD,p that is 30 drag counts higher than the wing on the left. 
Because the leading-edge-suction parameter tends to eliminate the effects 
of aspect ratio and taper ratio, this parameter s was chosen to analyze the 
drag-due-to-lift characteristics presented. For the warped wings of this inves- 
tigation the suction parameter was determined by using a value of CD,, from 
an equivalent flat wing, whereby camber drag was eliminated from the analysis. 
Sharp-Leading-Edge Wings 
For supersonic speeds, the requirement for acceptable performance dictates 
the use of thin highly swept wings, and for a wing with a supersonic leading 
edge, use of a sharp leading-edge section. A sharp leading edge, of course, is 
not conducive to low values of drag due to lift at subsonic speeds, as is illus- 
trated in figure 4. The variation of leading-edge suction is presented as a 
function of Reynolds number for a 670 swept wing in the left plot, and the var- 
iation of suction with wing sweep for several sharp-edge wings is shown in the 
right plot. The values of s shown in this figure and in most of the following 
figures were taken at the lift coefficient for (L/D)- and are designated 
CL, opt 
These data show that the 67O swept wing exhibits low values of suction, 
and only a slight increase with Reynolds number is evident. ALL the sharp-edge 
wings of the present study, shown as the circular symbols on the right of fig- 
ure 4, exhibited the same trend of only slight variations of s with Reynolds 
number that is shown by the data for the 670 swept wing on the left. As a 
result, the suction parameter can be plotted as a function of wing sweep angle 
independent of Reynolds number. m e  data for the 670 swept wing presented on 
the left of this figure is also included on the right as the solid symbol. The 
data shown by the square symbols were obtained from references 2 to 5. These 
data again show that sharp-edged highly swept wings exhibit low values of suc- 
tion. Eben for low values of wing sweep, suction values no higher than about 
50 percent are evident. 
Configuration Modifications 
Several features that can increase the effective suction can be incorpo- 
rated into a wing design. Two of these features are shown in figure 5. This 
figure shows the effect of leading-edge flaps and wing warp on the variation of 
the leading-edge suction with Reynolds number for a 74' swept wing configura- 
tion. These data show that both leading-edge flaps and wing warp increase the 
values of suction over that obtained on the symmetrical, sharp-leading-edge 
wing. Although an increase in suction was obtained, still only a slight 
increase with Reynolds number is evident. The suction obtained for the warped 
wing shows a value of about 40 percent. Since the warping of this wing was 
designed from supersonic rather than subsonic considerations, values of suction 
substant ial ly  l e s s  than 100 percent a re  not surprising. Further increases i n  
the  effect ive suction can possibly be obtained on the warped wing by incorpo- 
rzt ing a leading-edge flap; however, the  t o t a l  increment shown f o r  the symmet- 
r i c a l  wing may not be obtained f o r  the warped wing. 
A t h i rd  feature tha t  provides increases i n  the leading-edge suction is  use 
of a wing leading-edge radius. .Figure 6 presents the var iat ion of s and 
(L/D),, with Reynolds number f o r  a highly swept wing with a sharp and a round 
leading edge. These data indicate t h a t  the wing with the round leading edge 
exhibi ts  large variations of s with Reynolds number, whereas the wing with 
the  sharp leading edge resu l t s  i n  re la t ive ly  constant values of s. The sig- 
nificance of t h i s  resul t  in.terms of the variation of with Reynolds 
number f o r  these two wings i s  shown i n  the right-hand plot  of t h i s  figure. The 
dashed l ines  represent l i nes  of constant drag due t o  l i f t .  For the wing with 
invariant suction the change i n  (L/D),,, with Reynolds number i s  the resu l t  
of the change i n  skin-friction drag. However, f o r  the  wing with the round 
leading edge only about 113 of the increase i n  (LID),, can be a t t r ibuted  t o  
the reduction i n  skin-friction drag and the  other 213 t o  the  reduction i n  drag 
due t o  l i f t .  Tests a t  supersonic speeds on a wing of suff ic ient  sweep t o  have 
the leading edge swept behind the Mach l i n e  ( i .e . ,  a subsonic leading edge) 
have indicated tha t  a leading-edge radius of approximately the same percentage 
of the  wing chord a s  shown i n  t h i s  f igure could be added without imposing a 
lo s s  i n  performance ( re f .  6) . 
The previous discussion has shown t h a t  using the leading-edge-suction - 
parameter tended t o  eliminate some of the e f fec ts  of planform i n  'an analysis 
of the drag due t o  l i f t ,  as  long a s  the  conditions a t  the leading edge of the  
wing are  the same. This resu l t  suggests tha t  i n  attempts t o  correlate  the 
wind-tunnel data use might be made of a parameter which considers only the 
leading-edge conditions. The parameter used i n  t h i s  analysis i s  a Reynolds 
number based on the velocity component and an average leading-edge radius, both 
measured normal t o  the leading edge of the wing. A correlation of the  wind- 
tunnel data by use of t h i s  Reynolds number i s  shown i n  f igure 7. In  t h i s  f ig -  
ure, the suction parameter s i s  presented as  a function of the leading-edge 
Reynolds number RZe. The data shown are  f o r  the symmetrical wings shown i n  
figure 1. These wings have thickness ra t ios  between 3 and 5 percent chord and 
leading-edge sweep angles between 49' and 73'. These data indicate tha t  about 
90 percent suction can be obtained on highly swept th in  wings a t  Reynolds num- 
bers  (based on leading-edge radius) above 20 000. 
Ear l ie r  correlations obtained by using transit ion-free data have shown 
somewhat different  results,  especially i n  the low Reynolds number range. (see 
r e f .  7.) 
Effect of L i f t  Coefficient and Mach Nmber 
The preceding summary figures have shown the e f f ec t s  of some configuration 
variables on the leading-edge suction taken a t  CL,opt and a t  low Mach numbers. 
Several other e f fec ts  should be considered. The f i r s t ,  which i s  shown i n  f ig -  
ure 8, i s  the variation of suction with l i f t  coefficient fo r  45' and 62O swept 
wings a t  several Reynolds nmbers. The data f o r  the 45' swept wing, which were 
obtained frqm reference 1, show that  increasing the Reynolds number resu l t s  i n  
an increase i n  the suction a t  CL t, and these high values of suction can be P 
maintained t o  s ignif icant ly higher l i f t  coefficients before separation ef fec ts  
cause the suction t o  diminish. However, f o r  the  62O swept wing, leading-edge 
separation occurs a t  re la t ive ly  low l i f t  coeff ic ients  so tha t  even a t  the  higher 
Reynolds numbers, high values of suction can be maintained over only a small 
l i f t - coe f f i c i en t  range. Simple sweep theory would indicate the same ef fec ts  
sho-m by these data; tha t  is, separatian ef fec ts  causing l s s ses  i n  suctisn 
wc3iLd occur a t  s ignif icant ly lower l i f t  coefficients f o r  the highly swept wing. 
T should be emphasized tha t  because of the large variations of suction with 
1.ift coefficient exhibited by these wings, the use of a constant value of suc- 
t i on  f o r  example, the value obtained a t  CL t) i n  defining the en t i re  drag ( 9 P 
polar would give dangerously optimistic resul ts .  
In  paper no. 3 of t h i s  conference, D. L. Loving suggested tha t  the loca- 
t i o n  of the t rans i t ion  s t r i p s  can s ignif icant ly a f fec t  the separation charac- 
t e r i s t i c s  behind the s t r ip .  However, f o r  these th in  wings a t  low speeds the  
large los s  of effect ive suction a t  t he  higher l i f t  coeff ic ients  i s  primarily 
associated with leading-edge separation, and it i s  not expected tha t  the posi- 
t i o n  of the  t rans i t ion  s t r i p s  would s ignif icant ly a f fec t  these resu l t s .  
Another e f fec t  t o  be considered is  tha t  of Mach number on the  leading-edge 
suction, a s  shown i n  f igure 9. A search of the  l i t e r a t u r e  indicated tha t  data 
a r e  very scarce from systematic investigations, i n  the  high-subsonic-speed 
range, of the e f fec ts  of leading-edge radius, Reynolds number, and wing plan- 
form f o r  highly swept wing-body configurations which have t rans i t ion  fixed a t  
t he  leading edge of the  wing. Therefore, only a l imited analysis of the Mach 
number effects ,  based on the data presented i n  t h i s  figure,  i s  possible. These 
data were obtained from reference 1. In  t h i s  figure, the suction parameter i s  
given a s  a function of Mach number f o r  45' and 63' swept wings, both wings 
having 5-percent-thick symmetrical and conically cambered a i r f o i l  sections. 
These data show tha t  the suction varies  very s l igh t ly  with Mach number f o r  the  
symmetrical wings. However, f o r  the  conically cambered 45' swept wing, although 
substant ial  improvement i s  provided at low speeds, losses i n  suction appear a t  
Mach numbers above 0.7 u n t i l  at  a Mach number near 1.0 the cambered and sym- 
metrical 45' swept wings have nearly the  same value of s. For the  de l ta  wing, 
the  benefits of camber are  maintained t o  the highest Mach number of the t e s t s  
because of the high c r i t i c a l  Mach number associated with the higher leading- 
edge sweep angle. The limited resul ts  shown are  applicable only t o  these wings, 
i n  t h a t  changes i n  the a i r f o i l  section o r  wing planform could s ignif icant ly 
a l t e r  these resul ts .  Additional systematic r e su l t s  are  needed t o  complete t h i s  
study. 
With regard t o  these Mach number dependent data, it should be noted t h a t  
f o r  higher l i f t  coefficients, i f  shock s t a l l  i s  encountered, the method of 
f ix ing  t rans i t ion  u t i l ized  i n  th i s  study may not provide re l iab le  aerodynamic 
data, a s  has been pointed out previously i n  paper no. 3 by Loving. 
CONC WSIONS 
Studies of various factors  affect ing the subsonic drag due t o  l i f t  of 
thin,  highly swept wings indicated the  following conclusions: 
1. Wings having sharp leading edges exhibit  low values of leading-edge 
suction, and no significant change i n  the suction with increasing Reynolds num- 
ber  i s  evident. 
2. Wings incorporating leading-edge radius exhibit approximately 90 per- 
cent suction a t  Reynolds numbers (kased on leading-edge radius) above 20 000. 
3. The suction developed by highly swept wings i s  considerably reduced a s  
l i f t  coeff ic ient  i s  increased, even a t  re la t ive ly  high Reynolds numbers; and 
r e a l i s t i c  drag estimates should include t h i s  effect .  
4. Additional systematic studies a re  needed f o r  a more comprehensive under- 
standing of the effects  of Mach number on leading-edge suction. 
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24. SUMM4RY OF EXTERNAL-STORE DRAG 
By Barrett  L. Shrout and Thomas C .  Kelly 
NASA Langley Research Center 
SUMMARY 
The drag problems associated with the  addition of external s tores  t o  
airplanes a re  reviewed. Current analytic techniques f o r  estimating drag 
penaities associated -rith the addition of s tores  ia both slrbs~nic sr?d sllnnr- -Y - 
sonic f l i gh t  a re  discussed. I n  subsonic f l i g h t ,  the drag penalty caused by 
the  addition of external s tores  i s  shown t o  be a f'unction of the ty-pe of s tore  
ins ta l la t ion .  In  supersonic f l i gh t ,  the drag i s  shown t o  be a function of the 
ty-pe of s tore  ins ta l la t ion  and also of the location of the s tore  in s t a l l a t ion  
with respect t o  the r e s t  of the airplane components. Special s tore  arrange- 
ments and at tent ion t o  the design of the store i t s e l f  can reduce the drag 
penalty of the s tore  ins ta l la t ion .  
m e  current trend i n  mili tary airplanes i s  toward carrying a large 
variety of external s tores  i n  the  form of bombs, rockets, rocket launchers, 
and fue l  tanks. The essence of the problem associated with these external 
s tores  i s  tha t  the  aerodynamicist designs the airplane t o  be essent ial ly  
"clean" as  shown i n  figure 1, while the airplane w i l l  probably f l y  i n  some 
l e s s  clean configuration, a s  shown i n  figure 2. The addition of external 
s tores  i n  various combinations and by various methods of attachment can lead 
t o  precipitous increases i n  drag and perhaps compromise the  mission of the 
airplane. In  figure 2 a re  shown only a few of the possible arrangements of 
s tores  - it has been estimated that  there a re  roughly 17 million s tore  com- 
binations possible on one currently operational Navy airplane. 
A great quantity of data on external s tores  has been published i n  the 
past 15 years by the NACA, the NASA, and other research organizations. A 
rather  extensive bibliography which covers such problem areas as  s tore  
e f fec ts  on performance, s tore  characteristics,  and configuration and in ter -  
ference effects  i s  included herein. A para l l e l  bibliography, covering s tore  
separation character is t ics  and store loads, i s  contained i n  paper no. 8 by 
McKinney and Polhamus. 
The present paper i s  concerned with the drag charac ter i s t ics  of the 
store-airplane configuration. Selected data from some of the reports i n  the 
bibliography are  presented and some general conclusions regarding s tore  drag 
a re  made. A directory of the bibliography i s  included i n  tab le  I as  a con- 
venience t o  the reader i n  locating specif ic  information, 
\ 
Preceding page blank 
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C D drag coefficient 
SYMBOLS 
D diameter of s tore  
M Mach number 
r s tore  nose radius 
I A increment 
ZP l a s t  pa i r  
meas measured. 
min minimum 
I o zero l i f t  
s tore  i so la ted  store 
DISCUSSION OF ANALYTIC TECHNIQUES 
The discussion of analytic techniques i s  Umited t o  some of the  f'unda- 
mental problems associated with the  drag of external s tores  or of the  store- 
airplane combination. The basic factors  which must be considered i n  e s t i -  
mating the zero- l i f t  drag of the airplane with external s tores  i n  the  subsonic 
region are  skin-friction drag, base drag, form drag, and interference drag. 
Estimates can be readily made f o r  the skin-friction drag, base drag, and 
form drag by using well-documented techniques, as  a l l  these drag components 
are  essent ial ly  the drag components of the i so la ted  s tore .  Interference 
ef fec ts ,  par t icular ly store-store interference where s tores  a re  mounted i n  
close proximity, may lead t o  a s ignif icant  drag increase. Some limited data 
on these e f fec ts  exist  and are  included i n  the bibliography. 
Factors t o  be evaluated i n  the supersonic region a re  skin-friction drag, 
base drag, asymmetry and interference drag, and wave drag. Skin-friction and 
base drag can be estimated by using well-known techniques, asymmetry drag and 
interference effects  can be estimated by using techniques described i n  paper 
no. 26 by Carlson and McLean, and the wave drag, which must be estimated f o r  
the store and airplane i n  combination, can be calculated by using a method 
programed fo r  an electronic computer. This zero- l i f t  wave-drag program i s  
described i n  par t  in  paper no. 27 by Harris. 
It should be pointed out that ,  although great quant i t ies  of wind-tunnel 
external-store data ex is t ,  i n  many cases insuff ic ient  knowledge of the  nature 
of the  boundary layer leads t o  inaccuracies i n  skin-fr ic t ion estimation and 
extrapolation t o  ful l -scale  values. 
Within the  supersonic region, the accuracy of the drag estimates a l so  
depends on how closely the  configuration s a t i s f i e s  the  assumptions of l inear-  
ized theory upon which the computer programs a re  based. Numerous close cor- 
re la t ions  have been made by using these estimating techniques on various 
versions of supersonic transport configurations. These designs are  generally 
long and slender with th in  wing sections and with a l l  components integrated 
t o  produce a low-drag configuration. The average f ighter  airplane, however, 
i s  not l ike ly  t o  be slender; the wing elements may be re la t ive ly  thick; and, 
the  external s tores  may be added with l i t t l e  regard t o  favorable interference 
ef fec ts .  Figure 3 shows the correlation between theory and experiment obtained 
f o r  a current f ighter  airplane in the transonic and supersonic f l i g h t  regimes. 
Zero-l i f t  drag i s  plot ted against Mach number. The configuration i s  a variable- 
sweep airplane with the  wings swept f u l l y  a f t .  The experimental data a re  from 
references 1 and 2. The s tores  a re  pylon mounted beneath the wing - four 
s tores  f o r  the transonic region and two stores  f o r  the supersonic region. The 
l e v e l  of drag f o r  the  stores-off configuration i s  predicted very well  i n  the 
subcr i t ica l  Mach number range, and t h e  increment due t o  the addition of s tores  
i s  a l so  predicted very closely. 
In  the  supersonic region, the estimated drag fo r  the  stores-off configura- 
t i o n  i s  l e s s  than tha t  for  the' experiment. The increment between the  stores- 
on data and stores-off d a t a  i s  predicted reasonably well by the analyt ic  
methods. 1% appears tha t  some further refinement of the analytic techniques 
would be useful i n  making more accurate quantitative estimates of the drag 
charac ter i s t ics  of configurations such a s  t h i s .  
DISCUSSION OF EXPER7MENTAL DATA 
The remainder of t h i s  paper i s  concerned with a number of par t icu lar  s tore  
ins ta l la t ions .  Most of these store arrangements are  typica l  of those found on 
current f ighter  airplanes. 
Analysis of the data i n  figure 4 gives an idea of the  subsonic drag pen- 
a l t y  associated with several types of s tore  ins ta l la t ions .  The data i n  f i g -  
ures  4 and 5'were taken from a number of the reports i n  the  bibliography. The 
ordinate i s  the  increment i n  experimental zero- l i f t  drag due t o  the addition 
of the s tore  or  stores.  The abscissa i s  the drag of the i so la ted  s tore  multi- 
p l i e d  by the number of stores i n  the ins ta l la t ion .  A l l  coeff ic ients  a re  based 
on the wing area of the particular configuration. No attempt was made t o  pre- 
d i c t  the  drag increment of the store support system; thus, the  experimental 
value i s  the t o t a l  drag penalty of the s tore  and ins ta l la t ion .  The so l id  l i n e  
represents equality between the experimental drag increment and the i so la ted  
s to re  drag. Examples of the more common ins ta l la t ions  a re  the pylon-mounted 
s ingle  s tore ,  the pylon-mounted multiple rack, and the tangent-mounted s tore ,  
- --. 
where the  s tore  i s  mounted flush with the a i r c r a f t  surface. Less common per- 
haps i s  the  semisubmerged ins ta l la t ion .  It i s  not surprising tha t  t h i s  semi- 
submerged ins ta l la t ion  shows low values of measured drag compared with the  
isolated s tore  drag since roughly half the wetted area i s  submerged within the 
airplane. 
In general, for s tores  carr ied completely external t o  the a i r c r a f t ,  the  
tangent mount and the pylon-mounted single s tore  lead t o  only small drag 
penalties,  while the pylon-mounted multiple-rack ins t a l l a t ion  causes a f a i r l y  
sizable drag penalty. 
Figure 5 i l l u s t r a t e s  the same type of analysis f o r  the supersonic Mach 
number range. Again, the t o t a l  measured increase i n  zero- l i f t  drag due t o  the 
ins ta l la t ion  of the s tore  or stores i s  plot ted against a simple multiple of 
the isolated-store drag. Here again the coeff ic ients  a re  based on the wing 
area fo r  the par t icular  configuration. The Mach number range i s  from about 
1.4 t o  2.5. Figure 6 shows sketches of the various ins ta l la t ions  keyed t o  the  
data points i n  figure 5.  Data point @ i s  f o r  a model of a current f ighter  
airplane with four Falcon missiles. The increment of ins ta l la t ion  drag i s  due 
i n  par t  t o  the  skin f r i c t ion  of the rather  large end-plate ins ta l la t ion .  It 
should be noted that  some decrease i n  the s tore  drag increment occurred a t  
l i f t .  Data point @ represents the  same type of configuration but with two 
Falcon missiles.  The deviation from the  l i n e  of equality i s  somewhat l e s s  f o r  
t h i s  in s t a l l a t ion  than f o r  in s t a l l a t ion  @. However the decrease i n  the drag 
increment a t  l i f t  for ins ta l la t ion  @ i s  negligible. Ins ta l la t ion  @ i s  a 
rather  unique mounting system; tha t  is ,  the s i x  missiles were s t ing  mounted on 
the leading edge of the  wing. A portion of the drag reduction i s  undoubtedly 
due t o  the  elimination of. missile base drag by the  support system. Ins ta l la -  
t i on  @ i s  fo r  the underwing ins ta l la t ion  of the  same s ix  missiles.  A sig- 
nif icant  increase in drag over tha t  fo r  the leading-edge ins t a l l a t ion  i s  
apparent; however the departure from the l i n e  of equality can be a t t r ibuted  i n  
par t  t o  the increased skin-fr ic t ion drag of the pylon ins t a l l a t ions .  
Ins ta l la t ions  a and @, fo r  a research model, indicate the large inf lu-  
ence of s tore  location on drag. I n  t h i s  par t icular  case, the forward location 
led  t o  a very high drag l eve l  compared with tha t  f o r  the rearward location. 
Ins ta l la t ions  a t o  @ are  f o r  a model of a current f igh te r  airplane with a 
var iety of Sparrow ins ta l la t ions .  The two fuselage mounts (a and @) show 
considerably l e s s  drag penalty than the corresponding s tore  wing mounts @ 
and @, respectively. Ins ta l la t ions  @ and @ a re  pylon mounts on the  
engine nacelles and on the fuselage. The fuselage mount @ shows an appre- 
ciably smaller drag penalty than the  nacelle mount @ . 
It can be seen tha t ,  f o r  the supersonic range i n  par t icular ,  not only the 
type of ins ta l la t ion  but a l so  i t s  location on the a i r c r a f t  can considerably 
a f fec t  the magnitude of the drag. For the supersonic range, consideration of 
the s tore  i n  the design of the a i r c r a f t  using area-rule techniques would 
certainly be of benefit. 
Some of the ins ta l la t ions  mentioned are  perhaps worthy of fur ther  comment. 
Figure 7 presents experimental resul ts  f o r  a tangent-mounted s tore  in s t a l l a t ion  
and a pylon-mounted ins ta l la t ion .  The increment of drag fo r  the tangent- 
mounted s tore  i s  approximately the estimated amount fo r  skin-fr ic t ion and base 
drag. The added increment for  the pylon i s ,  however, considerably more than 
can be a t t r ibuted  t o  skin-friction drag. The reason fo r  these phenomena i s ,  a t  
present, unlmown, although it i s  probably associated with the  amount of the 
a s tore  submerged within the boundary layer.  
Figure 8 shows data from reference 3 f o r  a current f igh te r  airplane with 
a large s tore  semisubmerged i n  the f'uselage. Data a re  presented f o r  the  clean 
configuration, t ha t  is ,  with the  cavity faired,  f o r  the configuration with the 
s tore  instal led,  and f o r  the  configuration with the open cavity a f t e r  e ject ion 
of the store.  O f  par t icu lar  in te res t  i s  the drag of the cavity with the s tore  
removed. For t h i s  par t icular  ins ta l la t ion ,  i n  the high subsonic and low super- 
sonic speed ranges, the cavity drag penalty i s  as  much or more than tha t  f o r  
the ins t a l l ed  store.  Although th i s  i s  not always the case, it i s  a point t o  
be evaluated when considering a store ins ta l la t ion  of t h i s  type. 
Figure 9 presents data f o r  a tandem store in s t a l l a t ion  consisting of two 
rows of three tandem-mounted stores.  On the  l e f t  side of the f igure i s  shown 
the gross drag increment f o r  the  one, two, and three s tore  p a i r  i n s t a l l a t ions  
over the  Mach number range from 0.6 t o  0.9. On the r ight  s ide of the  figure 
i s  shown the increment i n  drag due t o  the addition of the l a s t  s tore  pa i r  for  
various Mach numbers. It can be seen t h a t  the  increment i n  drag fo r  each 
additional p a i r  decreases. For a blunt-nosed, blunt-based s tore ,  this type of 
in s t a l l a t ion  should be of considerable benefit. 
Figure 10 i s  concerned more with individual s tores  than with s tore  in s t a l -  
la t ions.  The data a re  from reference 4. The ins t a l l a t ion  consists of 
16 s tores ,  9 i n  the f ree  stream and 7 tandem mounted. The drag increment of 
the  ins t a l l a t ion  i s  quite large; however, a s ignif icant  increase i s  noted f o r  
a change i n  corner radius of the  stores.  This increment remained re la t ive ly  
constant over the  Mach number range of the t e s t s .  
This figure i l l u s t r a t e s  the  basis of the  s tore  drag problem, tha t  i s ,  i f  
it i s  necessary t o  hang a multitude of stores from the a i r c r a f t ,  then a large 
drag penalty w i l l  l i ke ly  ex i s t .  In t h i s  case, the drag of the  configuration 
was more than doubled by the  addition of stores.  
CONCLUDING RPlARKS 
Analytic methods have been shown t o  give a reasonably good estimate of 
the drag increment due t o  the addition of external stores.  The drag penalty 
due t o  the addition of s tores  i n  the subsonic speed range has been shown t o  
depend i n  par t  on the type of ins ta l la t ion;  the lowest drag penalty i s  asso- 
c iated with a semisubmerged ins ta l la t ion  and the largest  drag penalty with a 
multiple-rack instal la t ion.  A t  supersonic speeds, the drag of the  s tore  
depends not only on the type of in s t a l l a t ion  but also on the  s tore  location. 
Use of the analytic methods through area-rule considerations offers  promise of 
drag reduction i n  the supersonic f l i g h t  regime. Other factors  t o  be considered 
in the redl~ction of store drag are  ten&em stere  arrmgements m d  t h e  effects of 
the shape of the store i t s e l f .  
1. Ayers, Theodore G., Transonic Aerodynamic Characteristics of a Variable- 
Wing-Sweep Tactical Fighter Model - Phase 4. NASA TM X-1237, 1966. 
2. Shaw, David S.; and Babb, C. Donald: Supersonic Investigation of the Static 
Stability, Performance, and Control of a Variable-Sweep Tactical Fighter 
Model - Phase 4. NASA 'I'M X-1143, 1965. 
3. Wainwright, John B.; and Rubinstein, Marvin: Report on the Aerodynamic 
Effects of External Steres or, a Wind Tunnel 14~del XF8U-1 Airplane in the 
Mach Number Range 0.8 to 1.4. USCEC Rept . 32-1-5, Aerodyn . Test Div . , 
NAME,  Univ. of Southern California, Apr. 28, 1955. 
4. Ferris, James C.: Effects of External Stores on Performance and Stability 
of a Supersonic Fighter-Bomber Airplane. NASA 'PM X-1218, 1966. 
BIBLIOGRAPHY 
1. Silvers ,  H. Norman; and Vogler, Raymond D. :  sum& of Wind-Tunnel Data on 
the Effect of External Stores on S tab i l i t y  of Models of Military A i r -  
planes. NACA RM ~ 6 ~ 0 8 ,  1946. 
2. Boddy, Lee E.; and Morrill,  Charles P., Jr.: The Aerodynamic Effects of 
Rockets and Fuel Tanks Mounted Under the Swept-Back Wing of an Airplane 
Model. NACA RM A7JO3, 1948. 
3. Si lvers ,  H. Norman; and Spreemann, Kenneth P.: Correlation of Wind-Tunnel 
and Fl ight  Determinations of the Buffet Speed of an Airplane Equipped 
With External Stores. NACA RM Li'F,X), 1948. 
4. Si lvers ,  H. Norman; and Spreemann, Kenneth P.: Wind-Tunnel Investigation 
of a Wing-Fuselage Combination With External Stores. NACA RM Li'K.20, 1948. 
5. Hart, Roger G.; and Katz, E l l i s  R.: Flight Investigations a t  High-Subsonic, 
Transonic, and Supersonic Speeds To Determine Zero-Lift Drag of Fin- 
Stabilized Bodies of Revolution Having Fineness Ratios of 12.5, 8.91, 
and 6.04 and Varying Positions of Maximum Diameter. NACA RM L9130, 1949. 
6. Silvers,  H. Norman; and Spreemann, Kenneth P.: Effect of Ai r fo i l  Section 
and Tip Tanks on the Aerodynamic Characteristics a t  High Subsonic Speeds 
of an Unswept Wing of Aspect Ratio 5.16 and Taper Ratio 0.61. NACA 
RM ~ ~ 0 4 ,  1949. 
7. s~reemann, Kenneth P . ; and Si lvers ,  H. Norman: Experimental Investigation 
of Various Wing-Mounted External Stores on a Wing-Fuselage Combination 
Having a Sweptback Wing of Inverse Taper Ratio. NACA RM ~ 9 ~ 0 6 ,  1950. 
8. Si lvers ,  H. Norman; and Spreemann, Kenneth P.: Experimental Investigation 
of Various External-Store Configurations on a Model of a Tai l less  Airplane 
With a Sweptback Wing. NACA RM LgK25, 1950. 
9. Welsh, Clement J.; and Morrow, John D.: Effect of Wing-Tank Location on the 
Drag and T r i m  of a Swept-Wing Model as  Measured i n  Flight a t  Transonic 
Speeds. NACA RM L50A19, 1950. 
10. May, El lery B.; Jr.: Investigation of the Aerodynamic Effects of an 
External Store i n  Combination With 600 Delta and Low-Aspect-Ratio Tapered 
Wings a t  a Mach Number of 1.9. NACA RM L50K03, 1951. 
11. Spreemann, Kenneth P.;  and Alford, W i l l i a m  J., Jr.: Investigation of the 
Effects of Geometric Changes i n  an Underwing Pylon-Suspended External- 
Store Instal la t ion on the Aerodynamic Characteristics of a 45O Sweptback 
Wing a t  High Subsonic Speeds. NACA RM L50L12, 1951. 
12. Hoffman, Sherwood: Comparison of Zero-Lift Drag Determined by Fl ight  Tests 
a t  Transonic Speeds of Pylon, Underslung, and Symmetrically Mounted 
Nacelles a t  40 Percent Semispan of a 45O Sweptback Wing and Body Combina- 
t ion .  NACA RM ~ 5 1 ~ 2 6 ,  1951. 
13. Pepper, W i l l i a m  B., Jr.; and Hoffman, Sherwood: Comparison of Zero-Lift 
Drags Determined by Flight Tests a t  Transonic Speeds of Symmetrically 
Mounted Nacelles i n  Various Chordwise Positions a t  the  Wing Tip of a 
4 5 O  Sweptback Wing and Body Combination. NACA RM L51F13, 1951. 
14. Silvers,  H. Norman; King, Thomas J . ,  Jr.; and Pasteur, Thomas B. ,  Jr.: 
Investigation of the Effect of a Nacelle a t  Various Chordwise and Vert ical  
Positions on the Aerodynamic Characteristics a t  High Subsonic Speeds of a 
45O Sweptback Wing With and Without a Fuselage. NACA RM ~ 5 1 ~ 1 6 ,  1951. 
15. Dugan, James C.:  External Store Development. Mem. Rept. 
No. ~ ~ ~ S ~ - 4 3 0 1 9 - 1 - 1 ,  Wright A i r  Develop. Center, U.S. A i r  Force, 
Aug. 13, 1951. 
16. Tamburello, V.; and Burgan, Elmer: Exploratory Wind-Tunnel Tests of 
External Stores Mounted inva r ious  Locations on the Wing of a 0.17-Scale 
Model Jet-Fighter Type Airplane. Rept . C -453 Aero 806, David W. Taylor 
Model Basin, Navy Dept., Sept. 1951. 
17. Hasel, Lowell E.; and Sevier, John R., Jr.: Aerodynamic Characteristics a t  
Supersonic Speeds of a Series of Wing-Body Combinations Having Cambered 
Wings With an Aspect Ratio of 3.5 and a Taper Ratio of 0.2 - Effect a t  
M = 1.60 of Nacelle Shape and Position on the Aerodynamic Characteristics 
i n  Pitch of Two Wing-Body Combinations with 470 Sweptback Wings. NACA 
RM L51K14a, 1952. 
18. Kiemzier, Emil  J. ; and Dryer, Murray: Aerodynamic Interference Effects on 
Normal and Axial Force Coefficients of Several Engine-Strut-Body Configu- 
rations a t  Mach Numbers of 1.8 and 2.0. NACA RM E52B21, 1952. 
19. Silvers,  H. Norman; and King, Thomas J., Jr.: A Small-Scale Investigation 
of the Effect of Spanwise and Chordwise Positioning of an Ogive-Cylinder 
Underwing Nacelle on the High-Speed Aerodynamic Characteristics of a 45O 
Sweptback Tapered-in-Thickness Wing of Aspect Ratio 6. NACA RM L52J22, 
1952 
20. Hoffman, Sherwood: Transonic Flight Tests To Compare the Zero-Lift Drags 
of Underslung Nacelles Varied Spanwise on a 45O ~ w e ~ t b a c k  Wing and Body 
Combination. NACA RM L52D04a, 1952. 
21. Driver, Cornelius: Aerodynamic Characteristics a t  Supersonic Speeds of a 
Series of Wing-Body Combinations Having Cambered Wings With an Aspect 
Ratio of 3.5 and a Taper Ratio of 0.2 - Effect a t  M = 2.01 of Nacelle 
Shape and Position on the Aerodynamic Characterist-ics i n  Pitch of Two 
Wing-Body Combinations With 4 7 O  Sweptback Wings. NACA RM L52FO3, 1952. 
22. Scallion, William I.: Low-Speed Investigation of the Effects of Nacelles I 
on the Longitudinal Aerodynamic Characteristics of a 60° Sweptback Delta- 
I Wing-Fuselage Combination With NACA 65A003 Airfoil Sections. NACA 
RM L52F04, 1952. 
23. Jacobsen, Carl R.: Effects of Systematically Varying the Spanwise and 
Vertical Location of an External Store on the Aerodynamic Characteristics 
of an Unswept Tapered Wing of Aspect Ratio 4 at Mach Numbers of 1.41, 
1.62, and 1.96. NACA RM L52F13, 1952. 
24. Bielat, Ralph P.; and Harrison, Daniel E.: A Transonic Wind-Tunnel Inves- 
tigation of the Effects of Nacelle Shape and Position on the Aerodynamic 
Characteristics of Two 47O Sweptback Wing-Body Configurations. NACA 
RM L52G02, 1952. 
25. Jacobsen, Carl R.: Effects of the Spanwise, Chordwise, and Vertical Loca- 
tion of an External Store on the Aerodynamic Characteristics of a 60° 
Delta Wing at Mach Numbers of 1.41, 1.62, and 1.96. NACA RM L52H29, 1952. ' 
I 
I 
26. Silvers, H. Norman; and King, Thomas J., Jr. : Investigation at High Sub- 
sonic Speeds of Bodies Mounted From the Wing of an Unswept-Wing-Fuselage 
Model, Including Measurements of Body Loads. NACA RM ~52~08, 1952. 
27. Smith, Willard G.: Wind-Tunnel Investigation at Subsonic and Supersonic 
Speeds of a Model of a Tailless Fighter Airplane Employing a Low-Aspect- 
Ratio Swept-Back Wing - Effects of .External Fuel Tanks and Rocket Packets 
on the Drag Characteristics. NACA RM A52J31, 1953. 
28. Jacobsen, Carl R. : Effects of the Spanwise, Chordwise, and Vertical Loca- 
l 
tion of an External Store on the Aerodynamic Characteristics of a 45O 
Sweptback Tapered Wing of Aspect Ratio 4 at Mach Numbers of 1.41, 1.62, 
, 
and 1.96. NACA FM L52J27, 1953. 
29. Jacobsen, Carl R.: Effects of Size of External Stores on the Aerodynamic 
Characteristics of an Unswept and a 45O Sweptback Wing of Aspect Ratio 4 
and a 60° Delta Wing at Mach Numbers of 1.41, 1.62, and 1.96. NACA 
I RM L52K20a, 1953. 
I 
I 30. Mitcham, Grady L.; and Blanchard, Willard S., Jr.: Low-Lift Drag and 
Stability Data Frgm Rocket Models of a Modified-Delta-Wing Airplane With 
and Without External Stores at Mach Numbers From 0.8 to 1.36. NACA 
RM L5%27, 1953 
31. Wallskog, Harvey A.; and Hart, Roger G.: Investigation of the Drag of 
I Blunt-Nosed Bodies of Revolution in Free Flight at Mach Numbers From 0.6 
to 2.3. NACA RM ~53~14a, 1953. 
32. Rainey, Robert W.: Effect of Variations in Reynolds Number on the Aero- 
dynamic Characteristics of Three Bomb or Store Shapes at a Mach Number 
of 1.62 With and Without Fins. NACA RM L53D27, 1953. 
33. Camel, Melvin M.; and Fischetti, Thomas L.: A Transonic Wind-Tunnel 
Investigation of the Effects of Nacelles on the Aerodynamic Characteris- 
tics of a Complete Model Configuration. NACA RM L53F22a, 1953. 
34. Mason, Homer P.: Effects of External Store Mounting on the Buffet, Trim, 
and Drag Characteristics of Rocket-Powered Fuselage and Store Combina- 
tions Between Mach Numbers of 0.7 and 1.4. NACA RM L53J22, 1953. 
35. Alexander, S. R.: The Influence of External and Internal Stowage of 
Sparrow I1 on the Performance of a Transonic Day Fighter Configuration. 
NAVAER Rept. No. DR-1484, Bur. Aeron., Aug. 1953. 
36. Judd, Joseph H.: Flight Investigation of Engine Nacelles and Wing Vertical 
Position on the Drag of a Delta-Wing Airplane Configuration From Mach 
Number 0.8 to 2.0. NACA RM L53L21, 1954. 
37. Silvers, H. Norman; King, Thomas J., Jr.; and Alford, William J., Jr.: 
Wind-Tunnel Investigation at High Subsonic Speeds of the Effects of Wing- 
Mounted External Stores on the Loading and Aerodynamic Characteristics 
in Pitch of a 45O Sweptback Wing Combined With a Fuselage. NACA 
RM ~54~21, 954. 
38. Alford, William J., Jr. ; and Silvers, H. Norman: Investigation at High 
Subsonic Speeds of Finned and Unfinned Bodies Mounted at Various Loca- 
tions From the Wings of Unswept- and Swept-Wing-Fuselage Models, 
Including Measurements of Body Loads. NACA RM ~54~18, 1954. 
i 39. Henning, Allen B.: The Effects of Wing Mounted External Stores on the 
Trim, Buffet, and Drag Characteristics of a Rocket-Propelled Model Having 
a 450 Sweptback Wing. NACA RM ~54~19, 1954. 
a 40. Hoffman, Sherwood; and Wolff, Austin L.: Effect on Drag of Longitudinal 
Positioning of Half-Submerged and Pylon-Mounted Douglas Aircraft Stores 
on a Fuselage With and Without Cavities Between Mach Numbers of 0.9 
and 1.8. W A  RM ~54~26, 1954. 
41. Smith, Norman F.: Exploratory Investigation of External Stores on the 
Aerodynamic Characteristics of a l/l6-~cale Model of the Douglas 
D-558-11 Research Airplane at a Mach Number of 2.01. NACA RM L54~02, 
1954. 
42. Mason, Homer P..; and Henning, Allen B.: Effects of Some External-Store 
Mounting Arrangements and Store Shapes on the Buffet and Drag Character- 
istics of Wingless Rocket-Powered Models at Mach Numbers From 0.7 to 1.4. 
NACA RM L54120a, 1954. 
43. Gapcynski , John P . ; and Carlson, Harry W. : A Pressure-Distribution Inves- 
tigation of the Aerodynamic Characteristics of a Body of Revolution in 
the Vicinity of a Reflection Plane at Mach  umbers of 1.41 and 2.01. 
NACA RM ~54529, 1955. 
44. Ballentine, Donald C.:  Wind-Tunnel Investigation of a 0.15-Scale Model 
F3H-2N Airplane Equipped With an Adjustable Leading-Edge Slot  and Various 
External Stores. Aero Rept . 871, David W. Taylor Model Basin, Navy Dept . , 
Oct. 1954. 
45. Alford, W i l l i a m  J., Jr.; Si lvers ,  H. Norman; and King, Thomas J., Jr.: 
Experimental Aerodynamic F'orces and Moments a t  Low Speed of a Missile 
Model During Simulated Launching From the Midsemispan Location of a 45' 
Sweptback Wing-Fuselage Combination. NACA FM ~54Kl la ,  1955. 
46. Alford, W i l l i a m  J., Jr.: Experimental S ta t i c  Aerodynamic Forces and 
Moments a t  Low Speed on a Canard Missile During Simulated Launching From 
t h e  YLdsemispn ~?r?C1, wir?g-Tip L ~ c a t i n n s  nf n 45O Sweptback Wing-Fuselage 
Combination. NACA RM L55A12, 1955. 
47. Smith, Norman F.; and Carlson, Harry W.: The Origin and Distribution of 
Supersonic Store Interference From Measurement of Individual Forces on 
Several Wing-Fuselage-Store Configurations. 1.- Swept-Wing Heavy-Bomber 
Configuration With Large Store ( ~ a c e l l e ) .  L i f t  and Drag; Mach Number, 
1.61. NACA RM L55A13a, 1955. 
48. Sleeman, W i l l i a m  C .  , Jr. ; and Alford, W i l l i a m  J. , Jr. : Low-Speed Inves- 
t iga t ion  of the Effects of Wing Tanks and Speed Brakes on the  S ta t i c  
S tab i l i t y  of a Model Having a 40' Swept Wing. NACA RM L55C17, 1955. 
49. Silvers,  H. Norman; and King, Thomas J., Jr.: 'Investigation a t  High Sub- 
sonic Speeds of the Effects of Various Underwing External-Store Arrange- 
ments on the Aerodynamic Characteristics of a l / l 6 - ~ c a l e  Model of the 
Douglas D-558-11 Research Airplane. NACA RM L55Dl1, 1955. 
50. Alford, W i l l i a m  J., Jr.; Silvers,  H.  Norman; and King, Thomas J., Jr.: 
Experimental S ta t ic  Aerodynamic Forces and Moments a t  Low Speed on a 
Missile Model During Simulated Launching From the 25-Percent-Semispan 
and Wing-Tip Locations of a 45' Sweptback Wing-Fuselage Combination. 
NACA RM L55D20, 1955. 
51. Mason, Homer P.:  Effects of Wing-Mounted Tank-Type Stores on the  Low-Lift 
Buffeting and Drag of a Swept-Wing Airplane Configuration Between Mach 
Numbers of 0.8 and 1.3. NACA RM L55D27, 1955. 
52. Smith, N0rma.n F.; and Carlson, Harry W.: The Origin and Distribution of 
Supersonic Store Interference Fram Measurement of Individual Forces On 
Several Wing-Fuselage-Store Configurations. 11.- Swept-Wing Heavy-Bomber 
Configuration With Large Store ( ~ a c e l l e )  . Lateral  Forces and Pitching 
Moments; Mach Number, 1.61. NACA RM L55E26a, 1955. 
53. Smith, Norman F.; and Carlson, Harry W.: The Origin and Distribution of 
Supersonic Store Interference From Measurement of Individual Forces on 
Several Wing-Fuselage-Store Configurations. 111.- Swept-Wing Fighter- 
Bomber Configuration With Large and Small Stores.  Mach Number, 1.61. 
NACA RM L55H01, 1955. 
54. Kelly, Thomas C.: Transonic Wind-Tunnel Investigation of the Effects of 
External Stores and Store Position on the Aerodynamic Characteristics of 
a 1/16-~cale Model of the Douglas D-558-11 Research Airplane. NACA 
RM L55107, 1955- 
55. Morris, Odell A.: The Origin and Distribution of Supersonic Store Inter- 
ference From Measurement of Individual Forces on Several Wing-Fuselage- 
Store Configurations. IV.- Delta-Wing Heavy-Bomber Configuration With 
Large Store. Mach Number, 1.61. NACA RM L55127a, 1955. 
56. Hart, Roger G. : Flight Investigation at Mach Numbers From 0.8 to 1.5 To 
Determine the Effects of Nose Bluntness on the Total Drag of Two Fin- 
Stabilized Bodies of Revolution. NACA TN 3549, 1955. (supersedes NACA 
L50108a. ) 
57. Wainwright, John B.; and Rubinstein, Marvin: Report on the Aerodynamic 
Effects of External Stores on a Wind Tunnel Model XF~U-1 Airplane in the 
Mach Number Range 0.8 to 1.4. USCEC Rept. 32-1-5, Aerodyn. Test Div., 
NAMTC., Univ. of Southern California, Apr. 28, 1955. 
58. Carlson, Harry W.; and Geier, Douglas J.: The Origin and Distribution of 
Supersonic Store Interference From Measurement of Individual Forces on 
Several Wing-Fuselage-Store Configurations. V.- Swept-Wing Heavy-Bomber 
Configuration With Large Store (~acelle) . Mach Number 2.01. NACA 
RM L55K15, 1956 
59. Smith, Norman F.: The Origin and Distribution of Supersonic Store Inter- 
ference From Measurement of Individual Forces on Several Wing-F'uselage- 
Store Configurations. V1.- Swept-Wing Heavy-Bomber Configuration With 
Stores of Different Sizes and Shapes. NACA RM ~ 5 5 ~ 8 ,  1956. 
60. Robinson, Ross B.: Longitudinal Characteristics of an Unswept-Wing Fighter- 
Type Model With External Stores at a Mach Number of 1.82 and Some Effects 
of Horizontal-Tail and Yaw-Damper Deflection on the Sideslip Derivatives. 
NACA RM L55L26, 1956. 
61. Hallisy, Joseph M., Jr.; and Kudlacik, Louis: A Transonic Wind-Tunnel 
Investigation of Store and Horizontal-Tail Loads and Some Effects of 
Fuselage-Afterbody Modifications on a Swept-Wing Fighter Airplane. NACA 
m ~56~26, 1956. 
62. Foster, Gerald V.; and Driver, Cornelius: Effects of External Stores on 
the Static Longitudinal and Lateral Aerodynamic Characteristics of a 
Model of a 45O Swept-Wing Fighter ,Airplane at Mach Numbers of 1.61 
and 2.01. NACA RM ~56~15a, 1956. 
63. Spearman, M. Leroy; and Driver, Cornelius: Longitudinal and Lateral Sta- 
bility Characteristics of a Low-Aspect-Ratio Unswept-Wing Airplane Model 
at Mach Numbers of 1.82 and 2.01. NACA RM L56HO6, 1957. 
64. Morris, Odell A . :  Aerodynamic Forces and Moments on a Large Ogive- 
Cylinder Store at  Various Locations Below the  Fuselage Center Line of a 
Swept-Wing Bomber Configuration a t  a Mach Number of 1.61. NACA 
RM L56125, 1957. 
65. Alford, W i l l i a m  J., Jr.; and King, Thomas J., Jr.: Experimental S t a t i c  
Aerodynamic Forces and Moments a t  High Subsonic Speeds on a Missile Model 
During Simulated Launching From the Midsemispan Location of a 450 Swept- 
back Wing -Fuselage -Pylon Combination. NACA RM L56~05, 1957. 
66. H i l l ,  P. R.; and Hoff'man, S.: Preliminary Evaluation of the  Wing Leading 
Edge as  a Missile-Mounting Location. NACA RM L56J12, 1957. 
67. Geier, Douglas J.; and Carlson, Harry W.: Measurement of S ta t i c  Forces on 
Externally Carried Bombs of Fineness Ratios 7.1 and 10.5 i n  the Flow 
Field of a Swept-Wing Fighter-Bomber Configuration a t  a Mach Number 
of 1.6. NACA RM LSK30, 1957. 
68. Hoffman, Sherwood: Zero-Lift Drag of a Large Fuselage Cavity =d a Par- 
t i a l l y  Submerged Store on a 52.50 Sweptback-Wing-Body Configuration as  
Determined From Free-Flight Tests a t  Mach Numbers of 0.7 t o  1.53. NACA 
m ~ 5 6 ~ 2 1 ,  957. 
69. Nugent, Jack: Effect of Wing-Mounted External Stores on the  L i f t  and Drag 
of the Douglas D-558-11 Research Airplane a t  Transonic Speeds. NACA 
RM H57E15a, 19579 
70. Gapcynski, John P.; and Carlson, Harry W.: The Aerodynamic Characteristics 
of a Body in  the  Two-Dimensional Flow Field of a Circular-Arc Wing a t  a 
Mach Number of 2.01. WCA RM ~ 5 7 ~ 1 4 ,  1957. 
71. Polhamus, Edward C.: Effect of Nose Shape on Subsonic Aerodynamic Char- 
ac te r i s t i c s  of a Body of Revolution Having a Fineness Ratio of 10.94. 
NACA RM L573'25, 1937. 
72. Pearson, Albin 0.: Transonic Investigation of Effects of Spanwise and 
Chordwise External Store Location and Body Contouring on Aerodynamic 
Characteristics of 45' Sweptback Wing-Body Configurations. NACA 
RM L57G17, 1957 
73. Hoffman, Sherwood: Free-Flight Investigation of the Drag of a Model of a 
600 Delta-Wing Bomber With Strut-Mounted Siamese Nacelles and Indented 
Fuselage a t  Mach Numbers From 0.80 t o  1.35. NACA RM L57G29, 1957. 
74. Church, James D.: Effects of Components and Various Modifications on the 
Drag and the Sta t ic  S tabi l i ty  and Control Characteristics of a 42O Swept- 
Wing Fighter-Airplane Model a t  Mach Numbers of 1.60 t o  2.50. NACA 
RM L57K01, 1957 
75. Geier, Douglas J.: An Investigation of Supersonic Store Interference in 
the Vicinity of a 22O Swept-Wing-Fuselage Configuration at Mach Numbers 
of 1.61 and 2.01. NACA RM ~57~18, 1957. 
76. Cook, Martin L.: Static Longitudinal Characteristics of a Semispan Delta- 
Wing Airplane Model With a Pylon-Mounted 0.500-Scale Model XASM-N-8 
Corvus Missile. Aero Rept. 920, David W. Taylor Model Basin, Navy Dept., 
June 1957. 
77. Brindle, C. Carl: Longitudinal Characteristics at Supersonic Speeds of a 
Winged and a Wingless 0.08-scale Half Model Sparrow I Missile at Angles 
of Attack up to 1800. Aero Rept. 931, David W. Taylor Model Basin, Navy 
Dept., Dec. 1957. 
78. Reese, David E., Jr.: A Wind-Tunnel Investigation of Several Wingless 
Missile Configurations at Supersonic Speeds. NACA RM A57522, 1958. 
79. Gnos, A. Vernon; and Kurkowski, Richard L.: Static Longitudinal and 
Lateral Stability and Control Characteristics of a Model of a Swept-Wing 
Fighter-Bomber-Type Airplane With a Top Inlet at Mach Numbers From 1.6 
to 2.35. NACA RM A57K20, 1958. 
80. Hoffban, Sherwood: Free-Flight Investigation at Mach Numbers From 0.8 
to 1.5 of the Effect of a Fuselage Indentation on the Zero-Lift Drag of 
a 52.50 Sweptback-Wing-Body Configuration With Symmetrically Mounted 
Stores on the Fuselage. NACA RM L57L04, 1958. 
81. Morris, Odell A. : Effects of External Store-Pylon Configuration and Posi- 
tion on the Aerodynamic Characteristics of a 45O Swept Wing-Fuselage 
Combination at a Mach Number of 1.61. NACA RM ~58C13, 1958. 
82. Oehman, Waldo I.; and Turner, Kenneth L.: Aerodynamic Characteristics of 
a 45O Swept-Wing Fighter Airplane Model and Aerodynamic Loads on Adjacent 
Stores and Missiles at Mach Numbers of 1.57, 1.87, 2.16, and 2.53. NACA 
RM ~58~17, 1958. 
83. Robinson, Robert C. : The Effect of Lower Surface Spoilers on the Transonic 
Trim Change of a Wind-Tunnel Model of a Fighter Airplane Having a Modi- 
fied Delta Wing. NASA MEMO 12-27-58a, 1959. 
84. Hoffman, Sherwood: Free-Flight Investigation of the Drag of a 60° Delta- 
Wing Configuration With Large Stores Mounted Below the Indented Fuselage 
at Mach Numbers Between 0.8 and 1.6. NASA MEMO 10-9-58~, 1958. 
85. Margolis, Kenneth; Malvestuto, Frank S., Jr.; and Maxie, Peter J., Jr.: 
Theoretical Calculations of Supersonic Wave Drag at Zero Lift for a 
Particular Store Arrangement. NACA TN 4120, 1958. 
86. Appich, W. H. , Jr . ; Oehman, Waldo I. ; and Gregory, Donald T. : Aerodynamic 
Characteristics of Three Versions of a Supersonic Airplane Model With a 
45O Sweptback Midwing a t  Mach Numbers of 1.57 and 2.01. NASA 
MEMO 12-6-58~) 1959. 
87. Bielat ,  Ralph P.: A Transonic Wind-Tunnel Investigation of the Performance 
and of the S ta t ic  S tab i l i t y  and Control Characteristics of a Model of a 
Fighter-Type Airplane Which Embodies P a r t i a l  Body Indentation. NASA 
MEMO 12-13-58~) 1959. 
88, White. Maurice D.;  and Innis, Robert C.:  A Fl ight  Investigation of the  
Low-Speed Handling Qual i t ies  of a Tai l less  Delta-Wing Fighter Airplane. 
NASA- W-0 4-15-59ij 1959. 
89. Camel, Xelvin M.;  and Gregory, Donald T.: Preliminary Investigation of 
the S ta t i c  Longitudinal and Lateral  S tab i l i t y  Characteristics of a Model 
of a 450 Swept Wing Airplane a t  Mach Numbers of 1.59, 1.89, and 2.09. 
NASA MEMO 3-30-59L, 1959. 
90. Wornom, Dewey E. : Transonic Aerodynamic Characteristics of a 45' Swept- 
Wing-Fuselage Model With a Finned and Unfinned Body Pylon-Mounted 
Beneath the Fuselage or Wing, Including Measurements of Body Loads. 
NASA MEN0 4-20-59L, 1959. 
91. Drougge, Georg (with appendix by Sune B. Berndt and Lars 0. A.  ~ i l d i n g ) :  
An Experimental Investigation -of the Interference Between Bodies of 
Revolution a t  Transonic Speeds With Special Reference t o  the Sonic-and 
Supersonic Area Rules. FFA Rept. 83, Aeron. Res. Ins t .  Swed., 1959. 
92. P i t t s ,  W i l l i a m  C. ;  and Wiggins, Lyle E.: Axial-Force Reduction by In ter -  
ference Between J e t  and Neighboring Afterbody. NASA TN D-332, 1960. 
93. Fischet t i ,  Thomas L.; and Eaton, Peter T.: Investigation of the Effects 
of the Corvus Missile on the A~D-2 Airplane a t  High Subsonic Speeds. 
Aero Rept . 987, David W. Taylor Model Basin, Navy Dept , July 1960. 
94. Anon.: Aircraft  Bombs, Fuzes and Associated Components. NAVWEPS 
OP 2216, Vol. 1, Dept. Navy, Aug. 1, 1960. 
95. Pivirot to ,  Thomas J.: Aerodynamic Test of the  0.16-Scale Model of the 
Hughes Model 50 Missile. WT 20-355, Jet  Propulsion Lab., California 
Ins t .  Technol. , Aug. 21, 1960, 
96. Brown, A. E.; deLancey, L. M.; and Meeker, R. E.: Studies of the  Side- 
winder 1 C  Aeromechanics - Par t  1. Aerodynamics NAVWEPS Rept . 6596, 
P t .  1, U.S. Naval Ord. Test Station, Oct. 24, 1960. 
97. F ischet t i ,  Thomas L.; and Eaton, Peter T.: Wind-Tunnel Investigation of 
the Effects of Externally Ins ta l led  Missiles on an Aircraf t  Configuration 
a t  High Subsonic Speeds. Aero Rept. 995, David W. Taylor Model Basin, 
Navy Dept . , Dec . 1960. 
98. Luoma, Arvo A, :  Transonic Wind-Tunnel Investigation of the  S t a t i c  Longi- 
tud ina l  .Stabili ty and Performance Characteristics of a Supersonic 
Fighter-Bomber Airplane. NASA TM X-513, 1961. 
99: Robinson, Ross B.; and Spearman, M. Leroy: S ta t i c  Lateral  and Directional 
S t a b i l i t y  and Control Characteristics of a 114-0-scale Model of a 600 
Delta Wing Bomber Configuration a t  a Mach Number of 1.99. NASA TM X-537, 
1961. 
100. Bielat ,  Ralph P.; and Robins, A.  Warner: S tab i l i t y  and Control Character- 
i s t i c s  a t  Transonic Syeeds of Two Variable-Sweep Airplane Configurations 
Differing i n  Wing-Pivot Locations. NASA TM X-559, 1961. 
101. Luoma, Arvo A,: Transonic Wind-Tunnel Investigation of the S t a t i c  S tabi l -  
i t y  and Control Characteristics of a Supersonic Fighter-Bomber Airplane. 
NASA TM X-591, 1961. 
102. Brindle, C .  Carl: Wind-Tunnel Investigation of the Drag Characteristics 
of a Pylon-Mounted Missile. Aero Rept. 1010, David W. Taylor Model 
Basin, Navy Dept . , June 1961. 
103. Eaton, Peter T.: Wind-Tunnel Investigation of the Effects of Multiple 
External Stores on the Longitudinal Aerodynamic Characteristics of the  
Douglas A ~ D  Airplane. Aero Rept. 1009, David W. Taylor Model Basin, 
Navy Dept . , Sept . 1961. 
104. Brindle, C.  Carl: Wind-Tunnel 1nvestigation.of External Store Arrange- 
ments To Reduce Wave Drag. Aero Rept . 1016, David W. Taylor Model Basin, 
Navy Dept., Nov. 1961. 
105. Landrum, hmnn Jean: S ta t i c  Lateral  and Directiondl S tab i l i t y  and Control 
Characteristics of a 114-0-Scale Model of a 60' Delta Wing Bomber Con- 
figuration a t  a Mach Number of 1.61. NASA TM X-748, 1963. 
106. Foster, Gerald V.; and Kyle, Robert G.: Aerodynamic Characteristics of a 
1122-scale Model of a Fighter Airplane With an Extended Forebody and 
Other Modifications a t  Mach Numbers of 1.57 and 2.01. NASA 'I'M X-833, 
1963 
107. Eaton, Peter T.; and Swinney, Charles S.: Incremental L i f t  and Drag of 
an External Aircraf t  Store - Phase I. Test Rept. AL 20, David Taylor 
Model Basin, Dept. Navy, July 1965. 
108. Shaw, David S.; and Babb, C .  Donald: Supersonic Investigation of the 
S t a t i c  S tabi l i ty ,  Performance, and Control of a Variable-Sweep Tact ical  
Fighter Model - Phase 4. ' NASA TM X-1143, 1966. 
109. Fer r i s ,  James C.:  Effects of External Stores on Performance and S tab i l i t y  
of a Supersonic Fighter-Bomber Airplane. NASA TM X-1218, 1966. 
110. Ayers, Theodore G.: Transonic Aerodynamic Characteristics of a Variable- 
Wing-Sweep Tactical Fighter Model - Phase 4. NASA TM X-1237, 1966. 
111. Landrum, Emua Jean: Effect of Nacelle Orientation on the Aerodynamic 
Characteristics of an Arrow Wing-Body Configuration at Mach Number 2.03. 
NASA TN D-3284, 1966. 
112. Norris, John D.; and McGhee, Robert J.: Effects of Bluntness on the Sub- 
sonic Drag of an Elliptical Forebody. NASA TN D-3388, 1966. 
TABLE I.- BIBLIOGRAPHY CROSS-REFEKENCE 
Effects of 
variations 
i n  s tore 
location 
3 
7 
8 
9 
10 
11 
13 
14 
16 
17 
19 
20 
21 
22 
23 
25 
26 
28 
29 
34 
35 
36 
37 
38 
40 
42 
47 
53 
54 
57 
66 
72 
75 
81  
97 
' 100 
104 
107 
108 
109 
L 
Bibliography number 
Various stores 
i n  combination; 
multiple ins t a l -  
la t ions  
2 
27 
30 
39 
40 
57 
60 
63 
72 
82 
86 
93 
97 
103 
107 
108 
109 
containing 
Partially- 
submerged 
s tore  
ins ta l la t ions  
4 
17 
21 
34 
40 
57 
68 
74 
79 
89 
results related t o  
Isolated-store 
character is t ics  
5 
14 
18 
30 
31 
32 
34 
39 
40 
42 
45 
46 
47 
50 
51 
6 4 
66 
67 
77 
80 
84 
95 
96 
102 
- 
Store- 
configuration 
variations ; 
interference 
ef fec ts  
18 
31 
40 
41 
52 
53 
55 
56 
59 
59 
62 
71 
91 
92 
109 
111 
u 2  
Figure 1 L-2694- 1 
CONFIGURATION WITH STORES 
CLEAN CONFIGURATION 
Figure 2 L-2694-8 
ANALYSIS AND CORRELATION 
EXPERIMENT THEORY 
, _ _ - - NO STORES 
- -- 2 STORES 
-$- --- 4 STORES 
Figure 3 
INCREMENTAL STORE-INSTALLATION DRAG 
SUBSONIC 
1 / STORE YOUNT 
o PYLON 
(AcD,o)mea'~2/ ,008 / MWJ[LE 
I 7' A TANGENT r 
SEMI- "'k , , , . SUBMERGED - 
0 .004 .008  .012 .016 
('~,o) store x NO. OF STORES 
Figure 4 
INCREMENTAL STORE-INSTALLATION DRAG 
SUPERSONIC 
v I I I I 
0 .002 .004 ,006 .008 
(CD, o) store X NO. OF STORES 
Figure 5 
STORE INSTALLATIONS 
@TWO TIP-MOUNTED FALCONS 
4 SIX UNDER-WING O FALCONS 
U 
5 TWO UNDER-WING TANKS O (FORWARD LOCATION) 
U 
6 TWO UNDER-WING TANKS O (REARWARD LOCATION) 
' @ FOUR SPARROWS 'd 
(WING PYLON 1 
@ FOUR SPARROWS 
(FUSELAGE PYLON ) 
1 TWO PHOENIX MISSILES 
@ (FUSELAGE PYLON 1 
Figure 6 
TANGENT AND PYLON l NSTALLATIONS 
STORES OFF 
---- PYLON MOUNT 
0 TANGENT MOUNT ,,----, 
. 0 4  1 0 1 
1 7  
Figure 7 
SEM ISUBMERGED STORE INSTALLATION 
Figure 8 
CAVITY FAIRED 
STORE INSTALLED 
CAVITY OPEN 
TANDEM STORE l NSTALLATION 
STORE 
A%. rnin PA I RS 
STORE PAIR 
Figure 9 
EFFECTS OF STORE CORNER RADIUS 
STORES A N D  
PYLONS OFF 
Figure 10 
25. STATUS OF RESEARCH ON A SUPERCRITICAL WING 
By Richard T. Whitcomb and James A. Blackwell, Jr. 
NASA Langley Research Center 
SUMMARY 
A dras t ic  modification of a i r f o i l  shape f o r  high subsonic cruise  a i r -  
planes i s  proposed which substantially increases the drag r i s e  Mach number. 
The a i r f o i l  incorporates a s l o t  between the lower and upper surfaces near the 
t r a i l i n g  edge with negative camber on the a i r f o i l  ahead of the s l o t  and sub- 
s t a n t i a l  posit ive camber rearward of the s lo t .  A wing-fuselage configuration 
incorporating the proposed a i r f o i l  has been investigated. The wing of t h i s  
model has 35' of sweepback of the quarter-chord and an aspect r a t i o  of 10. 
Presently, a cruise Mach number of approximately 0.90 has been achieved 
with the supercritical-wing-fuselage configuration. The drag a t  the cruise  
condition i s  about.5 percent lower than t h a t  f o r  comparable conventional con- 
- - 
figurations.  Also, the new supercr i t ical  a i r f o i l  appears t o  afford a sub- 
s t a n t i a l  improvement i n  high l i f t  s t a b i l i t y  and buffeting. 
INTRODUCTION I 
8 
The Air Force C-5 program and the more recent considerations of a new 
generation of subsonic j e t  transports has stimulated a renewed in t e res t  i n  
means of improving the  performance of cruise airplanes at high subsonic 
speeds. The pr incipal  factor  limiting the performance of such airplanes i s  
the d r a g  r i s e  which occurs at about a Mach number of 0.8 f o r  the current gen- 
erat ion of je t  transports.  This drag r i s e  not only l imi t s  the speed of the  
airplane but a lso reduces the l i f t -drag r a t i o  a t  the cruise point. Both fac- 
t o r s  adversely a f fec t  airplane operating costs.  
The most widely used means for delaying the drag r i s e  is  wing sweepback; 
however, excessive wing sweepback resu l t s  i n  a reduction i n  the aerodynamic 
aspect r a t i o  for  a given s t ruc tura l  panel aspect ra t io ,  an increase i n  the 
severi ty  of the pitch-up problem, and a reduction i n  the  l i f t  coeff ic ient  
for  landing and take-off. Because of these problems, the sweep u t i l i zed  i n  
the current generation of transports and in  several recent cargo-type con- 
figurations has been limited t o  35' a t  the quarter-chord. Mare recently, 
several U.S. a i r c r a f t  companies and the Bri t ish,  par t icular ly Pearcey ( r e f .  l ) ,  
have developed refinements i n  essentially conventional a i r f o i l  shapes t o  pro- 
vide moderate delays i n  the drag r i se .  These refinements have been incorpo- 
rated i n  the several recent cargo-type configurations. 
In the present paper, a drast ic  change i n  a i r f o i l  shape, which r e su l t s  
i n  substantially greater  delays i n  drag r i s e  than those previously achieved, 
i s  discussed. This a i r f o i l  shape incorporates a s lo t  between the lower 
---- -- -- 
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surface an&the  upper surface near the t r a i l i n g  edge with negative camber i n  
the a i r f o i l  ahead of the s l o t  and subs tan t ia l  posi t ive  camber rearward of the 
s l o t .  Because the flow over a substant ia l  portion of t h i s  a i r f o i l  i s  super- 
c r i t i c a l  a t  the  cruise condition, it i s  referred t o  a s  a supe rc r i t i ca l  air- 
f o i l .  It should be emphasized tha t  the research on t h i s  concept i s  continuing 
on an intensive basis,  and the present paper should be considered a s t a tu s  
report  ra ther  than a f i n a l  summary. 
SYMBOLS 
b Span 
c D drag coeff ic ient  
CL l i f t  coefficient 
'4n pitching-moment coeff ic ient ,  referred t o  E 
C~ pressure coeff ic ient  
Cp, sonic pressure coeff ic ient  corresponding t o  l oca l  Mach number of 1.0 
wing chord 
- 
c wing mean aerodynamic chord 
l 
Cd section drag coeff ic ient  
cm section pitching-moment coefficient,  referred t o  0 . 2 5 ~  
I 
I C n section normal-force coefficient 
M Mach number 
t wing thickness 
I Y spaqwise distance 
i now PHENOMENA 
~ 
In  order t o  i l l u s t r a t e  the basic flow phenomena fo r  conventional a i r f o i l s  
(NACA 6 4 ~ - s e r i e s )  and the new supercr i t i ca l  a i r f o i l ,  schematic i l lus t ra t ion: :  of 
the  flow f i e l d s  and chordwise surface pressure dis t r ibut ions ,  based on wind- 
tunnel measurements, are presented i n  f igure  1. The flow phenomena f o r  the  
conventional a i r f o i l  are shown a t  a Mach number of 0.69 which i s  higher than 
t ha t  fo r  the i n i t i a t i o n  of drag r i s e  (M = 0.67), and those f o r  the new super- 
c r i t i c a l  a i r f o i l  a re  shown a t  a Mach number of 0.79 which i s  s l igh t ly  lower 
than tha t  fo r  the i n i t i a t i o n  of drag r i s e  (M = 0.80). (see f i g .  2 . )  
When a subsonic cruise airplane approaches the speed of sound, a loca l  
region of slxpersonic flow develops above the wing. (see sketch i n  the upper 
l e f t  of f ig .  1 . )  This supersonic flow i s  decelerated t o  subsonic flow through 
a shock wave. The shock wave produces some energy loss  and thus a drag increase. 
More importantly, the  shock wave usually causes separation of t h e  boundary layer  
on a conventional a i r f o i l .  Most of the drag r i s e  i s  associated with t h i s  sepa- 
ration. The separation i s  a resu l t  of the boundary layer having insuff icient  
momentum t o  traverse the t o t a l  pressure r i s e  of the shock wave and the normal 
subcr i t ica l  pressure recovery. (see the pressure d is t r ibut ion  i n  the lower 
l e f t  of f i g .  1 . )  
In the new supercr i t ical  a i r fo i l ,  a s l o t  between the  lower and upper sur- 
faces i s  placed a t  an intermediate point i n  the combined pressure r i s e .  (see 
schematic drawing i n  upper r ight  of f ig .  1. ) (The p a r t  of the a i r f o i l  ahead of 
the s l o t  i s  referred t o  herein as the fore component, t ha t  behind the s l o t  as  
the a f t  component.) With such an arrangement, the boundary layer on the upper 
surface of the fore  component of the  a i r f o i l  and the  second boundary layer on 
the upper surface of the aft component both experience a pressure r i s e  l e s s  
than the t o t a l  r i s e  on a conventional a i r f o i l ;  therefore, the tendency toward 
boundary-layer separation i s  reduced. Ideally, the a i r f o i l  i s  shaped t o  pro- 
vide o n l y t h e  pressure r i s e  due to  the shock wave on the fore  component whereas 
the pressure recovery tha t  follows is-concentrated on the aft  component. 
When boundary-layer separation i s  reduced or  eliminated, the severe drag 
r i s e  is delayed t o  a higher Mach number. A t  the higher Mach number, the drag 
due t o  shock losses increases. This drag increment i s  an order of magnitude 
l e s s  than tha t  associated with the separation; however, f o r  subsonic-cruise- 
type airplanes any drag r i s e  i s  unacceptable. Therefore, t he  supercr i t ica l  
a i r f o i l  has been reshaped t o  reduce the  drag associated with the  shock losses.  
The energy losses i n  a shock wave are  lessened by reducing the extent of the  
shock wave and diminishing the Mach number ahead of the wave. Both of these 
e f fec ts  are  accomplished in the supercr i t ical  a i r f o i l  by reducing the curvature 
and slope of the upper surface of the  fore component. With such a reshaping, 
the supersonic region i s  as shown i n  the sketch i n  the upper r ight  of f igure 1. 
The extent of t h i s  region reaches a maximum and then decreases ahead of the 
shock wave. In contrast, f o r  a conventional a i r f o i l  shape the  supersonic region 
continually expands t o  the shock as shown i n  the sketch i n  upper l e f t  of f i g -  
ure 1. Also, as indicated by the pressure distributions,  the Mach number ahead 
of the shock wave on the supercr i t ical  a i r f o i l  i s  substant ial ly  l e s s  than tha t  
on a conventional a i r f o i l .  
With the reduced curvature of the upper surface, the lower surface of the 
wing must have additional curvature f o r  a wing with a given thickness r a t io .  
For the fore  component of the  new supercr i t ica l  a i r f o i l ,  the camtier i s  effec- 
t i v e l y  negative. Obviously, an a i r f o i l  with negative camber and low angle of 
a t tack  produces very l i t t l e  l i f t ;  the required l i f t  for  cruise i s  achieved by 
incorporating substant ial  positive camber in to  the aft  component of the a i r f o i l .  
Because of the increase i n  Mach number provided by the a i r f o i l  and the  
increased curvature of the lower surface, supercr i t ica l  flow and a shock wave 
develop on the lower surface of the fore  component at  the probable cruise  con- 
d i t ion  (fig. 1 ) .  In addition, a large pressure r i s e  occurs on the lower surface . 
of the  a i r f o i l  a t  the point of reversal of the camber l ine .  The addition of 
the pressure r i s e  of the shock wave t o  the pressure r i s e  associated with camber 
reversal  gives a t o t a l  pressure r i s e  approximately equal t o  tha t  on the  upper 
surface of a conventional a i r f o i l  a t  supercr i t ical  conditions. Without the 
s lo t ,  t h i s  pressure r i s e  would undoubtedly cause boundary-layer separation. 
However, the presence of the s l o t  great ly  reduces the  tendency toward such sep- 
arat ion i n  an action similar t o  tha t  on the upper surface. The boundary layer  
on the fore  component experiences only par t  of the t o t a l  r i s e  before being 
accelerated i n  the s lot .  The r e s t  of the pressure r i s e  occurs near the leading 
edge of the a f t  component where the boundary layer i s  very s table  and can t r a -  
verse the r i s e .  Again, as fo r  the upper surface, the lower surface should be 
shaped so tha t  the pressure r i s e  on the  fore  component i s  l imited t o  tha t  asso- 
c iated with the shock wave whereas the  r e s t  of the r i s e  i s  concentrated on the  
a f t  component. Thus, the s l o t  i s  necessary t o  control boundary-layer separation 
, 
on the lower surface as well as on the upper surface. 
A more complete discussion of the flow phenomena associated with the pro- 
posed supercr i t ica l  a i r f o i l  i s  presented in reference 2. 
NO-DIMENS IONAL INVESTIGATION 
In order t o  evaluate and develop the supercr i t ica l  a i r f o i l  shape, a two- 
dimensional a i r f o i l  model was investigated i n  the Langley 8-foot transonic pres- 
sure tunnel ( re f .  2) .  The model completely spanned the tunnel with the two 
so l id  side walls of the tunnel acting as large end plates.  The normal force 
and pitching moment of the a i r f o i l  were determined by pressure distributions; 
drag was determined from wake survey measurements. The a i r f o i l  u t i l ized  had a 
thickness of 19 percent chord. A s  a basis  f o r  reference, an NACA 64~-se r i e s  
2 
a i r f o i l  which i s  representative of the a i r f o i l  shapes on current j e t  airplanes 
I was a l so  investigated. 
Variations of drag coefficient with Mach number at a normal-force coef- 
f i c i e n t  of 0.65 f o r  the supercr i t ica l  a i r f o i l  and f o r  the  NACA 6 4 ~ - s e r i e s  air- 
f o i l  a re  shown i n  figure 2. The 64A-series a i r f o i l  experienced a drag r i s e  at 
about a Mach number of 0.67. The more recent a i r f o i l  shapes mentioned i n  the 
introduction would probably experience a similar drag r i s e  at  a Mach number 
of 0.70. The supercr i t ical  a i r f o i l  has a gradual increase i n  drag t o  a Mach 
number of about 0.78. This gradual r i s e  i s  associated with small amounts of 
shock loss .  Between M = 0.78 and 0.79 the drag decreases somewhat, and then 
it increases sharply. This abrupt increase i n  drag i s  associated with a move- 
ment of the shock wave t o  a point rearward of the s l o t  ex i t .  For such a condi- 
t ion, the en t i re  pressure r i s e  of the shock plus the normal pressure recovery 
occur on the a f t  component with a resul t ing flow separation on the upper sur- 
face. Thus, the effectiveness of the new a i r f o i l  shape i n  delaying drag r i s e  
i s  limited. 
- - 
- 
- 
The dip i n  the drag variation between M = 0.78 and 0.79 i s  real .  The 
schlieren photographs, wake surveys, and pressure dis tr ibut ions all indicate 
tha t  the shock wave disappears. The exact reasons fo r  t h i s  complete disappear- 
ance of the shock wave are  not fu l ly  understood. A discussion of a possible 
reason i s  given i n  reference 2. However, from a prac t ica l  standpoint, the most 
important character is t ic  of the  a i r f o i l  i s  the re la t ive ly  low drag increments 
due t o  shock losses for  Mach numbers up t o  0.79. 
The variations of pitching-moment coefficient with Mach number a t  a normal- 
force coefficient of 0.65 for  the supercri t ical  a i r f o i l  and for  the reference 
6 4 ~ - s e r i e s  a i r f o i l  are presented i n  figure 3. The supercr i t ica l  a i r f o i l  has 
a iarge negative pitching moment. This moment i s  the r e s - d t  of the large load 
on the  aft  component. (see pressure dis tr ibut ion i n  lower r ight  of f ig .  1.) 
For an unswept wing, the drag associated with trimming such a moment would 
probably be prohibitive; however, f o r  a sweptback wing, t h i s  negative pitching 
moment i s  not necessarily a problem as i s  discussed i n  the section "Results 
and Discussion." 
Additional aerodynamic character is t ics  obtained from the  two-dimensional 
investigation are presented i n  reference 2. 
THREE-DIMENSIONAL INVESTIGATION 
Configuration 
In order t o  determine whether the delay in drag r i s e  achieved fo r  the 
re la t ive ly  simple two-dimensional s i tua t ion  can be at tained f o r  the much more 
complex three-dimensional case, an investigation of a swept-wing-fuselage 
model incorporating the supercri t ical  a i r f o i l  w a s  made. The wing-fuselage 
configuration u t i l ized  f o r  the three-dimensional investigation i s  shown i n  f i g -  
ures 4 and 5. The wing of the model has 35' of sweep a t  the quarter-chord; t h i s  
sweep angle i s  the  same as  tha t  for  most current Jet  airplanes and several 
recent cargo-type configurations. The wing also has an aspect r a t i o  of 10, a 
value s ignif icant ly higher than the wing aspect r a t i o  for  current transports. 
However, the  thickness r a t ios  for the  various sections of the wings are  greater 
than those currently used; therefore, the  wing bending s t ruc tura l  problem i s  
not significantly different  f romthat  for  current designs. The use of a higher 
aspect r a t i o  and greater section thickness r a t ios  needs some explanation. An 
analysis of the character is t ics  of the new a i r f o i l  suggested tha t  the maximum 
overal l  performance t o  be gained through the use of the new a i r f o i l  could be 
achieved i f  only part  of the effectiveness of the shape i s  u t i l i zed  t o  increase 
speed whereas the r e s t  of the  effectiveness i s  u t i l i zed  t o  increase the cruise 
l i f t  -drag r a t i o  . 
The wing was investigated with 4' of twist .  To simplify model construc- 
t ion, the  actual model had no twist. The twist w a s  effectively achieved by 
rotat ing the flow i n  the wind tunnel in to  two circulat ion patterns symmetrically 
displaced with respect t o  the vert ical  center plane of the tunnel. 
The shapes of the a i r f o i l s  at various s tat ions along the semispan of the 
wing are  shown i n  figure 6. These a i r f o i l  shapes were not arrived a t  by mathe- 
matical calculations. The flow f i e l d s  a re  highly nonlinear. The maximum Mach 
number on the upper surface was about 1.6 and tfie minimum Mach number on the 
lower surface w a s  about 0.6. Further, the favorable influence of the super- 
c r i t i c a l  a i r f o i l  on drag r i s e  superimposed on the  favorable e f fec t  of sweepback 
re su l t s  i n  a probable cruise Mach number approaching the speed of sound. A t  
these higher subsonic Mach numbers, the l a t e r a l  disturbances produced by the 
various elements of the configuration expand rapidly so tha t  a strong mutual 
interference exis t s  between the flow f i e lds  about the several elements. No 
available theory can predict  the required surface shapes f o r  such three- 
dimensional, nonlinear conditions. Instead, on the basis  of pressure d i s t r i -  
butions, surface o i l  films, and schlieren photographs, deviations from the 
desired f fields &ete~-ne& eAqerbectalpJ- fcr the inf c ~ ~ f  ig -a-  
tion. Then, on the basis of these measurements and the fundamental laws gov- 
erning mixed flow, the i n i t i a l  shape was modified progressively t o  arr ive at 
the f i n a l  desired flow f ie lds .  
As shown i n  figure 4, the s l o t  does not extend along the en t i r e  span of 
the wing. The load on the t i p  section i s  re la t ive ly  low compared with tha t  on 
the inboard sections; the thickness r a t i o  of the t i p  i s  a l so  re la t ive ly  small. 
Therefore, the s l o t  was believed not t o  be needed t o  control the flow on t h i s  
l e s s  c r i t i c a l  region. The surface o i l  f i lm measurements indicate tha t  the flow 
moves smoothly over t h i s  t i p  region. 
The fuselage of the configuration was special ly  shaped and a thick glove 
w a s  added t o  the forward region of the inboard sections of the wing t o  provide 
a longitudinal area development f o r  the configuration approaching t h a t  f o r  an 
idea l  transonic body. The glove was necessary i n  order t o  allow sat isfactory 
contours of the fuselage. 
Results and Discussion 
The variation of drag coefficient with Mach number at a l i f t  coefficient 
of 0.5 f o r  the configuration incorporating the  supercr i t ica l  a i r f o i l  i s  shown 
by the sol id  l i n e  in  figure 7. For comparison, the average of s imilar  resu l t s  
obtained f o r  two recent cargo-type configurations (hereinafter ref erred t o  as 
reference) having the same sweep angle as the present model - tha t  i s ,  35' of 
the quarter-chord - are presented as the dashed l i n e  labeled "recent technology." 
The investigations of the present and reference configurations were made i n  the 
Langley 8-foot transonic pressure tunnel with the same balance and support 
st ing. The r a t i o  of wing span (approximately 5 ft) t o  tunnel width was the  
same. The Reynolds number for  the present investigation was approximately one- 
half that  for  the investigations of the reference configurations. 
For the reference configurations, boundary-layer t rans i t ion  s t r i p s  were 
placed near the leading edge on the upper surface and lower surface of the wing 
and on the fuselage. For the supercr i t ical  configuration, similar s t r i p s  were 
placed on the upper surface of the wing and on the fuselage. However, the  s t r i p  
on the lower surface was moved rearward t o  approximately the 50-percent-chord 
s ta t ion  t o  provide a r a t i o  of boundary-layer thickness t o  s l o t  height i n  the 
s lot ,  which approximates tha t  probably present i n  the s l o t  on a ful l -scale  
airplane. Such a procedure f o r  simulating a ful l -scale  boundary-layer thick- 
ness i s  described i n  paper no. 3 by Loving. Boundary-layer s t r i p s  were also 
placed on the upper surface of the a f t  component of the a i r f o i l .  
The drag resu l t s  for  the several configurations have been adjusted t o  pro- 
vide r e su l t s  for  the  same relat ive fuselage volume t o  wing area and a closed 
fuselage a f t  end. The drag resul ts  obtained fo r  the supercr i t ica l  configura- 
t i on  have been adjusted upward to  provide the drag l eve l  which would have been 
associated w i t h  a t ransi t ion-str ip  location similar t o  t h a t  f o r  the reference 
configurations. All  resu l t s  have been adjusted, on the basis  of the usual vari-  
a t ion of turbulent skin f r i c t ion  with Reynolds number, t o  a condition approxi- 
mating t h a t  fo r  an airplane of the C-5 size operating a t  an a l t i t ude  of 
35 000 fee t .  Such an adjustment provides a more r e a l i s t i c  comparison of the 
r e su l t s  f o r  the supercr i t ical  configuration and those obtained f o r  the reference 
configuration. The s lo t ,  a f t  component s t r u t s  support, glove, and the greater 
induced veloci t ies  on the surface of the supercr i t ica l  configuration a l l  
increase the skin f r i c t ion  compared with tha t  of the reference configurations. 
Thus, a comparison of the drag resul ts  a t  wind-tunnel Reynolds numbers would 
show a penalty f o r  the supercr i t ical  configuration substant ial ly  greater than 
tha t  f o r  ful l -scale  Reynolds numbers. 
The curve f o r  the reference configurations shows an abrupt drag r i s e  at a 
Mach number s l igh t ly  higher than 0.82. The supercr i t ica l  configuration experi - 
enced a s i m i l a r  r i s e  a t  a Mach number s l igh t ly  higher than 0.9; thus, the drag 
r i s e  has been delayed approximately 0.08 Mach number or 10 percent. The drag 
a t  a Mach number of 0.9 f o r  the supercr i t ical  configuration i s  approximately 
5 percent l e s s  than t h a t  f o r  the reference configurations a t  a Mach number 
of 0.82. An analysis of t h e  several differences between t h e  supercr i t ica l  
configuration and the reference configurations indicates tha t  the increased 
aspect r a t i o  should r e su l t  i n  a 9-percent reduction i n  drag and tha t  the added 
skin f r i c t i o n  should increase the drag approximately 4 percent. The delay i n  
drag r i s e  provided by the supercr i t ical  configuration f o r  a substant ial  l i f t -  
coeff ic ient  range above and below 0.50 i s  approximately equal t o  t h a t  shown i n  
f igure  7; however, at very low l i f t  coefficients,  the delay i s  reduced because 
of separation on the lower surface of the supercr i t ica l  configuration. 
The pressure dis t r ibut ions measured at' a Mach number of 0.9 f o r  a l i f t  
coefficient of 0.50 are  shown i n  figure 8. These pressure dis t r ibut ions indi- 
ca t e  no severe wave drag problems. The surface o i l  films f o r  the same condition 
indicate no significant regions of separation. A small bubble of se--ration 
occurs on the outboard region of the lower surface at  the entrance t o  the s l o t  
jus t  a f t  of the negative pressure peaks noted i n  the  pressure dis t r ibut ions.  
Further refinements i n  the shape i n  t h i s  region should eliminate the pressure 
peak and the  associated separation bubble. 
The pressure dis t r ibut ions for  a Mach number of 0.92 a t  a l i f t  coefficient 
of 0.48, as presented in f igure 8, indicate tha t  the drag r i s e  present a t  t h i s  
Mach number is  caused by a sudden rearward s h i f t  of the shock wave on the  
- 
outboard region of the upper surface t o  a posit ion near the s lo t .  The surface 
o i l  films indicate that  t h i s  shock caused separation on the aft  component and 
on a small region of the fore component. This separation pushed the shock wave 
forward i n  t h i s  region, as indicated by the pressure dis t r ibut ions.  A discus- 
sion of the e f fec t  of separation on shock posit ion i s  presented i n  paper no. 3 
by Loving. The pressure dis t r ibut ions shown i n  f igure 8 and the surface o i l  
films f o r  the same condition indicate no separation and insignif icant  shock 
losses on the en t i re  inboard region of the configuration at  M = 0.92. Similar 
detailed flow measurements indicate no severe problems i n  t h i s  inboard region 
u n t i l  a Mach number of 0.95 i s  exceeded. Thus, it appears tha t ,  t o  obtain fur- 
ther  delays i n  the drag r i s e  Mach number, the  rapid rearward movement of the 
shock wave on the outboard region of the wing must be retarded. A study of 
several means f o r  accomplishing t h i s  action i s  being planned. 
To date, no investigations of the e f fec ts  of adding nacelles t o  the con- 
figuration have been made but such an investigation i s  planned. During t h i s  
investigation, a detailed analysis of the flow phenomena associated with the 
favorable pylon-nacelle-wing interference described by Patterson i n  paper 
no. 18 w i l l  be made, with the intent,  of course, of increasing t h i s  favorable 
interference. 
A limited comparison of the t r i m ,  s t ab i l i t y ,  and buffet  character is t ics  
f o r  the supercr i t ical  configuration with those based on the reference configu- 
rations (labeled "recent technology") a re  shown i n  figure 9. The resu l t s  shown 
fo r  the supercr i t ical  configuration are  f o r  a Mach number of 0.85 which i s  
0.05 l e s s  than the probable cruise Mach number. The reference resu l t s  a re  pre- 
sented f o r  a corresponding Mach number of 0.77. A t  a l i f t  coefficient of 0.5, 
the resu l t s  f o r  the reference configurations show a pitching moment of approxi- 
mately -0.05. Such a negative pitching moment causes no severe trim problem. 
The supercr i t ical  configuration had a near zero pitching moment at  the same l i f t  
coefficient.  Thus, in  contrast  t o  the very large negative pitching moment f o r  
the two-dimensional supercr i t ical  a i r f o i l ,  as discussed i n  the section "Two- 
Dimensional Investigation," the swept wing with such an a i r f o i l  has a l e s s  neg- 
a t ive  pitching moment than wings with conventional a i r f o i l s .  The glove added 
t o  the leading edge of the inboard sections and the wing twist  required t o  
obtain the desired span load dis t r ibut ion a t  the  cruise  condition provided a 
posit ive pitching-moment increment which of fse t  the negative pitching moments 
of the sections. 
The r e su l t s  presented i n  figure 9 indicate t h a t  the supercr i t ica l  configu- 
ra t ion  experienced an increase i n  s t a b i l i t y  beyond a l i f t  coeff ic ient  of 
approximately 0.6. No abrupt decrease i n  s t a b i l i t y  was observed t o  a l i f t  
coeff ic ient  of 0.95 a t  which moderate buffeting occurred. Because of the 
inadequacy of the s t i f fness  of the support system during the investigation of 
the supercr i t ica l  configuration, no attempt w a s  made t o  obtain data a f t e r  buf- 
fe t ing  occurred. The resu l t s  f o r  the reference configurations show a decrease 
i n  s t a b i l i t y  a t  CL = 0.7. 
An indication of the possible influence of the  new a i r f o i l  shape on buffet  
character is t ics  w a s  a lso obtained during the investigation. It i s  real ized 
tha t  a quantitative indication of buffeting can be obtained only i n  f l i g h t  or 
with a dynamically similar model in a wind tunnel. The models of the  super- 
c r i t i c a l  configuration and the reference configurations a re  not dynamically 
similar t o  airplanes. However, a qual i ta t ive  comparison of the b d f e t  charac- 
t e r i s t i c s  for  the supercr i t ical  configuration and f o r  the reference configura- 
t ions i s  provided by model buffeting or shake. For the reference configurations 
i n i t i a l  model buffeting occurred a t  CL = 0.7, the l i f t  coeff ic ient  a t  which the 
abrupt decrease i n  s t a b i l i t y  occurred. (see f i g .  9 . )  The model of the saper- 
c r i t i c a l  configuration buffeted a t  a l i f t  coefficient of about 0.95, a value 
one-third higher than tha t  f o r  the reference configurations- 'kese l imited 
s t a b i l i t y  and buffet  resu l t s  suggest t ha t  the flow through the  s l o t  and the 
shape of the  supercr i t ical  a i r f o i l  probably provide a strong favorable e f fec t  
on boundary-layer separation at  high l i f t  coefficients as  well as  the design 
condition. 
Thus f a r  no resu l t s  have been obtained wfiich define the landing and take- 
off character is t ics  a t  low speeds f o r  the configuration with the supercr i t ica l  
a i r f o i l .  However, as shown in  figure 6 ,  the present model has very large 
leading-edge r a d i i  (0 .027~) .  The favorable influence of such r ad i i  on the low- 
speed, h igh- l i f t  character is t ics  should more than of fse t  any adverse e f fec t  of 
the negative camber of the fore  component. Thus, there appears t o  be no obvious 
reason f o r  the character is t ics  a t  low speeds being any worse than those f o r  
configurations with conventional a i r f o i l s .  The a f t  ccmponent of the  super- 
c r i t i c a l  a i r f o i l  can probably be incorporated in to  the low-speed landing-flap 
system and, thus, should not ma te r id ly  increase the complexity of an already 
complex airplane. 
The determination of the influence of the  new a i r f o i l  on wing weight w i l l  
require a very comprehensive analysis. However, one factor  controll ing t h i s  
weight i s  discussed here br ief ly .  A t  the cruise condition, the a f t  component 
produces approximately 40 percent of the  l i f t  of the wing. However, the s t ruc-  
t u r e  of the airplane configuration i s  usually designed on the basis of the 
higher maneuver l i f t s .  When the angle of a t tack i s  increased t o  produce these 
higher lifts, the  load on the a f t  component remains approximately constant and 
the fore cmponent produces the additional l i f t .  Therefore, the proportion of 
the load on the aft  component at these conditions i s  substant ial ly  l e s s  than 
t h a t  a t  the cruise condition. Thus, it might be expected t h a t  the s t ruc tu ra l  
weight penalty associated with the loads on the a f t  component would not be as 
great  as indicated by the load dis t r ibut ions obtained a t  the cruise  l i f t  
coeff ic ient  . 
CONCLUDING REMARKS 
Presently, with a swept-wing configuration incorporating the proposed 
supercr i t ica l  a i r f o i l ,  a subsonic cruise  Mach number of 0.90 has been achieved. 
This Mach number i s  approximately 10 percent higher than t h a t  f o r  the most 
recent comparable configurations with essent ia l ly  conventional a i r f o i l s .  The 
drag a t  near the cruise condition is  about 5 percent lower than tha t  f o r  the 
comparable conventional configurations. Also, it appears t h a t  the  supercr i t ica l  
a i r f o i l  affords a significant improvement i n  high l i f t  s t a b i l i t y  and buffeting. 
Further research may reveal insurmountable problems. On the  other hand, 
it i s  l i ke ly  tha t  the research w i l l  indicate fur ther  advantages f o r  the new 
a i r f o i l  shape. For the present, the r e su l t s  presented indicate tha t  the pro- 
posed concept has interesting prac t ica l  promise. 
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LIFT-INDUCED DRAG AT SUPERSONIC SPEEDS 
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SUMMARY 
Tine current s t a t e  of the  art  of predicting and & i i i m i H ~ g  l i f t - i n & ~ c e d  
drag a t  supersonic speeds a s  practiced a t  the Langley Research Center i s  
reviewed. Numerical methods of implementing the l inearized theory f o r  use 
on high-speed electronic computers a re  outlined, and applications of the 
methods t o  wings, wing-body combinations, and complete configurations are  
studied. It i s  conclilded t h a t  the techniques a re  generally applicable i n  
the supersonic speed range a t  leas t  up t o  a Mach number of 3 fo r  configura- 
t ions employing slender bodies and th in ,  moderately cambered wings, as  
represented by current supersonic-transport designs. 
INTRODUCTION 
I n  the past few years, a significant par t  of the theore t ica l  drag- 
reduction potent ia l  of warped supersonic wings ( re fs .  1 t o  3) has been 
achieved i n  wind-tunnel experiments ( r e f s  . 4 and 5 )  . Successful applica- 
t i o n  of the theore t ica l  concepts has been due i n  par t  t o  the imposition of 
experimentally determined res t ra in ts  on camber surface severi ty  ( r e f s .  4 
and 6) . Experimental studies (refs  . 7 t o  9) have a lso  shown the manner i n  
which wing warp may be incorporated in to  complete airplane configurations 
so a s  t o  preserve and enhance the benefits of the wing design. Another 
recent development has been the  implementation of the theory by numerical 
, methods programed f o r  high-speed computers ( r e f s .  10 t o  12). These pro- 
grams provide a ve r sa t i l e  s e t  of tools fo r  rapid estimation and optimiza- 
t ion  of wing aerodynamic characteristics.  The purpose of t h i s  paper i s  t o  
review the nature of the theory and numerical methods of implementation and 
t o  discuss the findings of experimental studies regarding the appl icabi l i ty  
of the methods t o  wings alone, t o  wing-body combinations, and t o  complete 
configurations . 
SYMBOLS 
C D drag coefficient 
N~ incremental drag coefficient due t o  l i f t  
CL l i f t  coefficient 
I--- ----- 
' Preceding page blank 38, - 
- - 
CL,des l i f t Q & e i i i c i e n t  for  which the warped wing surface i s  designed t o  
produce a  minimized drag 
4 
C L , ~ ~ ~  l i f t  coefficient yielding m a x i m  l i f t -drag  r a t i o  fo r  a  theoret ical ly  
optimum surface 
c m pitching-moment coefficient about the 0.45E s ta t ion  
Cm,o pitching-moment coefficient a t  zero l i f t  
P pressure coefficient 
C Y side-force coefficient 
C r root chord 
- 
c mean aerodynamic chord 
(L/D),, maximum l i f t -drag r a t i o  
M Mach number 
RE Reynolds number based on mean aerodynamic chord 
w upwash velocity 
x* wing shear parameter (see f i g .  6) 
z camber-surface ordinate 
a angle of attack 
DISCUSSION 
Numerical Analysis of Lif t ing Surfaces 
An i l l u s t r a t ion  of the representation of a  wing i n  the numerical analysis 
i s  given i n  f igure 1. A simplified analysis may be made f o r  the  pa i r  of l i f t i n g  
elements shown a t  the l e f t  of the figure. I n  generating l i f t ,  the forward ele-  
ment of the pa i r  creates a  downwash f i e l d  between t r a i l i n g  t i p  vortices and an 
upwash f i e l d  i n  the  remainder of the Mach cone region. L i f t  generated by the  
rearward element de~ends on i t s  a t t i t ude  re la t ive  t o  the upwash created by the  
forward element. Linearized theory provides a  solution f o r  the l i f t i n g  charac- 
t e r i s t i c s  of an element i n  the flow f i e l d  created by one or  more forward e le -  
ments, each generating a  given l i f t .  The upwash f i e l d  a t  the element i s  related 
d i rec t ly  t o  the l i f t  of the forward element and only indirect ly  t o  the angle of 
a t tack required f o r  that  l i f t ;  thus, the case i n  which the required angle i s  
related t o  a  specified load i s  termedthe direct  solution. A complete wing 
represented as an array of elements i s  shown a t  the r ight  of figure 1. This 
drawing i s  schematic; i n  ac tua l  practice,  many more elements would be used. I n  
the  d i r ec t  solution,  l i f t i n g  pressures a r e  assigned t o  each of t he  elements and 
the  required surface slopes a re  found. I n  t h e  inverse solut ion,  t he  surface 
slopes a re  specif ied and t h e  resu l t ing  l i f t i n g  pressures a re  found. The inverse 
solution i s  more complex but may be handled numerically, provided the  calcula-  
t i ons  a r e  made by following a precise routine - t h a t  i s ,  by working from the  
forward t o  t he  rearward elements. 
It may be observed t h a t  t h e  greatec+, benef i t s  of warping a r e  derived f o r  
wings with leading edges swept behind t he  Mach l i n e .  The leading-edge elements, 
ac t ing i n  t he  upwash f i e l d  of 'he forwa.rd elements, generate f a i r l y  large  
amounts of l i f t  on a forward-facing slope, and thus produce a t h r u s t  component 
ra ther  than a drag component. However, even f o r  planforms f o r  which the  drag 
reduction i s  small, the  use of twis t  and camber i s  worthy of invest igat ion,  
since it can help reduce t he  problem of t he  supersonic aerodynamic-center s h i f t .  
Figures 2 and 3 i l l u s t r a t e  the design and analysis  t oo l s  provided by t he  
numerical solut ions  of the  theory. An example of t he  d i r ec t  problem I s  shown 
i n  f igure  2. A planform and a desired loading d i s t ~ . i b u t i o n  (represented by the  
arrows) a re  specif ied,  and a surface which w i l l  support t ha t  loading i s  deter-  
mined. Symbols on t h e  p l o t  represent wing forces ,  and i n s e t  sketches show t h e  
corresponding shapes of t h e  camber surfaces a s  determined by use of t he  method 
of reference 1 C .  The c i r cu l a r  symbol represents a solution f o r  t he  surface 
required t o  y i e l d  an a r b i t r a r i l y  se lec ted  d i s t r i bu t i on  of load a t  a specif ied 
l i f t  coeff ic ient .  The somewhat unusual loading d i s t r i bu t i on  se lec ted  i s  only 
one of many poss ible  dis t r ibut ions .  
By determi2ing t h e  solutions f o r  th ree  or  more spec i f ic  load d i s t r ibu t ions  
and by xsing a numerical evaluation of t h e  mutual in terference of loadings and 
surfaces,  an optimum combination of loadings f o r  minimum drag i s  obtained. The 
square symbol represents t he  solution f o r  a surface defined by an optimum com- 
binat ion of th ree  loadings. The s o l i d  l i n e  shows t h e  var ia t ion  of drag incre-  
ment with l i f t  f o r  a wing which i s  allowed t o  assume the  optimum shape a t  a l l  
l i f t  coef f ic ien t s .  Since a r e a l  wing must have a f ixed surface shape, t h i s  
curve forms a lower-bound envelope of poss ible  drag reduction f o r  a giver, 
planf om.  
Because of necessary departures from the  idea l ized  optimum camber surfaces 
i n  a i rplane design, it i s  advantageous t o  have a means of evaluating a r b i t r a r i l y  
se lected shapes f o r  use i n  t rade s tudies .  I n  fi.,aure 3 i s  shown an example of 
the  inverse problem t r ea t ed  i n  references 11 and 12. A planform and a canibered 
surface shape a r e  given, and t he  l i f t  loading and t he  resu i tan t  forces  a r e  
determined. The c i rcu la r  symbol represents the  machine solut ion f o r  a wing 
of specif ied shape a t  a reference a t t i t u d e  of 0°, and the  corresponding i n se t  
sketch shows t he  d i s t r ibu t ion  of l i f t i n g  pressures.  A specia l  case of camber 
surface shape i s  a f l a t  p l a t e .  The solut ion f o r  t h e  l i f t i n g  pressures and 
forces  on a f l a t  wing having the  same planform as  t h e  wing of spec i f i ed  shape 
i s  represented by the  dashed l ine .  These two solut ions  may be combined t o  
define the  pressures and drag for the  cambered wing of specified shape as the  
engle of a t t ack  and l i f t  coefficient  a r e  varied.  The s o l i d  l i n e  represents 
the combined solution and the inse t  sketches along t h i s  l i n e  i l l u s t r a t e  the  
variations i n  wing loading with l i f t  coefficient.  
I The computer programs thus serve the following purposes: 
(1)  To define a lower bound of possible drag reduction and describe the 
theore t ica l  lower-bound shapes 
( 2) To define the loadings and l i f t  -drag character is t ics  of a r b i t r a r i l y  
selected wing shapes 
(3)  To describe the  loadings and l i f t -drag  character is t ics  of f l a t  wings 
having the same g~lanform as  the  wings of specified shape, the l i f t -drag char- 
ac t e r i s t i c s  being a base point fo r  judging the benefits of twist and camber 
I n  current configuration analyses, the l i f t i n g  ef fec ts  f o r  an in f in i t e ly  
t h i n  wing calculated by use of these programs are  added d i rec t ly  t o  the e f fec ts  
of thickness evaluated independently by use of machine programs based on 
supersonic-area-rule concepts ( r e f .  13). Thus, the poss ib i l i ty  of mutual 
interaction between l i f t  and volume i s  not considered. I n  addition, no account 
i s  taken of the  leading-edge suction forces which, although important a t  sub- 
sonic speeds, have not been found t o  ex i s t  t o  any appreciable extent a t  super- 
sonic speeds. The presence of a detached leading-edge vortex flow, which could 
influence t o  some degree the loadings and forces a t  supersonic speeds, i s  
similarly neglected. 
Application of Analysis Methods 
Application t o  wings alone.- An example of the use of wing warp t o  provide 
a reduction i n  drag a t  l i f t i n g  conditions and an improvement i n  t r i m  character- 
i s t i c s  i s  shown i ~ f i g u r e  4. An investigation of the semispan wing shown a t  
the upper l e f t  of the figure was conducted a t  a Mach number of about 2 and a 
Reynolds number of 4.4 x 106 i n  the Langley 4- by 4-foot supefsonic pressure 
tunnel ( r e f .  4) . A warped wing and a f l a t  wing of the same planf orm were inves - 
t igated. The experimental resu l t s  a re  compared with theore t ica l  curves fo r  
these two wings and with a theoret ical  curve for  a wing defined by an optimum 
combination of loadings. The drag of the warped wing i s  somewhat higher than 
tha t  of the f l a t  wing a t  zero l i f t ,  but i s  s ignif icant ly lower than t h a t  of the 
f l a t  wing a t  the higher l i f t  coefficients.  The f a c t  t h a t  t he  experimental 
r e su l t s  f a i l  t o  achieve the  theoret ical  drag levels  for  the  optimuni surface i s  
t o  be expected, inasmuch a s  an i n f i n i t e  incidence a t  the  root chord i s  unreal- 
i s t i c a l l y  assumed for the theoret ical ly  optimum surface. Although the optimum 
loading theory indicates a maximum l i f t -drag  r a t i o  for  a l i f t  coefficient of 
about 0.16, it was found tha t  a wing designed fo r  a theore t ica l ly  minimum drag 
a t  t ha t  l i f t  coefficient actual ly  performed l i t t l e  be t t e r  than the f l a t  wing. 
Experimental evidence has shown tha t  be t te r  r e su l t s  a re  obtained when the l i f t  
fo r  maximum l i f t -drag r a t i o  i s  due i n  par t  t o  the  warped surface and i n  par t  
t o  the angle of attack of tha t  surface. The par t icu lar  warped wing surface 
shown i n  t h i s  figure was designed t o  produce a l i f t  coefficient of 0.0e. In 
addition, the  wing employed res t r ic t ions  i n  incidence of the root chord and i n  
l oca l  loading ( r e f .  6 ) .  The inverse program may be used t o  assure tha t  these 
departures from the theoretically optimum surface introduce no large penal t ies .  
Figure 4 also shows tha t ,  i n  addition t o  providing fo r  reduced drag, the wing 
warping resu l t s  i n  a more positive pitching-moment coefficient which permits 
more ef f ic ien t  trimming of the configuration. 
The necessity f o r  r e a l i s t i c  r e s t r a in t s  on the severi ty  of camber surfaces 
i s  i l l u s t r a t ed  i n  figure 5 .  Measured and predicted maximum l i f t -drag  r a t i o  
and pitching-moment coefficient a t  zero l i f t  a re  shokn ?or a ser ies  of three 
wings (from re f .  4) differ ing only i n  the degree of warping, which i s  dictated 
by the design l i f t  coefficient.  The design l i f t  coefficient CL,des i s  re fer -  
red t o  the l i f t  coefficient giving maximum l i f t -drag  r a t i o  for  the tneore t ica l ly  
optimum wing surface Inset sketches show the increasing severity of 
the wing surface with increases in  the  design l i f t  coefficient.  The highest 
l i f t -drag  r a t i o  obtained experimentally i s  lower than the theore t ica l  maximum 
and occurs fo r  a value of CL,des about half  as  large as  tha t  required f o r  the 
theore t ica l  maximum. This resul t  i s  probably due t o  the increasing inapplica- 
b i l i t y  of the l inear izedtheory  as the surface becomes more highly warped. It 
should not be assumed tha t  a r a t i o  of CLJdes t o  CL,opt of 0.5 i s  t o  be used 
i n  a l l  instances. The choice of design l i f ' t  coefficient w i l l  be influenced by 
the  planform and the  Mach number and by moment considerations as  well. It 
should be noted tha t ,  as  shown a t  the  r ight  of the figure,  the beneficial  
pitching-moment coefficient a t  zero l i f t  increases s teadi ly as the value of 
c ~ , ~ ~ ~ / C ~ , ~ ~ ~  i s  increased from, 0 t o  1 .O. 
The l inearized theory, on which the methods of twisted and cambered wing 
design are  based, s e t s  specific requirements fo r  the surface slope with respect 
t o  the f l igh t  direction but imposes no r e s t r i c t ions  on the slope with respect 
t o  the l a t e r a l  direction. Results from a recent experimental investigation 
which i l l u s t r a t e  the importance of lateral-slope considerations a re  shown i n  
figure 6. The models were variations of the  basic wing shown i n  figure 4, which 
had a design lift coefficient of 0.08. The wings have been sheared t o  produce 
a f l a t  l a t e r a l  section a t  various s tat ions x* along the root chord of the 
wing, as shown i n  the inse t  sketch a t  the upper r ight .  The variation of meas- 
ured (L/D),, with the  shear parameter xY/cr i s  shown, along with sketches 
of the side views of the semispan wings. The experimental data indicate t h a t  
maximum performance i s  at ta ined for  values of x*/cr near 0.5. It muld  
appear that  best resu l t s  a re  obtained when the surface i s  arranged t o  l i e  i n  
as  nearly a single plane as possible without changing the streamwise slopes. 
The resu l t s  of an experimental study i n  which wing dihedral i s  the variable 
( r e f .  14) lead t o  a similar conclusion. 
Application t o  wing-bodies.- An important consideration i n  the application 
of twisted and cambered wing design i s  the manner i n  which wing and fuselage 
a re  combined. Reference 7 gives maximum l i f t -drag  r a t ios  fo r  wing-fuselage 
combinations employing the basic cambered wing of figure 4, and these data are  
presented i n  figure 7. Also, for reference purposes, data are  presented f o r  
a combinatl.on i n  which the uncambered or f l a t  wing i s  used. It was previously 
believed tha t  a fuselage alined with the f ree  stream would be beneficial  i n  
t h a t  it would cover up t he  troublesome inboard wing region having large  surface 
slopes. Experimental data f o r  the  f i r s t  of t he  warped-wing-fuselage configura- - 
t i o n s  i n  f igure  7 indicate ,  however, t h a t  t he  combination with a fuselage so 
a l ined  has a maximum l i f t - d r a g  r a t i o  only s l i g h t l y  l a rge r  than t h a t  of t he  f l a t -  
wing-body configuration. Another possible way of combining the  wing and fuse- 
lage i s  t o  a l i ne  t he  fuselage with t he  wing root  chord. As shown i n  f igure  7, 
t he  m a x i m u m  l i f t - d r ag  r a t i o  f o r  t h i s  combination i s  considerably l a rge r  than 
t h a t  f o r  t he  flat-wing-body configuration. The f i n a l  configuration i n  t h i s  
f i gu re  employs a fuselage which i s  a l ined  with t h e  root  chord but which has a 
r e f l e x  a t  t h e  wing apex and a t  t h e  root-chord t r a i l i n g  edge. I n  e f f ec t ,  the  
thickness of t h i s  configuration, both wing and fuselage, i s  displaced symmetri- 
c a l l y  about t h e  camber surface defined fo r  t h e  wing planform. For t he  design 
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a l ined  with the  f r e e  stream and ca r r i e s  l i t t l e  o r  no l i f t .  This wing-body com- 
binat ion prcduced the highest  maximum l i f t - d r a g  r a t i o  of the  t e s t  configura- 
t i ons ;  t he  i-atio was about 1.1 la rge r  than fo r  t he  uncambered- o r  flat-wing- 
body configuration. It would appear t h a t  such an arrangement of the  configura- 
t i o n  volume preserves t he  d i s t r i bu t i on  of wing loading prescribed by the  wing 
theory. Theoretical  maximum l i f t - d r a g  r a t i o s  evaluated by use of t he  mean- 
camber-surface concept, which i s  discussed i n  t he  following paragraph, p red ic t  
reasonably wel l  the  performance gains of t he  l a s t  two configurations i n  f i g -  
ure  7 but f a i l  t o  assess properly the  penal t ies  associa ted with the  s t r e m r i s e  
fuselage alinement . 
The concept of a mean camber surface i s  qu i te  use fu l  i n  analyzing the  char- 
a c t e r i s t i c s  of a wing-body configuration with appreciable t h i c h e s s .  An appl i -  
ca t ion of t h i s  kind of analys is  t o  t h e  predic t ion of in terference e f f ec t s  f o r  
a delta-wing-wedge-body model a t  .M = 2.0 ( r e f .  15) i s  shown i n  f igure  8. 
Lift-drag polars  and curves f o r  angle of a t t ack  a s  a function of l i f t  coeff i -  
z ien t  a re  shown f o r  a high-wing m d  a low-wing configuration. The l i f t  char- 
a z t e r i s t i c s  have been estimated from program calcula t ions  f o r  a warped surface 
formed by t he  locus of points midway between t h e  upper and lower model surfaces.  
Since t h e  numerical solut ion cannot work with discontinuous slopes, it i s  neces- 
sary  i n  t h i s  example t o  approximate t he  mean camber surface with a surface t h a t  
va r ies  gradually from element t o  element. The s tep  i n  t h e  surface i s  thus 
replaced by a s e r i e s  of ramps extending over a number of g r i d  elements. It i s  
a l so  necessary t o  tax  t h e  machine storage capacity i n  order t o  obtain a good 
approximation of t h i s  model surface,  obviously an extreme case of a warped wing 
surface.  The data  show t h a t  the  high-wing configuration has lower drag a t  
l i f t i n g  condition than does t he  low-wing con f igna t i on  and t h a t  t he  theory cor- 
r e c t l y  p red ic t s  t h i s  drag. It should be noted t h a t  t h e  mean camber surface 
used t o  represent the high-wing model more near ly  corresponds t o  t he  surface 
required f o r  an optimum combination of loads. The use of favorable-interference 
concepts, as  exemplified by t he  high-wing model, i s  i n  a sense a spec ia l  case of 
tw i s t  and camber. As shown a t  t h e  r i gh t  of t he  f igure ,  t h e  theory somewhat 
overestimates t he  influence of t he  wedge i n  t he  generation of in terference l i f t ,  
perhaps because i n  r e a l  flow the  body pressure f i e l d  extends some distance ahead 
of t h e  theore t ica l ly  sonic leading-edge wing. 
Since a mean camber surface may be used t o  represent t h e  l i f t i n g  e f f ec t s  
of a wing-body combination, it would be expected t h a t ,  conversely, l i f t i n g  
effects for  a theoret ical ly  determined mean camber surface would be best 
retained with a symmetrical distribution of thickness above and below tha t  
surface. 
Positioning of engine nacelles or  s tores  has an important influence on con- 
figuration aerodynamic characteristics.  Fair ly  large variations i n  wave drag 
a t  zero l i f t  can r e su l t  from variations of nacelle location r e l a t ive  t o  the 
wing-fuselage. A s  i l l u s t r a t ed  i n  figure 9, nacelle alinement a l so  influences 
the drag. This figure presents data from referehce 8 and shows the veris.tion 
of ED f o r  the wing-nacelle combination with alinement or  cant angle a t  
CL = 0.16. By definit ion, the  drag increment i s  zero for  zero cant angle. As 
shown i n  the inset  sketch, a nacelle-pylon ins t a l l a t ion  experiences a side force 
due t o  the flow angularity produced by the wing. A component of t h i s  force ac ts  
i n  the drag direction. When the nacelle i s  a l ined with the loca l  flow, there 
i s  no side force and no drag component. When the nacelle i s  al ined with the 
airplane axis or the f ree  stream, there i s  a side force normal t o  the nacelle 
but the drag component i s  zero. For a cant angle larger  than the flow angle, 
the side-force vector reverses and considerable drag can resu l t .  Also, f o r  
negative cant angles, the drag penalties can become large.  It i s  interest ing 
t o  note tha t  a thrust ,  not a drag, i s  indicated fo r  cant angles between the f r ee  
stream and the loca l  flow, with the maximum thrus t  halfway between the two. 
Set t ing a nacelle-pylon combination a t  such an angle resu l t s  i n  somewhat higher 
drag a t  zero l i f t  but produces, as does a twisted or cambered wing, a reduction 
i n  drag a t  design conditions. Calculations of local-flow angle i s  not now a 
par t  of the  machine programs, but may be handled by a graphical integration of 
pressures t o  obtain velocity potential  and a subsequent different iat ion t o  
obtain surface veloci t ies .  When calculated surface angles a re  used t o  optimize 
nacelle-pylon alinement, some correction should be made f o r  the tendency t o  
overestimate flow angularity off the wing surface a t  the pylon location. I n  
the example given here the measured flow angle a t  the nacelle was only about 
two-thirds of the predicted surface angles. These considerations a re  a l so  
applicable t o  any ve r t i ca l  surfaces displaced from the airplane axis (e.g., 
outboard ve r t i ca l  f i n s )  . This rather simplified analysis of a complex s i tua-  
t i on  has proved effect ive i n  obtaining drag reduction. 
Application t o  complete configurations.- The individual elements of design 
philosophy as  applied t o  airplane components have been discussed. I n  t h i s  sec- 
t i o n  of the paper the integration of these elements in to  complete-configuration 
design i s  considered. The supersonic-transport design of reference 9 shown i n  
figure 10 has been derived i n  part  from skin-friction and wave-drag considera- 
t ions  which tend t o  minimize drag a t  zero l i f t .  It a lso  e q l o y s  t o  some degree 
a l l  the design considerations pre'i.iously discussed - t ha t  i s ,  the r e s t r i c t ed  
design l i f t  coefficient fo r  the wing surface, the shear consideration, the 
nacelle and f i n  alinement, and the symmetrical dis t r ibut ion of thickness about 
the wing camber plane. I n  addition, f o r  tha t  region of the wing influenced by 
the nacelle thiclmess pressures (the shaded area and the lower cross section) 
the computed wing surface has been a l te red  i n  order tha t  the net l i f t  dis t r ibu-  
t i o n  on the wing surface including the nacelle-induced pressures would be the 
z m e  as tha t  specified by the wing theory. The wing loading due t o  the nacelle 
:rz=ssure f i e l d  has been calculated and the wing mean camber surface has been 
reflexed t o  introduce a compensating loading. Detailed interference considera- 
t ions  discussed i n  reference 16 lead t o  the same design procedure. 
Shown i n  figure 11 are  the l i f t -drag character is t ics  of the  optimized con- 
figuration a t  a Mach number of 2.6 fo r  a tunnel Reynolds number of 4.5 X 106. 
Data on the l e f t  side of the figure are  for  the wing-fuselage combinations alone. 
Measured and calculated l i f t  -drag polars a re  plot ted f o r  the warped-wing-body 
and fo r  a similar configuration without wing warp. For the higher l i f t  coef- 
f i c i en t s  considered, the warped-wing-body i s  seen t o  provide a s ignif icant  
reduction i n  drag. On the r ight  side of the figure,  the l i f t -drag  polar f o r  
the complete configuration shows the e f fec t  of the nacelles and ve r t i ca l  f i n s  
added i n  accordance with the previously outlined design concepts. Although 
there i s  a sizable i m r ~ a s e  of rFrsg a t  zero l i f t ,  f~-~cr~ble - i~ te r fe re ; ; ce  CGG- 
siderations and wing ref lex have nearly compensated f o r  the additional nacelle 
and f i n  wave drag and skin-friction drag f o r  prac t ica l  values of l i f t  coeffi-  
c ient .  Furthermore, the tunnel (L/D),, of 7.9 i s  f o r  a complete configura- 
t i o n  which has substantial  pitching moment a t  zero l i f t  and which would be 
expected t o  have l i t t l e  or no trim drag penalty. Extrapolation t o  full-scale 
cruise f l i gh t  conditions yields  a value of (LID), of about 9.5. 
The benefits of the wing twist and camber and favorable-interference con- 
siderations are  not confined t o  a specific design point,  but have been found 
t o  extend over wide ranges of Mach number and l i f t  coefficient,  as  shown i n  
references 9 and 17. 
CONCLUDING FEMARKs 
The design and estimation techniques discussed herein have been shown t o  
be applicable i n  the supersonic range a t  l eas t  up t o  a Mach number of 3.0 fo r  
configurations employing slender bodies and thin,  moderately cambered wings. 
Thus, i f  a configuration meets the requirements for  e f f i c i en t  supersonic cruise 
( a  necessity f o r  supersonic-transport designs), the methods may be used with 
some confidence i n  estimating and optimizing the aerodynamic character is t ics .  
With configurations fo r  which supersonic cruise efficiency i s  not a major con- 
sideration (e.g. ,  supersonic dash vehicles),  there may be some question as t o  
the appl icabi l i ty  of methods based on linearized theory. 
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WAVE DRAG AT LIFTING CONDITIONS 
By Roy V. Harris, Jr. 
NASA Langley Research Center 
SUMMARY 
A numerical technique fo r  an application of the fa r - f ie ld  l i nea r  theory 
i s  presented. This technique, when adapted t o  the high-speed electronic  dig- 
i t a l  computer, provides a pract ical  means f o r  analyzing the t o t a l  wave drag 
of an airplane a t  l i f t i n g  conditions. An indication of the accuracy of the  
method a t  l i f t i n g  conditions i s  shown by comparing measured pressure signa- 
tures  a t  various azimuth angles about an airplane model with those predicted 
by theory. Calculations a re  made t o  i l l u s t r a t e  some ef fec ts  of configura- 
t i on  variables on the t o t a l  wave drag of an airplane a t  l i f t i n g  conditions. 
INTRODUCTION 
The recent development of numerical techniques fo r  estimating and 
optimizing the  l i f t -drag  character is t ics  of supersonic crqise  vehicles has 
led  t o  significant improvements i n  aerodynamic performance a t  supersonic 
speeds ( r e f .  1 ) .  Most of these techniques have resul ted from applications 
of exis t ing theories t o  the  high-speed electronic d i g i t a l  computer. A s  a 
r e su l t ,  analyt ical  approaches which once were considered too complex f o r  
prac t ica l  application can now be used t o  conduct aerodynamic t rade studies 
i n  time t o  a f fec t  t he  preliminary d e s i s  of airplanes. 
Two approaches t o  the analytical drag buildup of an airplane a t  super- 
sonic speeds a re  i l l u s t r a t e d  i n  figure 1. On the l e f t  of the figure i s  an 
i l l u s t r a t i v e  drag polar f o r  a supersonic-cruise vehicle with the cruise  l i f t  
coefficient indicated by the  solid symbol. For purposes of analysis,  the  
drag i s  usually considered t o  be composed of skin-friction drag, zero- l i f t  
wave drag (o r  wave drag due t o  volume), and drag due t o  l i f t .  This approach 
t o  the  drag calculation was used in paper no. 26 by Harry W. Carlson and 
F. Edward McLean. It should be noted, however, t ha t  the drag due t o  l i f t  
consists of par t  vortex drag and part  wave drag due t o  l i f t ,  and tha t  the 
approach u t i l i zed  by Carlson and McLean neglects any interference ef fec ts  
between the  wave drag due t o  l i f t  and t h a t  due t o  volume. A more funda- 
I 
mental approach, as i l l u s t r a t ed  by the bar graph on the r ight ,  i s  t o  con- 
s ider  the drag t o  be composed of i ts  three basic elements, f r i c t ion  drag, 
t o t a l  wave drag (including tha t  due t o  l i f t ) ,  and vortex drag. Some aspects 
of the techniques for  calculating skin-friction drag are  discussed i n  paper 
no. 30. by John B. Peterson, Jr., and W i l l i a m  J. Monta and i n  paper no. 31 by 
K. R.  Czarnecki. The calculation of vortex drag a t  supersonic speeds f o r  
the condition of 100 percent leading-edge suction i s  the same as  the  
calcu?ztiolL of induced drag a t  subsonic speeds and depends only on t h e  span- 
wise load d i s t r ibu t ion  ( r e f .  2 ) .  For t he  more r e a l i s t i c  condit ion i n  which 
l i t t l e  o r  no leading-edge suction i s  achieved a t  supersonic speeds, t h e  problem 
i s  more complex and no su i t ab le  numerical technique present ly  e x i s t s .  A numer- 
i c a l  technique has  been developed f o r  t h e  analys is  of a i rp lane  wave drag a t  
l i f t i n g  condit ions,  and t h e  purpose of t h i s  paper i s  t o  present  t h i s  new appl i -  
ca t ion of t h e  f a r - f i e l d  l i n e a r  theory which, when adapted t o  t h e  high-speed 
e lec t ron ic  d i g i t a l  computer, provides a p r a c t i c a l  means f o r  analyzing t he  t o t a l  
wave drag of an airplane a t  l i f t i n g  condit ions.  
SYMBOLS 
A equivalent-body area  due t o  volume 
C~ total-&ag coef f ic ien t  
CDYwave wave-drag coef f i c ien t  
c L l i f t  coeff ic ient  
D wave drag 
2 componect of sect ion lift along in te rcep t  of a i rp lane  and t he  Mach 
cu t t ing  plane, taken i n  d i rec t ion  of 8 
L length  of equivalent body 
I4 Mach number 
P reference s t a t i c  pressure 
Lq incremelltal pressure due t o  flow f i e l d  of a i rp lane o r  model 
Y d y n a ~ i  z pres  sure 
x,y,z coordinates along X, Y ,  an3 Z axes 
x,y,z ax i s  systerr, of a i rp lane  o r  nodel 
8 a z i r r ~ t h  an~ie ref1:rred to c o ~ t r o l  cyl inder ,  a s  shown i n  f iw- r e  2 
Primes a r e  used t o  ind ica te  der ivat ives  with respect  t o  x. 
DISCUSSION 
Calculation of Wave Drag a t  Lif t ing Conditions - 
The far - f ie ld  linear-theory approach t o  supersonic flow i s  i l lus t r t - r  
f igure 2. Consider an airplane i n  a steady supersonic stream and the cylinul,-- 
c a l  control volume suggested by Hayes i n  reference 2. Define the azimuth 
angle 8 t o  be such tha t  8 i s  zero t o  the s ide of the airplane, with nega- 
t i v e  values below the airplane and posit ive values above it. Consider next a 
point on the surface of the  control volume below the airplane and between the 
forward and rearward t r a i l i n g  Mach cones. The upstream Mach forecone from t h i s  
point represents a surface of coincident signals i n  tha t  a l l  disturbances which 
l i e  i n  t h i s  plane ar r ive  a t  the point simultaneously. It i s  possible, there- 
fore ,  t o  determine a l inear  dis t r ibut ion of s ingular i t ies  tha t  produce the saae 
pressure disturbances as the airplane a t  the  surface of the control volume. 
If the dimensions of the control volume are  allowed t o  become in f in i t e ly  la rge ,  
t he  surfaces of coincident signals become planes i n  the v ic in i ty  of the  a i r -  
plane, and the l inear  source-sink dis t r ibut ion can be re la ted  t o  an equivalent- 
body area dis t r ibut ion (shown in  f i g .  2) ,  which i s  determined by the intercepts  
of the planes of coincident signals ( referred t o  as  the "Mach cutting planes") 
and the airplane. The dotted l ines shown i n  the  area-distribution sketches 
indicate the equivalent-body area dis t r ibut ion due t o  volume and the  so l id  
l i n e s  indicate the t o t a l  equivalent-body area dis t r ibut ion including the e f f ec t s  
of l i f t .  
The mathematical basis  f o r  the concept of equivalent area dce t o  l i f t  can 
be determined. from the following equation f o r  airplane wave drag ( r e f s .  2 
and 3)  t ha t  was derived by use of the  fa r - f ie ld  linear-theory approach: 
This equation shows tha t  the ra t io  of the wave drag t o  the free-stream dynamic 
pressure is  a function of the  second derivative of the equivalent-body area 
dis t r ibut ion due t o  volume A(X,O) and i s  a l so  a function of a term t h a t  i s  
proportional t o  the f i r s t  derivative of the longitudinal dis t r ibut ion of l i f t  
2(x,0), as  determined by the Mach cutting planes. I f  the  term S ( X , O )  i s  so 
defined tha t  
P 
~ l ! ( ~ , e )  = A " ( x , ~ )  - - 2'(x,e) 
2q 
then 
It can thus be seen tha t  s ( x , ~ )  i s  equal t o  the equivalent-body area dis- 
t r ibut ion  due t o  volume minus a term which has uni t s  of area and i s  a function 
of the longitudinal l i f t  dis t r ibut ion as  determined by the Mach cut t ing planes. 
This term i s  defined a s  the equivalent-body area due t o  l i f t .  A s  i l l u s t r a t e d  
i n  f igure 2, the  equivalent-body area due t o  l i f t  varies from positive values 
below the a."rplane to  negative values above the airplane. To the s ide of the 
airplane,  he area due t o  l i f t  becomes zero since there i s  no component of 
3 5 f t  - #  7 1   his direction. It should be noted tha t  the  pressures tha t  occur 
b: the airplane cause the sonic boom along the ground track. Also, the 
equivalent-body area dis t r ibut ion corresponding t o  8 = -go0 i s  used i n  the 
calculation of sonic-boom signatures. This subject i s  t rea ted  subsequently i n  
paper no. 29 by McLean, Carlson, and Hunton. 
An i l l u s t r a t ion  of the procedure t h a t  has been programed f o r  determining 
the equivalent-body area dis t r ibut ions of an airplane a t  l i f t i n g  conditions i s  
presented i n  figure 3. The l e f t  side of the figure i l l u s t r a t e s  the procedure 
f o r  determining the area due t o  volume and the r ight  s ide of the  figure i l l u s -  
t r a t e s  the  procedure used t o  determine the area due t o  l i f t .  For calculation 
of the equivalent-body area due t o  volume, a mathematical representation of 
the airplane i n  terms of the x, y, and z coordinates i s  used as  input t o  
the computer. The computer then solves f o r  the normal projection of the area 
ihtercepted by the Mach cut t ing planes and thus defines the  equivalent-body 
area due t o  volume A ( x , ~  ) . For calculation of the  equivalent-body area due 
t o  l i f t ,  the wing camber surface i n  terms of x, y, and z coordinates i s  
used as  input t o  the computer, and the l if t ing-surface pressure dis t r ibut ion 
i s  determined by the method which was described i n  paper no. 26 by Carlson and 
McLean. The computer then solves f o r  the intercept  of the Mach cutting planes 
and the wing camber surface and integrates  the l i f t i n g  pressures along this 
l i n e  t o  determine the component of force normal t o  the  f r e e  stream and i n  the  
0 direction. This component of force 2(x,8) i s  then used t o  &fine the 
equivalent-body area due t o  l i f t .  Finally, the computer sums the area due t o  
volume and the area due t o  l i f t  and solves f o r  the t o t a l  wave drag. 
Direct comparisons between measured and computed wave drag a t  l i f t i n g  con- 
di t ions cannot be made because of the d i f f icu l ty  i n  determining the supersonic 
vortex drag. Numerous correlations a t  zero l i f t ,  however, have shown good 
agreement with the theory ( r e f .  4) .  An indication of the accuracy of the 
equivalent-body concept a t  l i f t i n g  conditions can be made by comparing the 
measured pressure signatures a t  various azimuth angles about an airplane model 
with those predicted from i t s  equivalent bodies. Such a comparison i s  made i n  
figure 4. These data were taken a t  a Mach number of 1 .4  and a l i f t  coefficient 
of 0.10 f o r  the  configuration shown i n  the sketch. The upper three p lo ts  show 
the equivalent-body area dis t r ibut ions fo r  the azimuth angle of -go0 (which i s  
d i rec t ly  below the model), the azimuth angle of 00 (which i s  t o  the s ide) ,  and 
the azimuth angle of 90° (which i s  above the  model). The dashed l ines  indicate 
the area due t o  volume and the so l id  l ines  indicate the  t o t a l  equivalent-body 
area including the effects of l i f t .  The three corresponding lower p lo t s  show 
a comparison between the pressure signatures predicted by theory and those 
measured i n  the wind-tunnel t e s t s .  The classic  fa r - f ie ld  type of pressure sig- 
nature was not achieved i n  these t e s t s  because of the dimensional r e s t r a in t s  
imposed by the wind tunnel. The near-field effects  have been included, 
however, i n  the  theore t ica l  predictions ( r e f .  5 ) .  The good agreement between 
the  measured and predicted pressure signatures a t  the various azimuth angles 
indicates tha t  good agreement for the  wave drag a t  l i f t  should be expected. 
Calculations of the wave drag st several l i f t i n g  conditions have been 
made fo r  the  configuration shown i n  figure 4 a t  a Mach number of 2.7, and some 
of the r e su l t s  a r e  shown i n  figure 5 .  The upper p lo ts  show the  equivalent-body 
area dis t r ibut ions f o r  lift coefficients of 0 and 0.08. The lower p lo ts  show 
the corresponding r a t i o  of the  equivalent-body wave drag t o  dynamic pressure 
a s  a function of the azimuth angle. The dashed l ines  indicate the integrated 
average and, hence, t he  t o t a l  wave drag of the  airplane. Consider, f i r s t ,  the  
r e su l t s  a t  zero l i f t  for  which the en t i r e  equivalent-body area i s  due t o  vol- 
ume and, therefore, only posit ive areas ex is t .  This portion of the f igure i s  
simplified by showing only selected area dis t r ibut ions f o r  posit ive values of 
the  azimuth angle. Comparing the shape of each equivalent-body area d is t r ibu-  
t i o n  with i t s  corresponding drag contribution i n  the  lower p lo t  indicates t h a t  
the  equivalent bodies having the lowest fineness r a t io s  and the steepest slopes 
make the  largest  contribution to  the  wave drag. For example, the equivalent 
body f o r  an azimuth of 90° has the largest  maximum area and the shortest  length 
and, therefore,  the largest  contribution t o  the wave drag of the airplane. A t  
a l i f t  coefficient of 0.08, the area due t o  l i f t  s ignif icant ly a l t e r s  the  shape 
of the  equivalent-body area distributions. The equivalent body f o r  an azimuth 
of go0, f o r  example, although having the  same length a s  the  zero- l i f t  condi- 
t ion ,  now has a much larger  area change occurring over t h a t  length and there-  
fo re  makes a much larger  contribution t o  the airplane wave drag. Thus, a 
d i r ec t  relationship can be established between the  wave drag of an airplane 
a t  any given l i f t  coefficient and i t s  equivalent-body area dis t r ibut ions.  
Configuration Effects on Wave Drag a t  Lif t ing Conditions 
A comparison of the wave drag of two similar  configurations a t  a Mach 
number of 2.0 and a lift coefficient of 0.10 i s  shown i n  figure 6 .  Both 
wing-body combinations were symmetrical, employed the same body, and had 
wings of equal area, equal span, and equal thickness r a t io .  One configura- 
t i on ,  however, had a wing of delta planform, whereas the other had a wing of 
arrow planform. Comparing the  equivalent-body area dis t r ibut ions a t  azimuth 
angles of -go0, 00, and 90° indicates t h a t  the  e f fec t  of spreading the l i f t  
over a greater length with the  arrow wing i s  t o  reduce the r a t e  of area growth 
of the  equivalent bodies. The ef fec t  on the airplane wave drag i s  shown i n  
the  lower plots ,  where the t o t a l  wave drag of the  arrow-wing configuration i s  
about 30 percent l e s s  than tha t  of the delta-wing configuration. 
Up t o  t h i s  point, a l l  configurations t h a t  have been considered would be 
expected t o  have l i t t l e  o r  no interference between wave drag due t o  l i f t  and 
wave drag due t o  volume. A n  example f o r  which interference ef fec ts  do e x i s t  
between wave drag due t o  l i f t  and tha t  due t o  volume i s  shown i n  figure 7. 
Consider the arrow-wing-body configuration shown i n  figure 6, again a t  a Mach 
number of 2.0 and a l i f t  coefficient of 0.10, but now with a high wing posit ion 
a s  shown a t  the l e f t  i n  figure 7 and with a low wing posit ion as shown a t  the 
r ight .  The equivalent-body area dis t r ibut ion f o r  8 = O0 (which i s  t o  the  
s ide  of the airplane) i s  unaffected by changes i n  the ve r t i ca l  posit ion of the 
wing and, thus, i s  the same f o r  both configurations. The Mach cut t ing planes 
intercept  the high-wing configuration i n  such a manner tha t  the area due t o  l i f t  
i s  shif ted forward t o  the center l i n e  fo r  the  azimuth angle of 90' and i s  
sh i f ted  rearward for the azimuth angle of -90'. For the  low-wing configuration, 
the  reverse i s  t rue.  The area due t o  l i f t  i s  sh i f ted  rearward fo r  an azimuth 
angle of 90° and forward for  an azimuth angle of -go0. The ef fec ts  of in t e r -  
ference between lift and volume on the t o t a l  wave drag can be seen i n  figure 8. 
The bar graph shows a comparison of t o t a l  wave-drag coefficient based on wing 
area f o r  the low-wing, midwing, and high-wing configurations. For t h i s  example, 
the  low-wing arrangement resu l t s  i n  a 7.5 percent higher wave drag than the  
high-wing arrangement. 
CONCLUDING REMARKS 
A numerical technique has been presented f o r  an application of the  f a r -  
f i e l d  l inear  theory. This technique, when adapted t o  the high-speed electronic 
d i g i t a l  computer, provides a p rac t i ca l  means fo r  analyzing the t o t a l  wave drag 
of an airplane a t  l i f t i n g  conditions, Numerous correlations a t  zero l i f t  have 
shown good agreement with the  theory. An indication of the accuracy of the 
method a t  l i f t i n g  conditions was shown by comparing measured pressure signa- 
tures  a t  various azimuth angles about an airplane model with those predicted by 
theory. The good agreement between the measured and predicted pressure signa-. 
tu res  indicates tha t  good agreement f o r  the wave drag a t  l i f t i n g  conditions 
should be expected. Results from a l imited number of calculations showed some 
e f fec t s  of differences i n  configuration on the  t o t a l  wave drag of airplanes a t  
l i f t i n g  conditions. 
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28. AN INTEGRATED APPROACH M TEE ANALYSIS AND DESIGN OF WINGS 
AND WING-BODY COMBINATIONS I N  SUPERSONIC FLOW 
By Rslph L. Carmichael, and Frank A. woodwardl 
NASA Ames Research Center 
SUMMARY 
A numerical procedure has been developed for analyzing wings and wing- 
body combinations and for designing optimum wing camber surfaces in the 
presence of a body. The method is very general and applies to wings of 
arbitrary planform and bodies of arbitrary cross section and camber. The 
procedure has been programed for automatic computation and considerable 
effort has been made to allow the user to analyze a great variety of con- 
figurations with relatively simple input data. 
For a given wing or wing-body combination, five classes of problems 
may be solved: 
(1) Wing warp required to support a given loading on the wing 
(2) Wing loading for a given wing warp 
(3) Pressures on the upper and lower surfaces of a warped wing of 
small but finite thickness 
(4) Minimum drag wing shape for a given lift constraint 
(5) Minimum drag wing shape for a given lift and moment constraint 
The validity of the method has been confirmed by comparison with exact solu- 
tions to the linearized flow equation for several simple wings and wing-body 
combinations. In addition theoretical and experimental results have been 
compared for more complex configurations. 
INTRODUCTION 
The work described in this paper has been undertaken in an effort to 
develop a procedure for designing wing-body combinations with low drag at 
supersonic speeds. 
Several methods have been published which enable one to compute the 
camber surface of minimum drag for an isolated wing at a given lift. None 
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of these methods, however, considers the effect of the flow disturbance gen- 
erated bi the body on the shape of the optirmun caniber surface. The new method 
used in this work enables one to determine the lifting surface of minimum drag 
for a given value of lift in the presence of a body which may be at incidence 
relative to the free stream. In addition to this computation, the lift and 
drag of a configuration of given geometry may be determined, thereby providing 
the wing-body interference for configurations of arbitrary planform and camber. 
By using this procedure, one can assess the effects of such modifications as 
wing and body camber and incidence on the lift, drag, and moment characteris- 
tics of a given wing-body configuration. 
The numerical procedure has been programed for automated computation for 
a --- -3 -A-- 
v t r ~ ~ c :  by Of ~ O ~ i f l = i 8 t i ~ i i 6 .  
The theoretical analysis and the computer program used for the numerical 
computations in this paper were developed by the Aerodynamic Research Unit of 
the Airplane Group of The Boeing Company under NASA contract NAS~-2282. (see 
refs. 1 and 2.) 
AR aspect ratio 
b span 
c chord 
slope of lift c w e ,  dcL/da, per radian 
CL lift coefficient 
ern pitching-moment coefficient 
cmo pitching moment at zero lift 
N~ difference in pressure coefficient between upper and lower surfaces 
of wing 
d body diameter 
L/D lift-drag ratio 
M Mach number 
P difference between pressure coefficient at given angle of attack and 
pressure coefficient at zero angle of attack . 
r body radius 
urn free- stream velocity 
X,Y,Z Cartesian coordinates 
x ' distance from the leading edge 
a angle of attack 
A leading-edge sweep angle 
-OD OF ANALYSIS 
The actual wing-body combination is replaced by distributions of singular- 
ities, which satisfy the linearized equation of supersonic flow, whose strengths 
are adjusted to satisfy the boundary conditions required by the geometry of the 
particular configuration. The wing warp and incidence are represented by dis- 
tributions of vorticity corresponding to pressure differences across the wing. 
The wing thickness effect is given by sources and sinks located over the wing 
reference plane. The body thickness, camber, and incidence are simulated by 
line sources and doublets placed along the body reference axis. Finally, the 
interference effects of the wing on the body are cancelled by a distribution of 
vorticity on the surface of the body. 
A typical wing-body combination is represented in figure 1. A grid which 
conforms to the general geometry of the configuration subdivides the wing and 
body into a large number of small panels. Each panel is a region over which a 
particular singularity strength is held constant. In this way, the continuous 
distribution of singularities representing the actual wing and body is approxi- 
mated by simple functions with a finite range of values. Associated with each 
panel is a control point for matching the boundary conditions, At each control 
point, the flow must be tangential to the panel surface. In contrast to the 
wing-alone programs in common use which usually match only the downwash, the 
normal vector to the panel surface is used in this computation. The resultant 
normal velocity at each panel control point may now be expressed as a system of 
linear equations in terms of the singularity strengths. The coefficients of 
this system of equations are computed and stored as a matrix of aerodynamic 
influence coefficients. Then, for a given camber shape or pressure distribu- 
tion, the various singularity strengths which satisfy all the boundary condi- 
tions are computed, and from these, the pressure distribution, lift, drag, and 
moment on the wing and body may be computed. 
This method differs from that of Harris discussed in paper no. 27 in that 
the forces are computed by integration of the local pressures over the surface 
of the configuration. This method may be referred to as a near-field theory, 
I whereas that of Harris may be called a far-field theory. Of course, the results 
of the two methods will be identical except for the leading-edge suction force 
(on subsonic leading edges) which is not included in the surface-integration 
method. 
Since the lift and drag of the configuration are functions of a finite num- 
ber of real variables, the determination of the surface of minimum drag for a 
given lift constraint can now be solved by the Lagrange multiplier method. 
A complete description of the theory and programing details is contained 
in references 1 and 2. 
RESULTS AND DISCUSSION 
1 Pressures and Forces on Flat Wings 
The accuracy of the technique for computing pressures and forces on iso- 
lated wings is indicated in figures 2, 3, and 4. In each case, planforms have 
been selected for which exact solutions are known to the linearized equation 
of supersonic flow. 
In figure 2, the program results are compared with exact conical flow 
theory for delta, wings. Examples are shown for both sasonic and supersonic 
leading-edge wings. The symbols represent the pressures given by the program 
for wing chords located at 15, 45, and 75 percent of the semispan. The solid 
curves were computed from conical flow theory and may be found as solutions 3 
and 6 in reference 3. The results agree quite well except at- the sharp ridges 
of the supersonic solution. This rounding of the pressures computed by this 
program occurs because the pressures shown are actually average pressures over 
a wing panel. 
The next example, illustrated in figure 3, is a test of the ability of 
the method to predict tip effect and to account for a subsonic trailing edge. 
The planform is a constant chord wing with BAR = 1.92. The leading and 
trailing edges are subsonic with f3 cot A = 0.6. The program results along 
four different wing chords at 25, 59, 75, and 95 percent of the semispan are 
given by the symbols. The solid lines are the results given in reference 4 
which were computed by the technique of superposing conical flows. As in the 
previous example, the program results agree very well except in the regions 
where the pressure distributions vary rapidly. Along the chords where the 
analytic solution varies rapidly, the program results underpredict the pres- 
sures in front of a sharp pressure drop and overpredict those behind the drop 
with the result that the integrated loadings are quite close to those of the 
analytic solution. This can be seen by the results shown in figure 4. The 
integrated loadings for a delta wing with 60° of leading-edge sweep are shown 
by the symbols. The solid curve is the well-known exact conical flow solution 
for a delta wing. 
Wing-Body Loadings 
To confirm the accuracy of the method for calculating wing-body interfer- 
ence, a configuration whose loading has been measured was studied. A sketch of 
the configuration is presented as figure 3. The rectangular wing of aspect 
ratio 3 is mounted in the midwing position on a cylindrical body with an ogival 
nose. The wind-tunnel model was constructed with pressure taps along O0 and 45O 
meridian lines on the body and along several chords on the wing. The pressures 
measured at a Mach number of 1.48 and reported in reference 5 are compared with 
the program results in figure 6. The parameter P represents the value of 
pressure ~oeffi~ieat at afigle of attack leas the pressure coefficient at zero 
angle of attack. The predicted pressures agree quite well with those measured 
experimentally at a = 2'. As the angle of attack increased, the agreement 
was less satisfactory. 
The examples shown and other test cases studied provide confidence in the 
ability of the method to predict loadings, forces, and moments to a degree of 
accuracy well within the requirements of engineering design. 
Prediction of the Effect of Wing and Body Camber 
All the preceding results are accessible by established methods and serve 
to provide confidence in the method. The results to be shown in this section 
are not within the scope of any of the well-known methods. 
The aerodynamic characteristics of a wing-body combination are sensitive 
to modifications, such as ving incidence relative to the body, wing or body 
camber, etc. In fact, it is precisely thmugh modifications such as these 
that the characteristics of an airplane are brought in line with the design 
requirements. This computationalmethod enables the designer to make accurate 
estimates of the effect of these changes to the basic configurations. 
As reported in reference 6, a study was made of a series of wing-body wind- 
tunnel models employing various combinations of wing and body warps. The wing 
was arrow shaped with a leading-edge sweep angle of TO0 and an aspect ratio of 
2.24. Configuration 1 consisted of a flat wing on the uncambered body. Con- 
figuration 2 was made up of a cambered wing mounted on the uncambered body such 
that the body axis was at zero incidence when the wing was at the design con- 
dition; namely, CL = 0.08 and M = 2. Configuration 3 had the same cambered 
wing but the axis of the body was dined with the root chord of the wing; also, 
the nose of the body was drooped and the rear portion of the body was swept 
upward. 
The effects of these variations in model geometry are illustrated in fig- 
ure 7. The symbols represent the experimental data reported in reference 6 
and the curves are the program results. Since the theoretical method described 
in this paper does not include viscous effects, it was necessary to estimate 
the skin-friction drag in order to compare theoretical and experimental drag 
values. For this study, the skin friction was taken to be the difference 
between the experimental drag and the theoretical wave drag of the symmetrical 
configuration at zero lift. This drag increment was then added to all the 
theoretical results to obtain the curves of theoretical lift-drag ratio as a 
functi~n of lift coefficient. As predicted theoretically, none of the modifi- 
cations changed the slope of the lift or moment curves. However, there were 
significant differences in the angle of attack at zero lift, pitching moment 
at zero lift, and maximum lift-drag ratio of the three configurations. As can 
be seen in figure 7, this method provides very accurate estimates of these 
quantities. 
The characteristics of these wing-body combinations are somewhat different 
from those of the isolated wing, as can be seen in figure 8. The wing referred 
to in this figure is the cambered and twisted wing of reference 7 used in con- 
figurations 2 and 3 and the wing-body is configuration 2 of figure 7. One may 
observe that the wing alone has a C% of approximately 0.01, whereas the body 
in combination with this wing has virtually no pitching moment at zero lift. 
In a similar manner, the lift curves of the two configurations are displaced. 
This indicates the importance of the body on the overall properties of wing- 
body combinations and may help to explain some of the discrepancies which have 
occurred between theory and experiment on wing-body combinations designed by 
wing-alone computing programs. 
Bfect of Body Size on Shape of the MinFmum Drag Wing 
One of the unique features of this computing procedure is the ability to 
compute the surface of minimum drag for a given wing planform in the presence 
of a body which may be at incidence relative to the wind. To illustrate the 
importance of the body flow field a study has been made of the minimum drag 
shape of a given wing with different size bodies. The basic wing planform is 
a simple delta wing with p cot A = 0.3 which corresponds to a leading-edge 
sweep of 73.30 at a Mach number of c. The shape of the isolated wing with 
minimum drag for a fixed lift is illustrated in figure 9. Five sections are 
shown through this wing constructed with the leading edge in the x-y plane. 
The straight reference lines are the intersection of the section plane with 
the x-y plane. The same wing was then analyzed in combination with bodies of 
various sizes, one of which is shown in figure 10. The shape of the wing in 
the presence of this small body is similar to the shape of the isolated wing. 
This confirms the intuitive conclusion that a small body-should have a small 
effect on the optimum wing shape. As the ratio of body diameter to wing span 
was increased, the share of the minimum drag camber surface for the wing-body 
combination varied considerably from the shapes shown in figures 9 and 10. The 
effect on this shape of such variables as nose length and shape, incidence of 
the body relative to the free stream, and location of the wing on the body has 
not been adequately investigated at this time. For this reason, the shapes of 
these wings are not presented. 
The theoretical model upon which these calculations are based assumes 
inviscid flow. For this reason, these shapes should be viewed cautiously as 
far as actual experimental performance is concerned. 
CONCLUDrnG REMARKS 
The computational method whose results are described in this paper provides 
the designer with the ability to predict the longitudinal characteristics of 
wing-body combinations of arbitrary planform, camber, twist, and thickness. By 
this procedure one may accurately estimate many important performance param- 
eters ~hlch are not available by the older techniques now in use. The technique 
is rapid and straightforward enough to be used in engineering design studies of 
families of configurations. The program is written for the class of co?.nputers 
in wide use by the aviation industry today. With the optimization capability 
built into the program it should be possible to calculate low-drag wing-body 
combinations to be used as the basis for designing efficient aerodynamic 
vehicles. 
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AND KYPERSONIC AIRPLANES 
By F. Edward McLean, Harry W. Carlson, 
NASA Langley Research Center 
and W. Hunton 
NASA Ames Research Center 
Ekisting theoretical methods of sonic-boom estimation have been used to 
determine the sonic-boom profiles of representative supersonic and hyper- 
sonic airplanes of the future. The sonic-boom characteristics of these 
future airplanes have been related to the sonic-boom characteristics of cur- 
rent supersonic airplanes. In the supersonic climb and cruise phases of 
flight, where the sonic-boom overpressure and impulse levels are relatively 
high, the use of near-field effects to modify the sonic-boom disturbance of 
these large future airplanes has been considered. The near-field investiga- 
tion indicates that some reduction in overpressure and impulse might be 
possible. 
INTRODUCTION 
Consideration was given to the aerodynamic drag problem associated with 
the pressure disturbances about a supersonic airplane in paper no. 27 by 
Harris. As the pressure disturbances generated beneath the airplane propa- 
gate to the ground they give rise to another problem - the problem of sonic 
boom. The noise and structural excitations which can result from sonic boom 
have raised serious questions as to the acceptability of routine flights of 
future supersonic and hy-personic airplanes over populated areas. Since 
these routine flights would be desirable from an economic standpoint, sonic 
boom has ahus become a major consideration in the design and projected oper- 
tion of these proposed airplanes. 
During the course of research on the sonic-boom problem, theoretical 
methods have been developed which can be used to relate the sonic-boom dis- 
turbance to the characteristics of the airplane (refs. 1 to 4). These 
methods are based on the equivalent-body principles discussed in paper 
no. 27. Procedures have also been developed to account for the propagation 
of the sonic-boom disturbance from the airplane to the ground (ref. 5). 
The purpose of the present paper is to utilize these existing methods to 
relate the predicted sonic-boom characteristics of the large, heavy super- 
sonic and hypersonic airplanes of the future to those of currently opera- 
tional supersonic airplanes. Another purpose is to explore some means 
which might be used to modify the sonic-boom disturbances associated with 
these proposed airplanes. I 
, 
'. 
SYMBOLS 
6 
effective cross-sectional area due to a combination of volume and lift 
lift coefficient 
airplane altitude or perpendicular distance from model to measuring 
probe 
positive impulse of pressure signature, 14 dt 
length of airplane or model 
Mach number 
reference pressure 
incremental pressure due to flow field of airplane or model 
maximum positive value of 4 
time 
.time required for pressure disturbance to rise from zero over- 
.pressure (& = 0) to maximum overpressure (4 = &) (see fig. 1) 
W airplane weight 
x distance measured along longitudinal axis of airplane or model 
L u  distance measured parallel to longitudinal axis of model from point 
in undisturbed stream to point on pressure signature 
a varies as 
DISCUSSION 
Some Aspects of the Sonic-Boom Problem 
A number of factors characterize the sonic-boom ground pressure disturbance. 
Figure 1 can be used to illustrate some of these factors which are considered 
in the present paper. 
General signature characteristics.- Some important general characteristics 
of the ground pressure signature are illustrated in the upper portion of fig- 
ure 1. In the signature at the upper left, which is drawn for the case of no 
atmospheric distortion, hax is the maximum rise in ground pressure due to 
the flow field of the airplane. Impulse is the time integral of the positive 
overpressure as indicated by the shaded portion of the signature. In some 
manner, both of these signature characteristics influence the response of people 
and structures to sonic boom. During the early phases of the supersonic trans- 
port coqetition, concern over sonic boom led to the establishment of tentative 
upper limits on + of 2.0 pounds per square foot in climb and 1.5 pounds 
per square foot in cruise. 
The possible effects of random atmospheric disturbances on the sonic-boom 
signature are illustrated in the upper right portion of figure 1. As indicated, 
these atmospheric disturbances can either spike the signature and lead to higher 
values of overpressure than expected or round the signature and lead to lower 
values of overpressure than expected. In this paper only the nominal or aver- 
aged vsl;;es of overpressme &re corsidered, with the realizstion tkt random 
atmospheric distortions can lead to overpressures above and below the nominal. 
Specific signature characteristics.- Some specific signature characteris- 
tics which may be important are illustrated in the lower portion of figure 1. 
A typical far-field N-wave is shown in the lower left of the figure. A far- 
field condition is said to exist when shocks from the individual airplane com- 
ponents have merged at the ground and have formed this N-wave pattern. 
For some normal operating conditions of a large supersonic airplane, the 
ground pressure disturbance retains some features of the shock pattern from 
individual airplane components (ref. 6). In this near-f ield situation, the 
character of the pressure signature depends directly on the effective shape of 
the airplane. A typical twin-peaked near-field signature is illustrated in' the 
lower center of figure 1. 
Because of the dependence of the near-field pressure signature on the 
arrangement and operating condition of the airplane, a variety of near-field 
signatures is possible. Two near-field signatures discussed in this paper are 
the plateau signature and the signature with finite rise time, which are illus- 
trated in the lower right of figure 1. It can be noted that the finite rise- 
time signature is characterized by a gradual buildup in overpressure. If the 
buildup in overpressure can be extended over an appreciable rise time t, on 
the order of 10 to 15 milliseconds, the sonic-boom disturbance might be more 
acceptable than the typical disturbance which has an instantaneous pressure jump. 
Although not an extremely important sonic-boom consideration, it can be 
noted that the pressures at the tail-shock portion of the signatures of figure 1 
do not return to ambient conditions within the time shown in the figure. This 
feature of the sonic-boom disturbance is characteristic of the general solution 
of scnic-boom theory and has been observed in flight investigations. 
The aspects of the sonic-boom problem which are illustrated in figure 1 do 
not represent all the factors which characterize the sonic-boom disturbance. 
Such factors as the energy spectrum of the pressure wave are also important. As 
yet, research has not conclusively established which of the several characteris- 
tics of the ground pressure disturbance governs human and structural response to 
sonic boom. 
Sonic-Boom Characteristics of Current Supersonic Airplanes 
Flights of operational supersonic airplanes have provided valuable infor- 
mation for preliminary assessment of the sonic-boom problem of future airplanes. 
In addition to public- and structural-response data, these flights have pro- 
vided a means for evaluating sonic-boom prediction methods. Correlations of 
measured and theoretical sonic-boom characteristics are presented in figure 2 
for three current supersonic airplanes, the F-104 fighter, the medium 13-58 
bomber, and the large, heavy B-70 bomber. On the left side of the figure, the 
variation of maximum ground overpressure with altitude is shown for the three 
airplanes. The impulse characteristics are similarly shown on the right side of 
the figure. For both overpressure and impulse the theoretical predictions are 
represented as a band of values to account for differences in operating weight 
=d Wcii nmber at a given altitude. As indicated in the figure, the larger and 
more flexible the airplane, the wider the band of possible values of overpres- 
sure and impulse. 
Three important points can be made with the results presented in figure 2. 
First, existing theoretical estimation methods provide a good assessment of the 
nominal overpressure and impulse characteristics of these three airplanes, which 
vary widely in size and general arrangement. Secondly, there are substantial 
increases in overpressure and impulse with increased airplane size. These 
increases in overpressure and impulse are due principally to increased weight, 
which varies from 27 000 pounds for the F-104 to approximately 100 000 pounds 
for the 13-38 and to about 450 000 pounds for the B-70 airplane. The third , 
important indicabion of the results presented in figure 2 is the near-field 
influence on the overpressure characteristics of the-large B-70, as represented 
by the shaded band in the upper left of the fig&e. In the operating region 
where these near-field effects are present, the maximum ground overpressures of 
the B-70 are not much greater than those of the smaller 13-58 airplane. 
Selected ground pressure signatures from the large B-70 airplane can be 
used to illustrate the types of sonic-boom disturbance that can be expected 
from future supersonic and hypersonic airplanes. These signatures, which have 
minimal atmospheric distortions, are presented in figure 3. The measured and 
theoretical ground pressure signatures at the top of the figure illustrate the 
natural near-field tendencies of a large supersonic airplane which is operating 
at relatively low altitude, in this case, at an altitude of 31 000 feet. A 
typical near-field signature such as this would be expected during the early 
supersonic climb stages of flight of the large supersonic and hypersonic air- 
planes of the future. 
The measured and theoretical B-70 ground pressure signatures at the bottom 
of figure 3, which are for a Mach number of 2.6 and a flight altitude of 
66 000 feet, approach the typical far-field N-wave pattern. This type of ground 
pressure disturbance would be expected during the cruise flight of future super- 
sonic airplanes and during the midclimb and cruise flight of future hypersonic 
I vehicles. 
For both flight conditions illustrated in figure 3, the major disagreement 
between theory and flight measurements is in the tail-shock portion of the 
signature where the wake conditions and engine exhaust plume are difficult to 
define. 
Sonic-Boom Characteristics of Future Supersonic 
and Hy-personic Airplanes 
Correlations such as those sham in figures 2 and 3 give some confidence 
that current theoretical methods can be used to analyze the sonic-boom charac- 
teristics of future airplanes in the supersonic speed regime. The scarcity of 
sonic-boom information at extremely high speeds gives scmewhet l=ss =ssl=snce es 
to the applicability of these methods at hypersonic speeds. On the basis of 
some preliminary studies of by-personic configurations, however, it is believed 
that the present methods are adequate to illustrate the trends of sonic boom at 
hypersonic speeds. 
The predicted sonic-boom overpressure and impulse characteristics of two 
research configurations, which have been chosen to illustrate the sonic-boom 
problem of proposed supersonic and hypersonic airplanes, are presented in fig- 
ure 4. The supersonic configuration, represented by the solid cunre, has a 
cruise Mach number of 2.7 and a design range of 3480 nautical miles. The m e r -  
sonic airplane, represented by the dashed curve, has a cruise Mach number of 6.0 
and a design range of 5000 nautical miles. The predicted maximum ground over- 
pressure and impulse of the two configurations are shown as they vary with range 
or distance from take-off. 
The sonic-boom profiles indicate that both airplanes would generate rela- 
tively high ground werpressure and impulse during the early climb and acceler- 
ation phases of flight. In this flight regime, the natural near-field charac- 
teristics of these large airplanes serve to reduce the overpressures some 10 
to 15 percent below the levels which would be expected on the basis of the far- 
field aspumptions of sonic-boom theory. At cruise conditions, which are repre- 
sented by the flat portions of the profiles, the overpressure and impulse would 
be at lfeduced levels. The cIvise values would be expected to lie between the 
levels measured during high-altitude flights of the current 13-58 and B-70 air- 
planes. As the two airplanes approach their destination and descend toward the 
ground, the overpressure and impulse would be expected to increase from the 
cruise values. In this descent phase of flight the near-field effects would 
also be present. 
The basic factor which leads to the relatively high values of overpressure 
and impulse in the early stages of the two flight profiles shown in figure 4 is 
the initiation of supersonic climb and acceleration at relatively low altitudes. 
This low-altitude initiation of supersonic flight ia an econdc consideration 
based on the desire for minimum block time and for minimum propulsion-system 
and airplane weight. Although other configurations might produce variations 
from the sonic-boom profiles used in this illustration, the economic factors 
would tend to dictate similar trends in sonic-born characteristics. 
As indicated in  figure 4, the  regions of re la t ive ly  high overpressure and 
impulse a re  limited i n  range t o  some 200 t o  400 naut ical  miles i n  climb and t o  
some similar range i n  descent. Although t h i s  range of re la t ive ly  high sonic- 
boom exposure i s  limited, it might be desirable t o  a l t e r  the shape and magni- 
tude of the sonic-boom disturbance i n  these f l i g h t  regimes. The r e s t  of the 
present paper considers the  poss ib i l i ty  of such an al terat ion.  
Near-Meld Considerations 
A possible means f o r  a l te r ing  the shape and magnitude of the sonic-boom 
disturbance from a large airplane i s  t o  make use of the  natural  near-field char- 
a c t e r i s t i c s  of such an airplane. Two important factors  which influence the 
near-field character is t ics  a re  the area distr ibut ion of the eizyl=e & ~ e  t o  --- LVLY- 
bined volume and lift ef fec ts  and the  length of the airplane. The supersonic 
airplane consideredin figure 4 i s  used t o  i l l u s t r a t e  these area and length 
effects .  
The influence of effect ive area dis t r ibut ions Ae on the character of the * 
sonic-boom disturbance is i l l u s t r a t e d  i n  f igure 5(a).  The effect ive area dis- 
t r ibut ion  and predicted ground-track pressure signature corresponding t o  a typi- 
c a l  climb condition O f  the or iginal  design a re  shown a t  the top of the figure. 
The predicted sonic-boom disturbance i s  a twin-peaked near-field signature. A 
modification of the  or iginal  effect ive area dis t r ibut ion t o  the  shape shown i n  
the lower r ight  of figure 5(a)  would theoret ical ly  a l t e r  the pressure disturb- 
ance t o  the plateau shape a t  the bottom of the f igure with considerably reduced 
overpres sures . 
The ef fec t  of airplane length on near-field character is t ics  i s  i l l u s t r a t e d  
i n  f igure  5(b). The area dis t r ibut ion a t  the  upper r i g h t  of the  f igure corre- 
sponds t o  the or iginal  area dis t r ibut ion with the length increased from 230 
t o  280 fee t .  This extension of length induces more near-field e f fec ts  i n  the 
signature and reduces the maximum overpressure. The effect ive area distribu- 
t i on  and signature a t  the bottom of f igure 5(b) show the combined ef fec ts  of 
increased length and area modification on the  near-field signature. For this 
i l l u s t r a t i v e  example, the  resul tant  maximum overpressure i s  l e s s  than half of 
the or ig ina l  value. Although no attempt has been made t o  modify the t a i l  shock, 
-- - 
note tha t ,  f o r t h i s  par t icu lar  application, the pressure jump a t  the a f t  por- 
t ion  of the signature i s  no greater than the modified bow pressure r i s e .  
Airplane modification f o r  plateau pressure.- If the  near-field characteris- 
t i c s  of the  or iginal  and modified area dis t r ibut ions a r e  determined f o r  a num- 
ber of airplane lengths, the  design requirements f o r  a plateau pressure signa- 
tu re  of a given maximum overpressure can be established. 
Figure 6 presents the resu l t s  of such a study f o r  a typica l  supersonic 
airplane climb condition of M = 1.4, W = 400 000 pounds, and h = 40 000 fee t .  
I n  t h i s  f igure the clrcular symbol represents the maximum overpressure of 
approximately 2.2 pounds per square foot f o r  the or ig ina l  design area distribu- 
t i on  and design length of 230 fee t .  The curves indicate  the variat ion of maxi- 
mum ground overpressure with airplane length fo r  the or ig ina l  effect ive area 
distri ution (dashed curve) and for a modified area distribution which varies 
as x 3q2 to provide a plateau pressure distribution (solid curve). The manner 
in which the original and modified pressure signatures vary with length is indi- 
cated by the inset sketches. 
The obvious point to be made from the results is that, for this typical 
climb condition, modification of the airplane effective area distribution can 
lead to substantial reductions in maximum overpressure both within the airplane 
design length of 230 feet and at greater lengths. At a given airplane length, 
the area modification also resulted in a 6- to 7-percent decrease in impulse. 
Airplane weight, of course, influences the overpressure levels shown. For 
example, an increase in climb weight from 400 000 to 500 000 pounds would 
require a 25- to 30-foot extension in length to maintain a given overpressure 
level. 
At altitudes and Mach numbers associated withthe cruise conditions of a 
large supersonic airplane, the design requirements for near-field effects would 
be more stringent than at climb conditions. The higher altitudes and Mach num- 
bers increase the lift contribution to the effective area distribution which 
leads to a more rapid approach to far-field conditions. These factors are illus- 
trated in figure 7 for a typical cruise Mach number of 2.7, a weight of 
350 000 pounds, and an altitude of 65 000 feet. For these conditions, the pre- 
dicted ground pressure disturbance for the original design condition of the 
supersonic airplane (represented by the circular symbol) would be a typical far- 
field N-wave with a maximum overpressure of about 1.55 pounds per square foot. 
As indicated in the figure, within the original design length of 230 feet, for 
these cruise conditions, the plateau pressure disturbance cannot be generated. 
As airplane length is increased, however, near-field effects are induced in the 
original configuration, as indicated by the inset pressure signatures. At air- 
plane lengths greater than about 260 feet, it is once again possible to modify 
the configuration so as to produce a plateau pressure disturbance with reduced 
maximum overpressure and impulse. 
Wind-tunnel investigation of airplane modification for plateau pressure.- 
To investigate the applicability of the plateau pressure modification previously 
discussed, small 4-inch complete models of the original and modified supersonic 
configuration have been tested in the Langley 4- by 4-foot supersonic pressure 
tunnel. The airplane models were designed to simulate the typical climb con- 
dition considered in figure 6. Some results of the wind-tunnel investigation 
are presented in figure 8. 
Plan views of the original and modified configurations are presented at the 
top of the figure. The rather modest changes in effective area distribution 
which were theoretically required to produce the plateau pressure disturbance 
can best be seen in the effective area distribution plots in the middle of the 
figure. The purpose of the area modification was to smooth the original distri- 
bution and reduce the rate of change of area with longitudinal distance. 
The measured and theoretical signatures at the bottom of figure 8, which 
correspond to a station 10 body lengths below the models, indicate that the 
desired effect of replacing the twin-peaked signature of the original 
configuration with a plateau pressure disturbance was essentially accomplished. 
Differences between the measured and theoretical signatures of the modified 
model could be attributed to slight differences between the actual and specified 
models. 
It should be pointed out that the sonic-boom disturbance along the ground 
track of a supersonic airplane depends only on a particular effective area dis- 
tribution. The wave drag, on the other hand, depends on the averaged contribu- 
tions of a number of equivalent bodies corresponding to all orientations of the 
airplane. (see paper no. 27 by Harris. ) Consideration of the near-field modif i- 
cation discussed would depend on a complete analysis of the consequences of the 
modification on other aspects of the airplane performance. For the particular 
modification considered in this figure, the wave drag of the configuration was 
reduced at the climb Mach number of 1.4 with little or no penalty for other 
flight conditions. This effect would not necessarily hold for some other 
configuration. 
Airplane modification for finite rise time.- As mentioned earlier, a sonic- 
boom disturbance with an appreciable rise time might be more desirable than the 
typical disturbance which has an instantaneous pressure rise. Accordingly, a 
near-field investigation of the supersonic airplane of the previous discussion 
was made to determine the design requirements for such a finite rise-time signa- 
ture. This design requirement would increase the chances for a substantial 
rise time. Small rise times have been measured during flights of current 
airplanes. 
The results of the rise-time investigation for a typical supersonic climb 
condition are shown in figure 9. The variation of maximum overpressure with 
length of the original configuration is once again represented by the dashed 
curve. The area development d/2, which is one requirement for finite rise 
time, is represented by the solid curve. The results indicate that even for this 
climb condition some extension in airplane length is required to generate the 
signature with gradual pressure rise and that some increases in maximum over- 
pressure and impulse appear to be necessary to achieve this type of pressure 
disturbance. With lengths above about 260 feet, however, appreciable rise times 
appear to be possible. The variation of rise time from the cutoff point to the 
maximum length is from 0 to 160 milliseconds. 
Figure 10 shows the results of a similar analysis of the finite rise-time 
signature for typical supersonic cruise conditions. The results indicate that 
the design requirements for gradual pressure rise in this cruise speed regime 
are too stringent to be met within practical airplane lengths and weights. 
The foregoing near-field analyses of a large supersonic airplane suggest 
that substantial modifications of the shape and magnitude of the sonic-boom dis- 
turbances may be possible at eypical climb conditions. Less substantial, but 
perhaps important modifications can be made in the sonic-boom signatures of long 
airplanes at supersonic cruise flight conditions. Similar analyses of a typical 
hy-personic configuration show similar possibilities for signature modification 
in these flight regimes. At hypersonic speeds, however, near-field effects are 
not to be expected. 
CONCLUDING R B U I K S  
Existing theoretical methods of sonic-boom estimation have been used to 
determine the sonic-boom profiles of representative supersonic and hypersonic 
airplanes of the future. The sonic-boom characteristics of these future air- 
planes have been related to the sonic-boom characteristics of current supersonic 
airplanes. In the supersonic climb and cruise phases of flight, where the 
sonic-boom overpressure and impulse levels are relatively high, the use of near- 
field effects to modify the sonic-boom disturbance of these large future air- 
planes has been considered. The near-field investigation indicates that some 
reduction in overpressure and impulse might be possible. 
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30. CONSIDERATIONS REGARDING THE EVALUATION AND REDUCTION 
OF SUPERSONIC SKIN FRICTION 
' B y  John B. Peterson, Jr., and W i l l i a m  J. Monta 
NASA Langley Research Center 
SUMMARY 
A comparison is made between previously published ex-per'lmental eats fo r  
supersonic turbulent boundary-layer skin f r i c t i o n  and the  skin-friction pre- 
.dict ions obtained by using the Somrner and Short T' and Spalding and Chi 
methods. Also, various methods for  reducing skin f r i c t i o n  on the supersonic 
transport  a re  discussed. 
Although the wave drag and the drag due t o  l i f t  of the proposed super- 
sonic transport  configurations have been great ly  reduced as the design has 
progressed, the  skin-friction drag has remained r e l a t ive ly  constant. 
Because the skin-friction drag of a typ ica l  supersonic transport  i s  a large 
par t  of the  t o t a l  drag, reduction of the  skin-friction drag is potent ial ly  
a good means of obtaining drag reductions. 
Figure 1 shows a breakdown of the drag of a typica l  supersonic trans- 
port  cruising at a Mach number of 2.7 and an a l t i t ude  of 65 000 f t .  As can 
be seen, skin f r i c t ion  accounts f o r  about 40 percent of the t o t a l  drag. 
Since a typ ica l  transport  has about 100 counts of t o t a l  drag at cruise,  the 
skin-friction drag is  about 40 counts. For each count tha t  the drag can be 
reduced, the l i f t -drag r a t i o  can be increased by about 0.1. 
Several methods which can be used t o  reduce the skin-friction drag on 
a supersonic transport w i l l  be reviewed i n  t h i s  paper. I n  addition, methods 
f o r  calculating skin-friction drag w i l l  be reviewed. 
wing span 
w i n g  chord 
drag coefficient 
drag coefficient due t o  skin f r i c t ion  
4 --- .-  
1 
?receding page blank , 
- - -- 
437 I 
CF, injection 
C~,no injection 
S 
Taw 
Tw 
vm 
Increment in drag coefficient due to skin friction 
average skin-friction cqefficient 
adiabatic wall average skin-friction coefficient 
average skin-friction coefficient with air injection 
average skin-friction coefficient without air injection 
average skin-friction coefficient for n = 0 
local skin-friction coefficient 
incompressible local skin-friction coefficient (see 
section "Methods of Evaluating Skin Friction") 
altitude 
Mach number 
injection-air mass-flow rate 
planform exponent (see 'fig. 10) 
Reynolds number based on distance from leading edge 
Reynolds number based on distance from virtual origin 
of turbulent boundary layer 
reference surface area 
adiabatic wall temperature 
wall temperature 
free-stream air velocity 
injection-air weight-flow rate 
distance from.center line in spanwise direction 
recovery factor 
free-stream air density 
Subscripts : 
exP 
theor 
experimental value 
theoret ical  value 
DISCUSSION 
Methods of Evaluating Skin Frict ion 
Several years ago, a comparison between the various theories of super- 
sonic skin f r i c t ion  i n  use at that time and the available experimental data  
showed tha t  the Sommer and Short T' method generally gave the  best prediction 
of compressible turbulent boundary-layer skin f r i c t i o n  ( r e f .  1 ) .  A new method 
f o r  the prediction of compressible turbulent skin f r i c t i o n  has since been 
developed by Spalding and Chi (ref .  2).  Also, some new experimental data  f o r  
supersonic skin f r i c t i o n  at high Reynolds numbers have extended the range of 
Reynolds numbers over which experimental resu l t s  are  available ( re fs .  3 t o  9 ) .  
In  a l l  of these references except reference 9, l oca l  skin f r i c t i o n  was measured. 
Therefore, comparisons herein w i l l  be made by using loca l  ra ther  than average 
skin-friction measurements. 
Figures 2 t o  7 show comparisons between presently available experimental 
da ta  and the' ~ k i n ~ f r i c t i o n  predictions of Sommer and Short ( f igs .  2, 4, and 6 )  
and Spalding and Chi ( f igs .  3, 5, and 7). (The experimental data presented i n  
the figures were obtained from references 3 t o  8 and 10 t o  12.) The skin f r i c -  
f t i o n  i s  presented i n  the form of the  r a t i o  -, where the value of c f , i  is 
C f  .i 
predicted by the method involved. A s  w i l l  be shown, nei ther  method gives com- 
p le t e ly  sat isfactory resu l t s  over the en t i re  range of Reynolds numbers. 
In figures 2 and 3 are  shown the experimental variations of - Cf - with M 
' f , i  
6 f o r  a value of Rx of 10 x 10 compared with the predictions of Sommer and 
Short (f ig.  2 )  and Spalding and Chi ( f ig .  3) .  The curves and data shown a r e  a l l  
f o r  adiabatic w a l l  temperatures. There is some sca t t e r  in the experimental 
data , .  but generally the Sommer and Short T' prediction agrees s l igh t ly  b e t t e r  
with the data at t h i s  Reynolds number than the Spalding and Chi prediction. 
When the new xperimental data fo r  skin f r i c t i o n  a t  higher Reynolds % numbers of 50 x 10 and 100 x 106 are  used i n  the same type of comparison, the 
r e su l t s  are  not the same, as shown i n  figures 4 and 5.  
 h he data of Hopkins 
and Keener were obtained fo r  a Reynolds number based upon momentum thickness. 
These data a re  converted i n  figures 4 and 5 t o  values f o r  RT by using the  
method of reference 1.) For these conditions, the data agree be t t e r  with the 
Spalding and Chi prediction and l i e  above the Sommer and Short T' prediction 
curve. 
The reason f o r  the agreement of the data  with the Sommer and Short T' 
prediction at low Reynolds numbers and with the Spalding and Chi prediction at 
high Reynolds numbers can be shown by p lo t t ing  the skin-friction r a t i o  as a 
function of Reynolds number f o r  a constant Mach number. The Sommer and Short T' 
curve is shown i n  figure 6 and the Spalding and Chi curve is shown i n  figure 7. 
The data were a l l  obtained f o r  Mach numbers between 2.20 and 2.95 and trans- 
formed t o  values fo r  a Mach number of 2.7 by using the equation 
'f, theor 
=f The values obtained for  - by using t h i s  equation are  not the same f o r  the 
Cf, i  
two methods since the parameter c ~ , ~ ~ ~ ~ ~ .  i s  dependerit upon the par t icu lar  
method involved. Therefore, the values of the r a t i o  - Cf a re  s l igh t ly  dif-  
C f , i  
ferent  i n  figures 6 and 7. However, t h i s  procedure allows a d i rec t  comparison 
t o  be made between the data and the predicted curves by preserving the re la t ion  
of experimental values t o  predicted values. It appears from these data tha t  
the skin-friction r a t io  is almost independent of Reynolds number. Both methods 
predict  some variation of the skin-friction r a t i o  with Reynolds number and, 
therefore, nei ther  prediction curve matches the data over the en t i r e  range of 
Reynolds nurnbers. In order t o  predict  the average skin f r ic t ion ,  it i s  impor- 
t a n t  t ha t  the  method give accurate resu l t s  f o r  the  loca l  skin-friction l eve l  at ' 
a l l  Reynolds numbers up t o  the  Reynolds number of in te res t ,  since the average is 
obtained by integrating the loca l  values. Therefore, even though the  Spalding 
and Chi method gives accurate r e su l t s  f o r  the loca l  skin f r i c t i o n  at high 
Reynolds numbers, it does not necessarily give accurate r e su l t s  f o r  the average 
skin f r i c t i o n  at these Reynolds nunibers. There is a l so  some doubt as t o  the 
va l id i ty  of the Spalding and Chi method fo r  use a t  the high temperature levels  
encountered on a supersonic transport ,  since the constants i n  t h i s  method were 
obtained by comparison with wind-tunnel data and no provision was  made t o  
account fo r  the effect of temperature leve l  on the viscosi ty  r a t i o  of air. 
Most other methods of predicting skin f r ic t ion ,  including the  Sommer and Short T '  
method, do have such a provision. 
As can be seen, only a l imited amount of experimental data  is  available fo r  
the very high Reynolds numbers encountered by a supersonic transport .  More data 
a re  needed t o  increase confidence i n  the prediction of skin f r i c t i o n  at high 
Reynolds numbers. 
The ef fec t  of wall temperature on the average skin f r i c t i o n  at  M = 3.0 
and Rx = 94 x 106 i s  shown i n  figures 8 and 9 f o r  an ogive-cylinder body of 
revolution ( re f .  9 ) .  The variations of - 'I with - Tw are  presented f o r  
C ~ ,  a w  Taw 
experiment and theory, where Taw is based on a recovery fac tor  qr of 0.89 
and the value of CF,, is obtained by extrapolating the  experimental values 
t o  adiabatic conditions. A comparison of these f igures  shows tha t  the Sommer 
and Short T' method be t t e r  predicts the e f fec t  of w a l l  temperature on skin 
f r i c t i o n  at Mach 3. However, the heat-transfer correlations i n  reference l3 
indicate tha t  the Spalding and Chi method i s  more accurate a t  hypersonic 
speeds. 
It i s  apparent tha t  there is  much room f o r  improvement i n  the accuracy of 
predictions of turbulent skin-friction drag. However, the  Sommer and Short T' 
method is considered t o  provide the best predictions of skin f r i c t i o n  under 
conditions encountered by the supersonic transport. Therefore, t h i s  method is 
used t o  calculate skin f r i c t i o n  in  the r e s t  of t h i s  paper. 
Methods of Reducing Skin Frict ion 
Most of the methods discussed i n  t h i s  paper f o r  reducing the skin f r i c t ion  
on a supersonic transport  have been presented before i n  various conference 
papers and lPASA reports. These methods are  presented herein without regard t o  
the  design considerations involved, o r  the e f fec ts  they might have on other 
character is t ics  of the a i r c ra f t .  Application t o  a supersonic transport w i l l  
require careful and ingenious design i n  order t o  obtain favorable overal l  
r e su l t s .  
Configuration changes and blending.- One way t o  reduce skin f r i c t i o n  is  t o  
take advantage of the  f ac t  t ha t  skin f r i c t ion  is low at  high Reynolds numbers. 
(see re f .  14.) Figure 10 i l l u s t r a t e s  the changes i n  skin f r i c t i o n  which occur 
as the  wing planform is  changed so as t o  remove areas from the t i p s  and add 
areas in the center, where 'they wil l  be i n  high Reynolds number flows. The 
skin f r i c t i o n  w a s  calculated a t  a Mach number of 2.7 and an a l t i t ude  of 
65 000 ft f o r  a wing with a planform area of 8000 f t 2  and an aspect r a t i o  of 
1.7. The wing chord w a s  determined by a power-law formula, and the midchord 
sweep of the wing w a s  held constant at 50°. As can be seen, the areas near the 
t i p s  are  progressively moved toward the  center of the  wing. This process 
r e su l t s  i n  a reduction i n  the  t o t a l  skin f r ic t ion ,  even though the  t o t a l  area 
and the  aspect r a t i o  of the w i n g  remain the same. 
Another obvious way of reducing skin f r i c t ion  is  decreasing the wetted 
area of the a i r c ra f t .  The method used t o  decrease the wetted area, which i s  
cal led blending, i s  accomplished by deforming the a i r c r a f t  in to  a shape tha t  
i s  as close as possible t o  a body of revolution. Such a shape, of course, 
would have the l eas t  surface area f o r  a given volume dis t r ibut ion.  Although 
t h i s  type of blending is  used t o  reduce skin f r i c t i o n  only, it is  not incom- 
pa t ib le  with the type of blending which can be used t o  reduce wave drag and 
s t ruc tu ra l  weight. 
A n  example of a configuration shape which resul ted from blending and 
changing the planform of a delta-wing type supersonic transport  i s  shown i n  
f igure 11. The wing planform has been changed t o  remove areas near the t i p s  
and add areas near the center i n  such a way tha t  t he  t o t a l  area and the wing 
aspect r a t i o  are  constant. The wing and t a i l  have been blended into the fuse- 
lage with large f i l l e t s ;  the nacelles have been blended together and a s p l i t t e r  
p l a t e  used t o  separate the in le t s .  The data of reference 15 show tha t  a 
s p l i t t e r  plate  prevents mutual interference between i n l e t s  when they are  
unstarted. The nacelle i n l e t s  have not been blended in to  the wing because 
such blending would have produced problems of diverting the wing boundary layer 
around the in l e t s .  
The skin-friction-drag reductions tha t  might be obtained by these config- 
uration changes are shown in t ab le  I. The reductions due t o  planform changes 
r e su l t  only from removing areas i n  low Reynolds number flows and replacing them 
i n  high Reynolds number flows. There i s  no change i n  the t o t a l  wetted area. 
The skin-friction-drag reductions due t o  blending resu l t  from changes i n  the 
t o t a l  wetted area which occur as the components of the a i r c r a f t  are  blended. 
Changes i n  the skin f r i c t i o n  caused by three-dimensional eefects i n  the corners 
were neglected i n  these calculations. Although each ir.di-.idual increment is 
smaii, the t o t a l  increment can be a s ignif icant  reduction i n  the skin-friction 
drag. For an a i rc raf t  with 40 counts of skin-friction drag, the t o t a l  reduc- 
t i on  shown i n  table I mounts t o  about 2 counts. 
Effects of emissivity on wall temperature and skin f r ic t ion . -  As shown 
before, the wall-temperature r a t i o  has a large ef fec t  on skin f r ic t ion .  Both 
the theory and the experimental data showed tha t  the skin f r i c t i o n  increased 
as the wall-temperature r a t i o  decreased. This trend is shown i n  f igure 12, 
where the skin-friction drag i s  plot ted as a function of the wall-temperature 
r a t i o  fo r  a typica l  supersonic transport  f lying at a Mach number of 2.7 and 
an a l t i t ude  of 65 000 f t .  Also shown i n  the  figure a re  v e r t i c a l  dashed l ines  
a t  the temperature ra t ios  corresponding t o  the equilibrium w a l l  temperatures 
f o r  various w a l l  emissivities . (see also r e f .  16. )  h he range of emissivit ies 
being considered for  presently proposed supersonic transports is shown as  the 
crosshatched region. A s  is  well known, radiation of heat from the w a l l  caused 
by high emissivities reduces the w a l l  temperature. For t h i s  par t icu lar  con- 
figuration, an emissivity of 0.5 reduces the wall-temperature r a t i o  t o  about 
0.95, and an emissivity of 1.0 reduces it t o  about 0.91. It can be seen tha t  
increasing the emissivity reduces the wall temperature but increases the skin- 
f r i c t i o n  drag. Low emissivit ies have the  opposite e f fec t  of increasing the  
w a l l  temperature and reducing the skin-friction drag. Therefore, low values of 
the  emissivity, which can be controlled t o  a cer tain extent by the choice of 
paint or surface coating used, reduce the skin-friction drag of a supersonic 
transport .  Determination of the best w a l l  emissivity t o  use w i l l  depend on the 
exact configuration and s t ruc tura l  design chosen. 
Boundary-layer control.- The ideal  way t o  reduce the skin f r i c t i o n  on a 
supersonic transport, of course, would be with laminar-flow controi. Research 
on- laminar-f low control, however, is s t i l l  continuing and very l i t t l e  pract ical  
experience has been obtained so f a r .  Therefore, laminar-flow control does not 
appear feasible for  the first-generation supersonic transport .  
Theoretically, it i s  possible t o  obtain about 2 f e e t  of natural  laminar 
flow on unswept leading edges, such as the engine nacelles, and about 1.2 fee t  
of natural  laminar flow on swept leading edges, such as the wing and t a i l  
( r e f .  17). With these amounts of laminar flow, the skin-friction drag could be 
reduced by about 3 percent. However, large extents of natural  laminar flow on 
the  supersonic transport appear unlikely, since t h i s  condition would require very 
, accurabe construction, extensive maintenance, and some method of avoiding insect 
contamination during service. 
There is, however, a method of reducing the turbulent skin-friction drag. 
It has been shown experimentally that  the turbulent skin f r i c t i o n  can be 
reduced by injecting air into the boundary layer  through rearward-inclined 
f lush  s l o t s  i n  the surface ( re fs .  18 and 19). The ef fec t  of a i r  inject ion on 
the  drag is  shown i n  figure 13, in which the model drag coefficient is plot ted 
as a function of the injection mass-flow parameter. The lower curve presents 
. the var iat ion cf the measured values of CD with the r a t e  of a i r  inject ion 
through a rearward-inclined f lush s l o t  a t  M = 3.0. These measured values of 
Cg include the reduction i n  skin f r i c t i o n  as well as  the  thrus t  recovered from 
the injected a i r .  The upper curve represents the calculated values of CD 
t ha t  could be obtained if  the momentum thrus t  of the same a i r  were recovered 
with a convergent nozzle. The difference i n  the levels  of the two curves indi- 
cates  tha t  a reduction i n  skin f r i c t ion  occurred. The physical process behind 
t h i s  skin-friction reduction is not ye t  fully understood. 
A possible application of a i r  inject ion t o  one of the supersonic transport  
configurations is  presented i n  figure 14. The abscissa i s  the injection-air  
weight-flow ra t e  thro%h inclined f lush s lo t s .  The air f o r  inject ion can be 
obtained from the i n l e t  bleed air, which is already available f o r  use onboard the  
airplane. The ordinate i s  the ra t io  of the average airplane skin-friction coef- 
f i c i en t  with air inject ion t o  the  average skin-friction coefficient without a i r  
injection. The flow ra t e  of the in l e t  bleed air is estimated t o  be about 
80 lb/sec. With t h i s  amount of air, the skin f r i c t i o n  can be reduced by 
5 percent. 
Recently published boundary-layer surveys behind flush s l o t s  ( re f .  19) have 
suggested tha t  perhaps even larger reductions in skin f r i c t ion  could be obtained 
from two or  three s l o t s  distributed along the surface, instead of one s l o t  near 
the  leading edge. This hypothesis requires experimental ver if icat ion,  however, 
before it can be used. The f eas ib i l i t y  of using air inject ion t o  reduce skin 
f r i c t i o n  depends upon many considerations. The point t o  be made, however, i s  
tha t  the skin-friction reductions shown i n  figure 14 indicate tha t  fur ther  
study of the use of a i r  inject ion on the supersonic transport i s  warranted. 
CONCLUDrnG REMARKS 
In summary, a comparison between theory and the l a t e s t  experimental r e su l t s  
fo r  compressible turbulent skin f r i c t ion  shows tha t  more data are  needed t o  
increase confidence i n  the prediction of skin f r i c t i o n  a t  supersonic speeds and 
high Reynolds numbers. 
Planform changes and configuration blending can s ignif icant ly change the 
t o t a l  skin-friction drag of a supersonic transport. Also, the wall emissivity 
of a supersonic transport can have a large ef fec t  on the skin-friction drag. 
,,.- \ 
The reduction i n  turbulent skin f r i c t i o n  obtainable with a i r  in ject ion 
through rearward-inclined f lush  s l o t s  indicates t h a t  fur ther  study i s  warranted. 
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TABLE I 
CALCULATED SKIN-FRICTION-DRAG REDUCTIONS 
DUE TO CONFIGURATION CHANGES 
M =2.7; h = 65 0 0 0  FT 
PLANFORM CHANGES 
WING ....................................................................... -0.5 % 
....................................................................... TAIL -0.1 % 
TOTAL - 0.6 % 
BLENDING 
............................... WING-FUSELAGE JUNCTURE -3.1 O/o 
............. VERTICAL-TAIL- FUSELAGE JUNCTURE -0.3 O/o 
.............................................................. NACELLES - 1 .3 % 
TOTAL -4.7 % 
TOTAL CHANGE IN SKIN-FRICTION DRAG - 
........................... DUE TO CONFIGURATION CHANGES -5.3 % 
DRAG BREAKDOWN OF A TYPICAL SUPERSONIC TRANSPORT 
M= 2.7; h=65 000 FT 
34 % 
ZERO-LIFT 
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31. THE PROBLEM OF ROUGHNESS DRAG AT SUPERSONIC SPEEDS 
By K. R. Czarnecki 
NASA Langley Research Center 
SUMMARY 
An assessment has been made of t h e  problem of roughness drag a t  super- 
sonic speeds. The study indicates t h a t  no re l iab le  methods a r e  available 
a t  present f o r  estimating roughness drag f o r  general shapes a t  supersonic 
speeds. It appears, however, t ha t  research on the drag of surface roughness 
has progressed suff ic ient ly  t o  indicate tha t  the basic parameters involved 
can be delineated and tha t  the overall  problem of roughness drag can prob- 
ably be put on a more sol id  theoret ical  foundation. Some additional experi- 
mentation i s  s t i l l  needed concerning cer tain parameters t h a t  have not been 
investigated suff ic ient ly .  From the present assessment, it i s  apparent tha t  
roughness drag depends upon loca l  boundary-layer character is t ics  and t h a t  
methods fo r  calculating these character is t ics  i n  practical-type three- 
dimensional flows must generally be improved; the usual procedure of calcu- 
l a t ing  roughness drag on the basis of the boundary layer on a f l a t  p l a t e  
generally w i l l  not be adequate. Finally, considerably more analyt ical  work 
i s  required t o  reduce the  complete problem t o  a rat ional  basis,  and a 
ra t iona l  basis f o r  predicting roughness e f fec ts  can greatly improve 
airplane-performance calculations. 
INTRODUCTION 
Research r e su l t s  from past conferences of NASA have shown t h a t  surface 
roughness can make s ignif icant  contributions t o  the drag of a typical  super- 
sonic a i rc raf t .  For example, i n  reference 1 Peterson and Braslow estimated 
tha t  the typical  fabrication-type surface roughness prevalent on mil i tary 
airplanes a t  the time could increase the  cruise drag of a supersonic trans- 
port  by about $ percent and could decrease the potent ial  payload by 
3500 pounds. k r e  recent assessments indicate  tha t  d is tor t ion  of the a i r -  
plane surfaces under aerodynamic heating and loading, and the deteriora- 
t i on  of the surface smoothness wi th  time i n  service w i l l  a l so  pose d i f f i -  
cu l t  problems. Thus, there i s  a defini te  need f o r  developing r e l i ab le  
methods f o r  estimating roughness drag at supersonic speeds. The objective 
of t h i s  paper i s  t o  assess the overall problem, t o  delineate areas where 
design data may o r  may not be available, and, i n  par t icular ,  t o  show some of 
the  progress being made t o  rationalize the  overal l  roughness-drag problem 
and t o  put it on a more so l id  theoret ical  foundation. 
SYMBOLS 
drag coefficient 
incremental pressure coefficient 
roughness height 
height from reference surface to experimental reattachment point 
for dividing streamline on round-cornered forward-facing steps 
(see fig. 9 )  
k ~ h  nirmher ---"-A 
dynamic pressure 
radius of upper corner of forward-facing step 
UrnX Reynolds number, - 
"00 
u% Reynolds number, -
Vk 
time 
velocity 
friction velocity, E 
longitudinal distance from virtual origin or axial distance from 
body nose 
lateral distance 
distance normal to reference surface 
Mach number parameter, i~~~ - 1 
boundary- layer di splacement thicknes s 
density 
surface shear 
kinematic viscosity 
Subscripts: 
av,6 average condition in undisturbed boundary layer over complete 
boundary-layer thickness at location of roughness element 
k at top of roughness element 
P based on pressure i~tegrations 
%v,~ average dynamic pressure in undisturbed boundary layer (roughness 
element removed) over height of roughness 
%v,kl average dynamic pressure in undisturbed boundary layer between 
reference surface and reattachment point for dividing stream- 
line at location of roughness element 
w wall 
00 free stream 
1 modified drag coefficient, defined in fi.gure 7 
2 modified drag coefficient, defined in figure 7 
ASSESSMENT OF OVERALL PROBLEM 
The status of knowledge of roughness drag at supersonic speeds is summar- 
ized in figure 1. For convenience the surface roughnesses have been divided 
into three types: uniformly distributed or equivalent-sand-grain roughness; 
two-dimensional, square-cornered, essentially unswept steps, either forward- 
or rearward-facing; and the general arbitrarily shaped roughness, of which the 
other roughnesses are special cases. For the uniformly distributed roughness 
the critical roughness criterion is usually taken as the Reynolds number formed 
from the local friction velocity, the roughness height, and the kinematic vis- 
cosity corresponding to the top of the roughness. This criterion was developed 
from subsonic pipe-flow tests (ref. 2) but analyses and supersonic tests indi- 
cate that the criterion usually applies reasonably well at supersonic speeds 
provided the roughness height does not exceed approximately 300 to 400 micro- 
inches. Theoretical considerations and same unpublished results (also, see 
data for 4.80 in. model in refs. 3 and 4) indicate the possibility of more than 
negligible roughness wave drag for roughness heights exceeding this value even 
when the roughness Reynolds number is below the critical value. In general, 
neither criterion poses any severe restrictions on surface manufacturing toler- 
ances, and hence surface-roughness drag of this type should not be any problem. 
Consequently, the knowledge in this area is considered fairly satisfactory even 
though the theoretical and experimental results at supersonic speeds are some- 
what limited, and no f'urther discussion of this type of roughness is included 
herein. 
For the two-dimensional, square-cornered, essentially unswept step-type 
roughness there is no critical height below which drag due to roughness is not 
,,' 9 
present. Considerable experimental data ex is t  f o r  t h i s  type of roughness 
(ref .  5 provides a short l ist  of references), and some success has been at ta ined 
i n  correlating effects  of Reynolds number (or, more accurately, the e f fec ts  of 
the  r a t i o  of roughness height t o  boundary-layer thickness) on roughness drag. 
 o or example, see ref. 6.)  The ef fec ts  of Mach number have not ye t  been fully 
resolved. The ultimate objective i n  t h i s  research i s  t o  develop a universal 
correlation procedure wherein a theore t ica l  or experimental drag coefficient fo r  
a par t icu lar  type of roughness can be blended with the correct scale  and 
dynamic-pressure parameters t o  calculate the correct drag under any s e t  of 
boundary-layer and free-stream Mach number conditions. 
Research on the general roughness shapes, exclusive of the two types just  
discussed, i s  i n  the  preliminary phases only, and very l i t t l e  experimental data 
a re  available. TJnfnrt.nnate~v, ms+; nf the r 0 1 ~ h e ~ s e s  that k r i l l  be present en 
the  supersonic transport and other supersonic airplanes w i l l  probably f a l l  i n to  
this category. 
I n  the remaining par t  of t h i s  discussion the object i s  t o  show some of the 
progress being made i n  rationalizing the overal l  drag problem i n  the l a s t  two 
roughness-configuration areas i l l u s t r a t e d  i n  f igure 1. Because of the com- 
plexi ty of the  drag problem f o r  the  general a r b i t r a r i l y  shaped roughnesses and 
the lack of experimental data thereon, much of the emphasis is, of necessity, 
on the extension of correlations f o r  the two-dimensional unswept steps and the 
e f fec ts  of gradual modifications of the  steps toward the general a rb i t ra ry  shape. 
MODELS AND TESTS 
The experimental resu l t s  from which the i l l u s t r a t ions  presented herein a re  
drawn were obtained, as shown i n  f igure 2, on many different  types of models, on 
many types of configurations, i n  various wind tunnels, and by many different  
techniques. The Mach number range was from a subsonic Mach number of 0.7 t o  a 
hypersonic Mach number of 10.0 and a range of free-stream Reynolds number per 
foot from 0.7 x 106 to 20 x 106, which can be t ranslated t o  a range of Reynolds 
number based on length from 2 x 106 t o  200 X lo6. Some ef fec ts  of heat t ransfer  
were emlored. Although some laminar-flow data were obtained, most of the  
emphasis was on turbulent boundary-layer flow, and the data presented are  l i m -  
i t e d  t o  tha t  type of boundary layer. 
RESULTS AND DISCUSSION 
Definition of Problems 
For purposes of orientation and f o r  def ini t ion of the  general problems 
involved, some typical pressure-drag resul t s  obtained on a single cycle of a 
repeating ser ies  of approximately sinusoidal-wave surface roughness on an ogive- 
cylinder model with a turbulent boundary layer a re  presented i n  f igure 3. The 
cross-hatched l i n e  represents a l inearized, two-dimensional, potential-flow 
theory which u t i l i z e s  an experimental l o c a l  Mach number. Inasmuch as  this loca l  
Mach number does not vary exactly as  k ,  extrapolation from one free-stream 
Mach number t o  another resu l t s  i n  a narrow band of values rather  than a single 
l ine.  The two dashed l ines  labeled f'subsonic theory" w i l l  be explained shortly. 
It should be noted tha t  the roughness height of 0.053 inch (which i s  exaggerated 
by a fac tor  of 20 i n  the  ve r t i ca l  scale  of the  sketch) i s  well within the bound- 
ary layer  which i s  estimated t o  vary a t  this t e s t  s ta t ion  from about 0.25 t o  
0.35 inch. 
The experimental resu l t s  i n  f igure 3 show a drag variation with Mach number 
that is typ ica l  of object in a 7miferrc free stresn! wlthout boundary layer  
except f o r  a rather  high form drag a t  subsonic speeds and a powerful Reynolds 
number e f fec t  a t  the  transonic and supersonic speeds. It should be noted t h a t  
a t  the highest t e s t  Mach numbers and the  highest Reynolds number, the  experi- 
mental drag appears t o  approach agreement with the theoret ical  predictions. 
The t ru ly  s ignif icant  feature is,  however, t ha t  on an actual  airplane, because 
of attempts t o  minimize roughness drag, most roughness elements w i l l  be i n  an 
area corresponding t o  the lowest curve o r  even lower and, thus, indicate  the 
great need f o r  a proper understanding of Reynolds number effects .  
The theore t ica l  subsonic form drag w a s  obtained by assuming tha t  the drag 
was due both t o  the  pressure gradient exis t ing on the basic smooth model and t o  
t h e  growth of the boundary-layer displacement thickness along the length of the 
roughness element. The l a t t e r  increment i n  drag was determined by calculating 
the potential-flow pressure dis t r ibut ion f o r  the roughpess-element shape, as  
modified by the  growth of the boundary-layer displacement thickness on a f l a t  
plate ,  and superimposing this pressure dis t r ibut ion direct ly  t o  the  actual  phy- 
s i c a l  contours of the  element. The r e su l t s  of these calculations, shown i n  the 
lower l e f t  par t  of f igure 3, indicate the  proper trend i n  form drag with Mach 
number but a re  too low. Allowance f o r  the  thinner boundary layers exis t ing on 
the  t e s t  model r e l a t ive  t o  a f l a t  p l a t e  would great ly  improve the  agreement 
between theory and experiment. In general, it appears the approach may be 
fundamentally va l id  but the  detai ls  need considerably more development. It 
should be mentioned a t  this point t h a t  an understanding of subsonic roughness 
drag i s  necessary t o  the interpretat ion of supersonic-speed drag r e su l t s  f o r  
highly swept roughness configurations. 
Drag a t  Transonic and Supersonic Speeds 
A t  transonic speeds the calculation of theoret ical  pressure dis t r ibut ions,  
and hence drags, is  formidable enough a problem without the introduction of 
boundary layers. Nevertheless, the prospects f o r  obtaining a t  l e a s t  empirical 
correlations i n  this speed regime do not appear t o  be hopeless. This possi- 
b i l i t y  i s  i l l u s t r a t ed  i n  figures 4 and 5. I n  f igure 4 are  shown the  e f fec ts  of 
changes i n  Mach number and i n  figure 5 a re  shown the e f fec ts  of changes i n  
Reynolds number on the pressure dis t r ibut ions over the same approximately sinus- 
o ida l  roughness element considered i n  f igure 4. The increment AC$ i s  the dif-  
ference i n  pressure coefficient existing between the smooth reference body and 
the  model with surface roughness a t  ident ica l  t e s t  conditions. A s  the Mach n u -  
ber  i s  increased (fig. 4), the pressure dis t r ibut ion changes from one similar i n  
shape (except for a vertical scale factor) and in phase with the surface rough- 
ness shape to one approximately similar in shape, in this case, but now increas- 
ingly out of phase with the surface roughness shape. At the highest test Mach 
number, the negative and positive pressure peaks'tend to approach the inflec- 
tions in surface slope as required by the supersonic linearized potential-flow 
theory, although the magnitude of the experimental pressure coefficients remains 
considerably below the theoretical predictions ,which, however, are not shown. 
This type of change in pressure distribution with increase in Mach number is 
typical (except for the deficiency in magnitude of pressure coefficients rela- 
tive to the theoretical values) of similarly shaped bodies in a uniform free 
stream without the boundary layer. 
The significant feature at this point is that these changes in pressure 
dlstrlbiitioii are very similar to tinose cue to increasing Reynolds number shown 
in figure 5. Note that at the lower test Reynolds number, the shape of the 
pressure distribution tends toward similarity with the shape of the roughness 
and in phase with it. At the higher Reynolds number the supersonic flow has 
developed somewhat further, and the negative and positive pressure peaks tend 
to approach the inflection points. The shape of the pressure distribution is 
increasingly out of phase with the shape of the roughness. This similarity in 
Reynolds number and Mach number effects suggests that it may be possible ulti- 
mately to predict at least the first-order combined effects on the basis of an 
effective Mach number and effective dynamic pressure, in which the effective 
Mach number and dynamic pressure are derived from the local boundary-layer char- 
acteristics. Although it is not presented, this problem of a flow fully 
expanded supersonically to the inflections in surface slope, but deficient in . 
magnitude of pressure coefficients predicted in terms of free-stream Mach num- 
ber, extends continuously into the higher free-stream Mach number regimes. 
The problem that exists at these higher Mach numbers is to devise methods for 
predicting the effective Mach numbers and effective dynamic pressures. Satis- 
factory methods for estimating the effective values of these parameters for 
wave-type configurations have not yet been developed, but several promising 
leads have been uncovered. 
Development of Typical Correlation Procedures 
The emphasis thus far in this discussion has generally been on the types of 
surface roughness for which potential-flow calculations appear feasible because 
flow separation is nonexistent or the separation is on an insignificant scale. 
As indicated in figure 6, work is also proceeding on types of roughness 
involving separation. In this figure, which incidentally has been shown in a 
previous conference (ref. 62, the pressure drag on a two-dimensional forward- 
facing step is plotted as a function of the ratio of roughness height to 
boundary-layer displacement thickness. These data are for a step mounted on a 
tunnel wall at a Mach number of 2.20, with k ranging from 0 to 1.006 inches 
and & ranging from 11 x lo6 to 103 x 106. As indicated, a drag correlation 
was obtained (that is, CD is constant) over most of the k/6* range when the 
drag coefficient CD was based on the average dynamic pressure existing in the 
basic boundary layer over the height of the step when the step is nonexistent. 
For the lowest step heights, when the top of the step approaches the height of 
sonic flow, the correlation breaks down. This area has not yet been intensely 
analyzed. There is also a residual Mach number effect on the level of the aver- - 
age drag coefficient in the range of correlated data, as illustrated in the left- 
hand part of figure 7. An attempt to correlate the Mach number effect on the 
basis of the parameter derived from the turbulent boundary-layer separa- 
tion correlation developed by Erdos and Pallone (ref. 5) .was not successful, as 
is indicated by the data in the upper part of the right-hand plot. A success- 
ful universal correlation, good for all conditions of boundary layer and free- 
stream Mach number, appears to result, however, if the parameter is based 
on the average Mach number in the boundary lqer and if an allowance is made for 
the reduced dynamic pressures within the shear layer. This apparent universal 
correlation needs to be tested, however, over a much wider range of Mach number 
before it can be accepted with any confidence. 
Similar universal correlations, which are not shown, are possible for the 
Reynolds number and Mach number effects for the rearward-facing two-dimensional 
steps, but all the average dynamic pressures and Mach numbers must be replaced 
by the free-stream values. It should be mentioned that the correlation of Mach 
number effect is not quite as good for the rearward-facing step as that shown 
for the forward-facing step. The essential point to be made is that the 
rearward-facing steps have other basic controlling parameters for the effective 
Mach number and dynamic pressure than the forward-facing steps. 
Most step-type roughnesses on a supersonic airplane probably will not have 
perfectly square corners. In figure 8 are shown the effects of rounding off 
the corners of the forward-facing step on the drag correlation. The ordinates 
and abscissa are the same as in figure 6 for the square-cornered, forward-facing 
step. The lines represent curves drawn through the average data in figure 6 
and in other similar figures with the corner radius r being held constant. 
The experimental data were obtained over a wide range of corner radii, roughness 
height k, and Reynolds number %. 
The results in figure 8 indicate that rounding off the upper corner of the 
forward-facing step prevents all steps from being universally correlated on the 
basis of the parameters of figure 6. It is to be noted that the data for each 
step configuration having a constant radius do correlate in the form of a 
curve of CD as a function of k/6*, but the drag coefficient is no longer con- 
stant over most of the k/6* range. For the square corner, the flow phenomena 
on the forward face and upon the upper roughness surface downstream of the 
corner appear to be effectively separated from one another because of the very 
small subsonic-flow.connection through the boundary layer. With the rounding of 
the corners this point for the division of the two flows moves forward and 
below the total roughness height, so that the roughness height is no longer the 
proper parameter for obtaining the correlating effective dynamic pressure. 
The possibility of obtaining the desired correlation by suitably picking 
the effective roughness height is shown in figure 9. The roughness height k t  
used in this figure was taken to be at the location of the dividing streamline 
for the boundary layer as indicated by the experimental pressure distributions 
on the rounded corners. The drag integrations extended only from the reference 
surface to this point, with some drag component left to be accounted for above 
the point. The main objective is to determine whether the overall flow over the 
roughness element can be simplified into component flows more suitable for 
theoretical treatment. The successful correlation shown in figure 9 indicates 
that such simplification is possible, although the correlation of the drag com- 
ponent existing above the reattachment point has not yet been attempted. 
Effects of Roughness Sweep 
At this point it is desirable to conclude the discussion of those areas 
where substantial progress is being made and to give some attention to a perti- 
nent item for which only a rough preliminary analysis has been applied. In fig- 
ure 10 are presented some typical pressure-drag results showing the effect of 
sweeping the roughness element. The drag coefficient is, as usual, based on 
rrrl-ghness fro~t.1 sren, P-e %henry is b~sec? nfi the normal components of the 
local surface slopes and experimental local flows and is best represented by a 
band for the same reasons as mentioned previously. The approximate shape of the 
roughness with the vertical scale exaggerated is illustrated in figure 10. The 
roughness-drag results of this-figure indicate that the onset of wave drag on 
the roughness element has been delayed and the peak drag coefficient has been 
reduced (in comparison with the drag of a similar unswept configuration) by the 
sweep of the element. These effects are precisely those expected for the ele- 
ment in a uniform free stream with no boundary layer. 
Another important effect resulting from the sweep is that the region of 
maximum Reynolds number effects, which occurs just above a Mach number of 1 for 
the unswept roughness, has now been delayed to higher free-stream Mach numbers. 
This phenomeneon results from the fact that the development of the sqersonic 
- 
flow in a plane normal to the element and strongly influenced by changes in 
boundary-layer thickness, as was shown previously for the unswept roughness, 
has been delayed to higher free-stream Mach numbers. Furthemore, the tendency 
toward better agreement between theory and experiment at the higher test Mach 
numbers is apparently delayed to still higher values. This trend illustrates 
the need for a better understanding of subsonic- and transonic-flow drag char- 
acteristics in making drag calculations at supersonic free-stream Mach numbers. 
CONCLUDING RESIARKS 
From this assessment of the problem of roughness drag at supersonic speeds, 
it can be said, in summary, that there are at present no reliable methods for 
estimating roughness drag for general shapes at supersonic speeds. However, 
research on the drag of surface roughness has progressed sufficiently to indi- 
cate that the basic parameters involved can be delineated and that the overall 
problem of roughness drag can probably be put on a more solid theoretical foun- 
dation. Some additional experimentation is needed to investigate certain param- 
eters that have not been investigated sufficiently. From this presentation, it 
should be obvious that roughness drag depends upon local boundary-layer charac- 
teristics and that methods for calculating these characteristics in practical- 
type three-dimensional flows must generally be improved; the usual approach of 
calculating roughness drag on the basis of a flat-plate boundary layer generally 
will not be adequate. Finally, considerably more analytical work is required to 
reduce the complete problem to a rational basis, and a rational basis for pre- 
dicting roughness effects can greatly improve airplane-performance calculations. 
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CRANKED LEADING XEES 
By Edward J. Hopkins, Raymond M. Hicks, 
and Ralph L. Carmichael 
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SUMMARY 
Experimental l i f t ,  drag, and pitching-moment character is t ics  a re  presented 
fo r  several wing-body combinations having low-aspect-ratio wings with cranked 
leading edges. The Mach number range covered was from 0.4 t o  2.94. Compari- 
sons a re  made, throughout t h i s  Mach number range, between the measured r e su l t s  
and those predicted by means of l inear  theory i n  which body induced e f fec t s  
a r e  considered. A t  a Mach number of 0.4, the e f fec ts  of changes in  the 
leading-edge crank geometry on the l i n e a r i t y  of the lift and pitching-moment 
curves a re  shown. A t  small angles of a t tack,  variations with Mach number of 
l i f t -curve slope, aerodynamic center, drag due t o  l i f t ,  minimum drag, and 
maximum l i f t -drag r a t i o  a re  presented. 
Some of the benefi ts  of using planforms with cranked leading edges 
instead of s t ra ight  leading edges are shown. These benefi ts  include ( a )  a 
smaller change in  aerodynamic center between subsonic and high supersonic Mach 
numbers, (b) more usable volume yet l e s s  minimum drag for  the  same exposed 
area and thickness in  percent chord, (c ) considerably higher l i f t -drag  r a t i o s  
a t  high supersonic Mach numbers for some planar wings, and (d) greater  theoret- 
i c a l  potent ial  f o r  improvements i n  f l i g h t  efficiency by warping. A t  a Mach 
number of 0.4, however, the cranked planforms exhibited a loss  i n  longitudinal 
s t a b i l i t y  which was more severe than tha t  f o r  the de l ta  planform. 
INTRODUCTION 
In order for  airplanes t o  meet the stringent range-payload requirement 
for  economic operation a t  high supersonic speeds, t h e i r  aerodynamic eff ic ien-  
c ies  must be maximized a t  cruise Mach number within the r e s t r a in t s  imposed by 
the  overall  f l i gh t  requirements. The optimum design of supersonic airplanes 
therefore involves many compromises and trade-offs, both aerodynamicairy and 
s t ruc tura l ly .  For example, the most e f f i c i en t  design for  supersonic f l i g h t  
may have unacceptable low-speed characteristics or  may impose serious weight 
penalties for  maintaining s t ructural  in tegr i ty .  In addition, other conditions 
such as e f f i c i en t ly  providing adequate volume or  a t ta ining sat isfactory center- 
of-gravity positions for  adequate longitudinal s t a b i l i t y  throughout the  Mach 
number range I I B ~  have important influences on the  f i n a l  design. 
'" \ 
The i n i t i a l  pa r t  of the  present invest igat ion was reported i n  r e f e r e n ~ e  1 
where it is  shovl tha t  aerodynamic e f f ic iency  of a f l a t  t r i angula r  wing is  
improved bg use of spanwise var ia t ion  of leading-edge sweep, i . e . ,  an "ogee" 
planform. The cranked planforms having leading edges consist ing of two 
s t r a i g h t  l i n e s  should have manufacturing advantages over t he  ogee planforms 
they approximate. In references 2 and 3 it i s  demonstrated t h a t ,  by lengthen- 
ing the  inboard wing chords, it i s  possible t o  reduce t he  zero l i f t  wave drag 
and t o  increase t he  t o t a l  wing volume. In reference 4 it i s  pointed out t h a t  
f o r  two wings having the same area  t he  one with t h e  more slender planform i n  
t he  stream d i rec t ion  w i l l  have l e s s  skin-fr ic t ion drag.  
In  t he  present investigation,  t he  e f f ec t s  of changes i n  t he  leading-edge 
crank geometry on t he  aerodynamic charac te r i s t i cs  of several  wing-body combina- 
t i o n s  were investigated.  These planforms, here inaf te r  ca l l ed  cranked plan- 
forms, were designed t o  nave subsonic ieatiing edges over the  inward par t  of 
t h e i r  spans throughout t h e  supersonic Mach number range of the  invest igat ion.  
Although the  present experimental invest igat ion was confined t o  planar wings, 
cranked wings with par t ly  subsonic leading edges should show grea te r  improve- 
ment i n  t h e  f l i g h t  ef f ic iency from warping than wings with e n t i r e l y  supersonic 
leading edges. Experimental r e s u l t s  f o r  two famil ies  of cranked planforms, 
t h e  one having an aspect r a t i o  of 2.2 and t h e  other  an aspect  r a t i o  of 1.5, 
a r e  presented throughout a Mach number range from 0.4 t o  2.94. 
Par t  of t he  present invest igat ion was devoted t o  predic t ing t h e  l i f t ,  
drag, and pitching-moment charac te r i s t i cs  a t  small angles of a t t a ck  where the  
experimental curves are  near ly  l i n e a r .  The composite method f o r  mking these  
predictions included the  mutual in terference e f f e c t s  between t h e  wing and t he  
body calcula ted from slender-body concepts. 
NOTATION 
*exp exposed aspect r a t i o ,  ( ~ x p o s e d  span)2/(~xposed a rea)  
drag coeff ic ient  based on the  area  of t h e  t r i angula r  wing, Drag 
qs 
C ~ o  
minimum drag coef f ic ien t  
L i f t  l i f t  coeff ic ient  based on t h e  area  of t h e  t r i angula r  wing, -
cis 
i & L / h  l i f t -curve slope measured at CL = 0 
pitching-moment coeff ic ient  , Pitching moment about 514 of d e l t a  wing 
'm qsc 
 o or model 7, t he  moment center was sh i f t ed  forward t he  same 
amount t ha t  t he  in te r sec t ion  point  of t he  wing t r a i l i n g  edge and 
t h e  body was sh i f ted  forward.) 
bcD/dcL2 drag-due-to-lift f ac to r  
pitching-moment-curve slope measured a t  CL = 0 
mean aerodynamic chord of tr iangular wing, 4.218 in .  
maximum l i f t -drag ra t io  
Mach number 
free-stream dynamic pressure 
Reynolds number based on the mean aerodynamic chord of tr iangular 
wing 
wing area of triangular wing including area blanketed by the body, 
21.75 in.2 
angle of a t tack 
MODEL DESCRIF'TION 
Sketches of a l l  the  models investigated are  shown in  figure 1. Models 1 
through 4 all had the same exposed span and area; therefore, they had the same 
exposed aspect r a t i o  = 2.2). Model 1, which is considered the base plan- 
form, is a simple de l t a  planform with i ts  leading edge swept back 590. 
Models 2,  3, and 4 a l l  have the same t i p  chbrds, trailing-edge geometry, and 
7 8 O  of sweepback on the  inboard portions of t h e i r  spans. These models d i f f e r  
only i n  the spanwise position of the leading-edge notch and the leading-edge 
sweeps on the outer portions of the i r  wing spans. Models 5 through 7 are  
related i n  having the same aspect r a t i o s  and sweepback of 820 on t h e i r  leading- 
edge extensions. Model 6 was formed from model 5 by moving the outer portion 
of i t s  leading edge forward t o  create a f i n i t e  t i p ;  the leading-edge notch 
was moved inward along the wing span t o  maintain the same exposed area. 
Both models 5 and 6 have the same exposed spans and areas t o  glve an exposed 
aspect r a t i o  of 1.5. Model 7 has the  same outboard leading-edge and t r a i l i ng -  
edge sweep angles and exposed area as model 1; however, on model 7 the wing 
was moved forward on the  body so tha t  the leading-edge extension and the body 
nose were coincident. The span was reduced t o  give a t o t a l  aspect r a t i o  of 
1.5. Model 8 was formed from model 1 by adding a leading-edge extension a s  
shown. This extension had a sharp nose and was slab-sided. Model 8 was made 
geometrically similar t o  a much larger scale model which had been investigated 
i n  the  Ames 40- by 80-foot wind tunnel. Models 1 through 8 a l l  had f l a t  wings 
mounted i n  the plane or' symmetry of a body of revolution which had a Sears- 
Haack nose. Model1 and the outer panels of the remining models had circular- 
a rc  prof i les  with a thickness of +percent chord. The inboard portions of the 
wing spans of models 2 through 7 had round-nosed symmetrical prof i les  
(NACA 0003-1.1 40/1.75) a l so  w i t h  a thickness of 3-percent chord. 
REDUCTION OF DATA 
The measured axial  forces used for  computing drag were adjusted t o  
correspond t o  the free-stream s t a t i c  pressure acting on the fuselage base. 
The minimum drag data a re  corrected, to  conditions corresponding t o  an a l l  
turbulent boundary layer by the method presented in appendix A of reference 1. 
A correction fo r  the s l igh t  leading-edge bluntness of the outboard panels a l so  
was made t o  these drag data by the method presented in  appendix B of refer- 
ence 1. Values of maximum l i f t -drag r a t i o  were computed from the faired 
values of the drag-due-to-lift factors  and the corrected minimum drag coeffi- 
c ients  by the following equation: 1 
THEOmTICAL METHODS OF ANALYSIS 
Subsonic 
The l i f t  and pitching moments f o r  a given model were calculated as the 
summation of the contributions from the individual components: the nose, t he  
wing extending ahead of the leading-edge notch, and the wing panel outboard 
of the notch. The l i f t  an8 center of pressure f o r  the body nose were e s t i -  
mated from slender-body concepts given i n  reference 5 .  The mutual in te r fer -  
ence lift between the various par t s  of the wing and the body was a lso  
accounted fo r  by the  slender-body theory given i n  reference 5 .  L i f t  and 
center of pressure on the part  of the wings ahead of the notch were computed 
by the slender-wing theory of reference 6 .  This theory was also used t o  e s t i -  
mate the wing-alone l i f t  and center of pressure on the outboard panels of the 
models which had pointed t i p s ,  namely, models 1, 5 ,  and 7. For the wing-alone 
l i f t  on the wing panels mtboard of the notch on a l l  other models, the  method 
of reference 7, which gives resu l t s  about the same a s  the Weissinger method 
( r e f .  8) for  low-aspect-ratio wings, was employed. 
The skin-fr ic t  ion drag was computed from the incompressible skin-fr ic t  ion 
equation given i n  reference 9; compressibility was taken in to  account by the 
reference-temperature method of reference 10. 
In a l l  cases, since the wings were th in  and of low aspect r a t io ,  drag due 
t o  lift was assumed t o  be equal t o  the lift times the angle of attack; hence, 
no leading-edge thrust was assumed. The drag-due-to-lift factor  ( ~ c D / ~ c L ~ )  
=This procedure was followed t o  improve the accuracy of the maximum l i f t -  
drag r a t io ,  since the drag polars were found t o  be parabolic only fo r  angles 
of a t tack above about 3'. The minimum drag coefficients were obtained by 
- 
extrapolating .the drag-due-torlift curve (CD vs .  cL2) t o  zero l i f t .  
therefore becomes the  reciprocal of the l i f t -curve slope and the maximum 
l i f t -drag  r a t i o  i s  given by equation (1) .  
Supersonic 
The wing-body interference effects  on the l i f t  were calculated by the 
method of reference 5 .  The wing-alone lift and center of pressure were calcu- 
la ted  by the method of reference 11. (A similar but a l te rna te  method of com- 
puting the wing-alone values is given i n  r e f .  12.) L i f t  and center of 
pressure f o r  the body nose were calculated by slender-body concepts. 
Wave drag fo r  each wing-body combination was computed f o r  an "equivalent" 
body of revolution by application of the supersonic area ru le  described i n  
reference 13. After the skin-friction drag given by reference 10 was added t o  
the wave drag, the maximum lift-drag r a t i o  was calculated by equation (1) , 
which se t s  the drag-due-to-lift factor (dcD/dcL2) equal t o  the reciprocal of 
the l i f t -curve slope. 
DISCUSSION OF RESULTS 
Reynolds Number Effects 
A s  an a i d  i n  interpreting the subsonic resu l t s ,  Lresults obtained i n  
the Ames 2- by 2-foot wind tunnel on small-scale models i n  the present inves- 
t iga t ion  a t  a Reynolds number of only 0.9 x 106 are  compared i n  figure 2 
with resu l t s  f o r  two larger  scale models of models 1 and 8 which had been 
investigated i n  the  Ames 40- by 80-foot wind tunnel. It can be seen tha t ,  f o r  
model l ,  Reynolds number had practically no ef fec t  on the l i f t ,  pitching 
moment, or  drag-due-to-lift curves. For model 8, the l i f t -curve slope w a s  
s l i gh t ly  higher a t  the higher Reynolds number but the pitching-moment and drag- 
due-to lift curves were nearly the same. These resu l t s  indicate tha t  f o r  low- 
aspect-ratio highly swept wings with re la t ive ly  s&--edged profi les ,  Reynolds 
number effects a r e  relat ively unimportant i n  studies of planform effects.  
L i f t  
Effects of planform modification on lift a t  a Mach number of 0.4 a re  
shown fo r  the  two families of wings i n  figure 3. Linear theory, which 
includes the mutual interference effects  between the wing and the body dis- 
cussed above, is  a l so  shown in figure 3. It can be seen tha t  l inear  theory 
gives a good estimate of the l i f t -curve slope a t  small angles of a t tack,  but 
considerably underestimates the  l i f t  of the cranked planforms a t  the higher 
angles of a t tack because of the nonlinearity of the measured curves.   re- 
dic t ing  the nonlinear part  of the curves would involve accounting fo r  the 
vortex discharge from the wing leading edge and i s  beyond the scope of t h i s  
report  .) A l l  of the cranked planforms had considerably lpore nonlinear curves 
than the de l ta  planform; greater nonlinearity was measured for  the lower 
aspect-ratio wings. This l a t t e r  effect  i s  well known for  wings with s t ra ight  
leading edges. Below each model is  shown the measured angle of a t tack  
required t o  a t t a i n  a l i f t  coefficient of 0.8. It should be noted tha t  a small 
leading-edge extension such a s  fo r  model 2 produced enough nonlinearity i n  the 
l i f t  curve t o  reduce t h i s  angle from approximately 1 7 O  t o  150, but tha t  the 
larger  leading-edge extensions, as  f o r  model 4, increased t h i s  angle t o  about 
180, pa r t ly  because a larger  portion of t h i s  wing was acting a s  a lower 
aspect-ratio wing with a lower l i f t -curve slope. The wings of aspect r a t i o  
1.5, with more nonlinear curves than the aspect-ratio-2.2 wings, required about 
the same or  a greater angle of a t tack f o r  a l i f t  coefficient of 0.8 than the 
de l t a  wing because of t h e i r  lower aspect r a t io .  It is  interest ing tha t  
model 6, which had a smaller leading-edge extension than model 5 ,  had the more 
nonlinear l i f t  curve, just as  model 2 had compared with model 4. 
Pitching Moment 
Pitching-moment resu l t s  obtained a t  a Mach number of 0.4 for  the two 
families of wings are shown i n  figure 4. It can be seen again tha t  l i nea r  
theory gives a good estimate of the longitudinal s t a b i l i t y  a t  low l i f t  coeffi- 
c ients ,  but not a t  the higher l i f ' t  coefficients where the cranked planforms 
exhibited a considerable loss  i n  longitudinal s t ab i l i t y .  The del ta  wing showed 
only a s l igh t  loss  i n  longitudinal s t a b i l i t y  a t  moderate l i f t  coefficients.  
For the aspect-ratio-2.2 family (models 1 through 4) ,  note t h a t  the loss  i n  
longitudinal s t ab i l i t y  became progressively more severe as more of the wing 
leading edge was extended forward. This same re su l t  can be observed by corn- 
. paring the data f o r  model 6 with t h a t  fo r  model 5 which had the greater 
leading-edge extension. 
Effects of Mach Nuniber 
The ef fec ts  of varying Mach number from about 0.4 t o  3 on the important 
aerodynamic parameters of the two families of wings a t  small angles of a t tack 
are  shown i n  figures 5 through 9. A t  supersonic Mach numbers some of these 
parameters such a s  the slopes of the l i f t  and pitching-moment curves w i l l  apply 
over a larger  range of angles of a t tack.  On each of these figures estimated 
values from l inea r  theory are  a l so  shown 
! Pitching-moment-curve slope (dcJdcL).- The maximum t rave l  i n  the aero- 
dynamic center which occurred between a Mach number of 0.4 and transonic Mach 
numbers is  indicated i n  figure 5 t o  be about the same for  a l l  the models, 
approximately 13-percent chord. A t  the higher supersonic Mach numbers, how- 
ever, the aerodynamic centers of the planforms with the cranked leading edges ' 
were nearly a t  the same or s l igh t ly  ahead of the subsonic positions; whereas 
the  aerodynamic center of the de l t a  planform was considerably behind its sub- 
sonic posit ion. A t  supersonic Mach numbers, the aerodynamic center t r ave l  
with Mach number for the  cranked planforms was, i n  general, s a t i s f ac to r i ly  
predicted by use of l inear  theory, but the absolute values for  models 5 and 7 
were somewhat behind the predicted valu.es. A t  subsonic Mach numbers the 
t r ave l  of aerodynamic center with Mach number was not predicted too we= by 
l inea r  theory except for  models 1 and 5 .  
Lift-curve slope (acL/&).- In f igure  6 i t  can be seen tha t ,  i n  general, 
a t  a Mach number of 0.4 and a t  supersonic Mach numbers, l i nea r  theory gave good 
e s t i m t e s  of the l i f t -curve slopes except fo r  model 5 .  A t  subsonic Mach num- 
bers,  however, l i nea r  theory gave the proper increase in l i f t -curve slope with 
Mach number only for  models 1 and 7 and underestimated the increase f o r  the 
other models. It can a lso  be seen by comparing the experimental values f o r  
each model with the values fo r  model 1 (indicated by the  c i r c l e s  a t  three 
Mach numbers) tha t  the l i f t -curve slopes f o r  model 1 were e i ther  &ou+, e q w l  
t o  or  greater  than those of the  cranked planforms. 
Drag-due-to-lift factor  (dcD/dcZ) .- In  figure 7 it is  interest ing t o  
note tha t  a t  subsonic Mach numbers the  measured drag-due-to-lift factors  for  
a l l  planforms with cranked leading edges were considerably below the values 
predicted by the reciprocal of the l i f t -curve slope. The l a t t e r  prediction i s  
known t o  be a good approximation of the  drag-due-to-lift factor  fo r  low- 
aspect-ratio wings with sharp s t raight  leading edges, such a s  model 1. Evi- 
dently, the vortex flow created by the cranked leading edge which produced a 
l i f t -curve slope increasing with angle of a t tack is a lso  favorable in reducing 
the  drag due t o  lift, even a t  small angles of a t tack.  Possibly, some leading- 
edge thrus t ,  not accounted for  in theory, is being realized. A t  supersonic 
Mach numbers there is reasonable agreement between the measured and predicted 
. drag-due-to-lift factors except for model 5 ,  which has the  greatest  leading- 
' 
edge extension. Again, the predicted factors  were assumed t o  be the recipro- 
cal. of the l i f t -curve slopes. The experimental drag-due-to-lift factors  for  
model 1 (indicated by the c i r c l e s )  were e i the r  the same o r  l e s s  than those 
fo r  the cranked planforms . 
Minimum drag coefficient (cD0) .- In figure 8 at  a Mach number of 0.4 and 
1.2 it can be noted tha t  the measured minimum drag of the models with cranked 
leading edges was l e s s  than tha t  for model 1 (the data f o r  which a r e  indicated 
by the c i r c l e s ) .  Par t  of t h i s  difference i s  a t t r ibutable  t o  l e s s  skin f r i c -  
t i o n  being measured, as predicted, f o r  the more slender configurations. For 
example, a t  a Mach number of 0.4 compare the predicted and measured values f o r  
model 7 with corresponding values fo r  model 1. (!This e f fec t  i s  discussed i n  
more d e t a i l  i n  r e f .  4.) A t  transonic Mach numbers the cranked planforms with 
ra ther  large leading-edge extensions, such a s  models 3 through 7, had consid- 
erably l e s s  minimum drag than the de l ta  planform. A t  a Mach number of about 3 
only the very slender cranked planforms, models 4 through 7, had l e s s  drag 
than the de l ta  planform. The reason tha t  theory and experiment differed so 
much a t  the higher Mach numbers for the aspect-ratio-2.2 models is not c lear ly  
understood, although it might be expected, intui t ively,  t h a t  the assunption 
made t o  compute the wave drag fo r  an "equivalent" body of revolution as  
described in  reference 13  would give be t t e r  values of drag for  the more 
slender wing-body comb inat  ions. 
Maximum l i f t -drag  r a t i o  ((LID),).- Figure 9 shows tha t  a t  subsonic Mach 
numbers a l l  the models with cranked leading edges had considerably higher 
l i f t -drag  r a t i o s  than predicted. This difference is  mainly a t t r ibutable  t o  
the  drag due t o  l i f t  being l e s s  than predicted fo r  cranked planforms. A t  
supersonic Mach numbers, l i nea r  theory gave good estimates of the measured 
maximum l i f t -drag ra t ios  except fo r  model 5 .  It should be realized, however, 
tha t  par t  of t h i s  good ag reean t  is  for tui tous for  sow of the models, since 
compensating effects  occurred i n  the prediction of the m i n i m u m  drag and the 
drag due t o  l i f t .  For model 5 the disagreement between theory and experiment 
is related t o  both the minimum drag and the drag due t o  l i f t  being overpre- 
dieted. As indicated by the c i rc les ,  representing the data f o r  the  base 
model 1, and the curves i n  figure 9, only models 2, 3, and 6 a t  a Mach number of 
0.4 had s l igh t ly  higher maximum l i f t -drag r a t ios  than model 1. A t  a Mach num- 
ber of 2.8 only models 5 and 6 had s l igh t ly  higher mximum l i f t -drag r a t ios  
than model 1. 
A t  the r igh t  of each model sketch i n  figure 9 a re  shown the volumes of 
models with cranked planforms re la t ive  t o  tha t  for  the  model with the de l ta  
planform. It should be emphasized tha t  a l l  the wings have nearly the same 
exposed areas a s  well as  prof i les  with a thickness of +percent chord, constant 
along the wing spans. The extra volume for  the cranked planforms, indicated 
by the volume ra t ios  being above 1.0, i s  a r e su l t  of the cranked planforms 
having extended chord lengths near the fuselage. Note tha t  model 6 which has 
47 percent more volume than the de l ta  wing has measured l i f t -drag  ra t ios  
s l ight ly  greater  than those f o r  the del ta  wing a t  the three representative 
Mach numbers. 
I Theoretical Potential  for L/D. by Warping 
Results presented i n  figures 2 through 9 were for  models with planar 
wings which had symmetrical prof i les .  Recognizing t h a t  a f i n a l  design w i l l  be 
optimized by warping i t s  surface t o  improve the l i f t -drag  r a t i o  i n  cruise,  
I 
I two of the models were theoret ical ly  warped t o  determine the gains i n  e f f i -  
ciency tha t  might accrue. In figure 10 the theore t ica l  l i f t -drag r a t ios  a t  
f l i gh t  Reynolds numbers a re  shown fo r  models 1 and 6,  both with and without 
wing warpage. In the calculations the following f l i g h t  conditions were 
assumed: A Mach number of 3.0, an a l t i t ude  of 70,000 fee t ,  a design l i f t  
coefficient of 0.07, and a wing area of 9970 sq f t .  The theore t ica l  incre- 
ments in l i f t -drag r a t i o  due t o  warping were calculated by the method of re f -  
erence 14 which gives the optimum cambered wing surface and associated 
pressure drag. For the f l a t  wings, the l i f t -drag r a t ios  a re  those obtained by 
extrapolating the experimental values t o  the f l i g h t  Reynolds number fo r  a 
given wing-body combination a t  the  chosen lift coefficient and Mach number. 
The decrement of skin-friction drag due t o  the increase i n  Reynolds number 
I was obtained by the method of reference 10. It can be seen tha t  even the f l a t  
version of model 6 has a considerably higher lift-drag r a t i o  than the model 
with the de l ta  wing. Also, it is  evident tha t  the  de l t a  wing with a super- 
. sonic leading edge gains l i t t l e  i n  l i f t -drag r a t i o  from warping; however, 
model 6, with pa r t  of i t s  leading edge subsonic, theoret ical ly  can have about 
a 10-percent improvement i n  i t s  l i f t -drag  ra t io .  
CONCLUDING REMARKS 
It has been shown tha t  wing-body combinations employing planforms with 
cranked leading edges can be designed t o  have the same aerodynamic center a t  
high supersonic and subsonic Mach numbers. A t  subsonic h c h  numbers these 
cranked planforms had considerably l e s s  drag due t o  l i f t ,  and consequently 
higher l i f t -drag  rat ios ,  than was predicted from l inear  theory, although these 
planforms a lso  exhibited a Iczs i n  longitudinal s t ab i l i t y .  For the same 
exposed area and thickness i n  percent chord, cranked planforms have more usable 
volume yet l e s s  minimum drag than de l ta  ~lanforms.  A t  a Mach nlmber of 3.O, 
it has been shown tha t  some cranked planforms not only have considerably higher 
l i f t -drag  r a t ios  than t h e i r  s t raight  leading-edge counterparts when planar 
wings a re  used but a l so  these planforms have more theoret ical  potent ial  f o r  
improvements i n  f l i g h t  efficiency by warping. 
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33. RECEmT RESULTS ON THE AERODYNAMICS OF WINGED MISSILES 
By M. Leroy Spearman and W i l l i a m  A .  Corlett  
NASA Langley Research center 
SUMMARY 
Investigations have been made i n  the  Langley 8-foot transonic pressure 
tunnel and the Langley Unitary P h  wind tunnel over a Mach number range from 
0.50 t o  4.63 t o  determine the  aerodynamic character is t ics  of three cruciform 
winged missile configurations w i t h  different  control arrangements - a canard 
control, an a f t  t a i l  control, and an all-movable wing control. The resu l t s  
f o r  each configuration indicated a s l igh t  forward movement of the aerodynamic 
center with increasing supersonic Mach number so tha t  a compatible relation- 
ship between the  aerodynamic center and the center of gravity might be main- 
tained. For each arrangement, the pitch-control effectiveness, which, i n  gen- 
e r a l ,  decreased with increasing angle of a t tack a t  the  lower Mach numbers, 
indicated an increase with angle o f  a t tack  a t  the higher Mach numbers. This 
increase i n  control effectiveness a t  high Mach numbers, coupled with the 
I 
decrease i n  s t a b i l i t y  level ,  resulted i n  maneuvering limits, without the  
onset of s t a t i c  in s t ab i l i t y ,  t ha t  a re  generally'well i n  excess of the  l imi t s  
t h a t  might be expected f o r  an a i r c ra f t  ta rge t .  
INTRODUCTION 
Although a considerable amount of research has been done i n  the  past on 
the  aerodynamics of winged missiles, t h i s  type of research has diminished 
considerably over the l a s t  few years. Much of the  past  work (reported i n  
re fs .  1 t o  17) i s  limited, par t icular ly i n  the range of Mach numbers inves- 
t igated,  and, t o  some extent, i n  the configuration variables tha t  were 
studied. Recently a renewed in teres t  has been shown i n  the development 
and improvement of various types of missile systems, and it i s  the puipose 
of t h i s  paper t o  present a br ief  summary of some of the  r e su l t s  recently 
obtained on several representative winged maneuverable missiles sui table  
primarily f o r  surface-to-air or  a i r- to-air  use against a i r c ra f t .  
The missiles considered i n  these investigations ( f ig .  1 )  include three 
cruciform configurations with different  control arrangements, a fixed wing 
with canard control, a fixed wing with a f t  t a i l  control, and a f ixed t a i l  
with all-movable wing control. The p i tch  control i s  i n  the horizontal plane 
i n  each case'. Each of the fixed-wing arrangements i s  i n  l i n e  with the con- 
t r o l s ,  whereas the f ixed- ta i l  arrangement i s  rotated 45O with respect t o  the 
wing control. (see lower right-hand sketch;) These configurations a re  not 
a p a r t  of a systematic program but represent three completely different  
control arrangements that might resul t  from considerations other than aero- 
dynamics alone. Investigations of these missile configurations have been 
conducted over a Mach number range from 0.50 t o  4.63 i n  both the Langley 
8-foot transonic pressure tunnel and the Langley Unitary Plan wind I tunnel. 
Preceding page blank 
More complete results of these investigations and a more detailed description of 
the configurations may be found in references 18 and 19. 
SYMBOLS 
The aerodynamic-coefficient data are referred to the stability-ads system. 
A maximum cross-sectional area of body, feet2 
2 
an n o m l  acceleration, f eet/second 
d reference diameter (maximum cross section) 
CL 
Lift lift coefficient, -
sA 
% pitching-moment coefficient, Pitching moment qAd 
C 
=% pitching-moment coefficient per degree of control deflection 
Cr, slope of lift curve measured near a = 0 
h altitude, feet 
2 body length, feet 
M Mach number 
9 dynamic pressure, pounds/feet 2 
W weight, pounds 
a angle of attack, degrees 
6c horizontal-canard deflection, positive when leading edge is up, 
degrees 
6t horizontal-tail deflection, positive when leading-edge is up, 
degrees 
6v horizontal-wing deflection, positive when leading edge is up, 
degrees 
I 
Xac location of aerodynamic center from body apex, feet 
Xcg location of center of gravity from body apex, feet 
DISCUSSION 
The basic pitch-control results for the canard-control configuration at a 
low and a high supersonic Mach number - 1.50 and 4.63 - are shown in figure 2. 
These results indicate a reasonable degree of linearity at each Mach number. 
The pitch-control effectiveness decreases somewhat with increasing angle 
of attack at the lower Mach number. This result is typical for such a condition 
since the canard surface tends to lose lift effectiveness at the high combined 
angle of attack and control deflection. At the higher Mach number, however, the 
pitch effectiveness tends to increase with increasing angle of attacir primarily 
because of an increase in the local dynamic pressure on the compression side of 
the canard surface. The change in lift with control deflection is quite small 
but, typical of canard arrangements, does result in a favorable increase. 
The basic pitch-control results for the aft tail-control configuration at 
M = 2.00 and 4.63 are shown in figure 3. A large decrease in stability occurs 
at moderate angles of attack at the low Mach number. This decrease is caused 
primarily by the unstable moment of the body which, at low Mach numbers, 
increases more rapidly with increasing angle of attack than does the stabilizing 
moment of the wing and tail. At the higher Mach number, the tail and wing 
moments are more dominant and the pitching-moment variation with angle of attack 
is considerably improved. The effectiveness of the tail in producing pitching 
moment % is essentially constant with angle of attack at M = 2.00, but 
some increase in effectiveness with increasing angle of attack is indicated at 
the higher Mach number as a result of an increake in local dynamic pressure at 
the tail. At either Mach number, deflection of the tail for trimming in pitch 
results in a loss in lift that is inherent with aft tail controls. 
The basic pitch-control results for the wing-control configuration at 
M = 1.47 and 4.63 are shown in figure 4. A distinct nonlinearity occurs in the 
pitching moment for the lower Mach number at moderate angles of attack as a 
result of the tail passing through the region of the wing wake. The nonline- 
arity at M = 4.63 is much less critical. 
The pitch control for this type of arrangement depends upon a relatively 
large lift increment from the wing in conjunction with a short moment am. The 
resultant pitch-control effectiveness Cmg at M = 1.47 decreases with 
increasing angle of attack because of the decrease in wing lift at high combined 
tlngles of attack and control deflection. At M = 4.63 the lift increment pro- 
vided by the wing is sustained at high angles of attack, again because of an 
increase in local dynamic pressure, and the resultant pitch effectiveness 
c% 
increases with increasing angle of attack. 
The variation of some of the longitudinal parameters with Mach number is 
presented in figure 5. The coefficients are based on common reference dimen- 
sions and are thus directly comparable. The canard- and aft-tail-control con- 
figurations, which have relatively large wings, provide relatively high values 
of CL, whereas the wing-control configuration, with its smaller lifting 
surface, provides relatively low values of C ~ *  The pitch-control effective- 
ness % (measured at a = oO) decreases progressively with increasing super- 
sonic Mach number for each configuration, with the highest values of % 
occurring for the canard control and the lowest values occurring for the wing 
control. 
The aerodynamic-center positions in percent body length (xyc) - are on the 
order of 60 to 70 percent and indicate a slight forward movement with increasing 
supersonic Mach number for each configuration. This slight variation with Mach 
number should ease the problem of obtaining a compatible relationship between 
the center-of-gravity position and the aerodynamic-center position so that a 
desirable margin of stability might be easily maintained throughout the super- 
sonic speed range. 
The results shown in figure 6 relate the basic aerodynamic characteristics 
to the maneuvering capabilities of each configuration. The results show the 
variation of maximum trimmed values of CL with Mach number for various posi- tions of the center of gravity for each configuration. The results reflect the 
general increase in trim CL to be expected as the center of gravity is moved 
rearward and the stability margin is decreased. These results are restricted to 
conditions of positive static stability only and are terminated when a nonlinear 
pitching-moment variation results in the occurrence of more than one trim point 
for a given control deflection. 
At low Mach numbers the variation of trim CL with center-of-gravity posi- 
tion is relatively small and linear because of the generally higher levels of 
static stability and the general decrease in $ "th increasing angle of 
attack. With increasing Mach number the values of trim CL for a given center- 
of-gravity position initially tend to decrease because of the decrease in C %* 
With further increase in Mach number, however, the values of trim CL tend to 
increase for a given center-of-gravity position and to become more sensitive to 
variations in the center of gravity. The tendency toward higher available 
values of trim lift at higher Mach numbers results, in general, from a combina- 
tion of the reduction in stability level and the increase in C at high 
angles of attack. m~ 
The boundaries indicated by the upper limits of these curves represent the 
maximum values of trim lift available without the onset of static instability. 
Bounaaries so obtained are shown in figure 7 with the lift coefficient based on 
a common reference area so that the results are directly comparable. These 
results indicate that the maximum values of CL obtainable at the lower end of the Mach number regime are essentially the same for all three configurations. 
However, the variation of these lift boundaries with increasing Mach number is 
considerably different. In the .Mach number range from about 2 to 3 the aft tail 
control indicates a marked superiority whereas, for Mach numbers above 3.5, the 
canard control shows a marked superiority. The wing control indicates the least 
variation with Mach number and the lowest values of trim'lift throughout the 
Mach number range. 
The four lower lines designated 40 000, 60 000, 70 000, and 90 000 feet 
represent the values of CL required to sustain level flight at these altitudes 
for an arbitrary loading value W/A of 1000 pounds/foot2 (based on body cross- 
sectional area). These values are included in order to give an indication of 
the excess lift available for maneuvering over and above that required for level 
flight. It should be pointed out that such an indication may be pessimistic 
since a missile may often approach a target on a climbing flight path much 
closer to zero lift. 
However, on the basis of the conditions chosen for comparison, some obser- 
vatioos can be mde. For exmzle, +,he res1iL+,s indice%e t b t  for .%ch mmbers 
below 2, level flight could not be achieved for any of these missiles for alti- 
tudes above about 60 000 feet. For higher Mach numbers, however, level flight 
is possible for altitudes greater than 90 000 feet. 
The variation of normal acceleration a, with Mach number was obtained 
for each configuration for h = 60 000 feet and W/A = 1000 pounds/foot2 by 
ratioing the lift available to the lift required for level flight. The results 
(fig. 7) indicate values of a, in the Mach number range from 2 to 4.6 that 
vary from about 1.5 for each configuration up to about 19 for the canard con- 
trol, about 10 for the aft tail control, and about 9 for the wing control. These 
results are, of course, only qualitative and would vary both upward and downward 
for other assumed conditions. For an altitude of 90 000 feet, for example, the 
canard configuration is still capable of about a kg maneuver from level flight 
at the highest Mach number. The maneuvering capabilities indicated are gener- 
ally in excess of the limits that might be expected for an aircrgt target, and, 
within the scope of these results, a variety of mission requirements might be 
satisfied. 
CONCLUDING REMARKS 
Investigations have recently been made in the Mach number range from 0.50 
to 4.63 of three cruciform winged missile configurations with different control 
arrangements - a canard control, an aft tail control, and an all-movable wing 
control. The results for each configuration indicated a slight forward move- 
ment of the aerodynamic center with increasing supersonic Mach number so that a 
compatible relationship between the aerodynamic center and the center of gravity 
might be maintained. For each arrangement, the pitch-control effectiveness, 
which, in general, decreased with increasing angle of attack at the lower Mach 
numbers, indicated an increase with angle of attack at the higher Mach numbers. 
This increase in control effectiveness at high Mach numbers, coupled with the 
decrease in stability level, resulted in maneuvering limits, without the onset 
of static instability, that were generally well in excess of the limits that 
might be expected for an aircraft target. 
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34. SOME HIGHLIGHTS OF RECENT V/STOL AERODYNAMICS RESEAEECH 
By John P. Campbell 
NASA Langley Research Center 
SUMMARY 
Some of the highlights of the papers on aerodynamics research i n  the 
recent NASA Conference on V/STOL and STOL Aircraft  a r e  presented. The 
V/STOL types discussed include helicopters, propeller V/STOL, l i f  t - f  an and 
cruise-fan V/STOL, and j e t - l i f t  V/STOL. 
mRODUCTION 
This paper presents some of the highlights of the papers which deal t  
with aerodynamics i n  the NASA Conference on V/STOL and STOL Aircraft  held 
a t  the  Ames Research Center on April 4-5, 1966. It covers research reported 
i n  the  three sessions: Helicopters and PropeLler V/STOL, Lift-Fan and 
Cruiee-Fan V/STOL, and Jet-Lif t  V/STOL. - The paper i s  not 'intended t o  be a 
general state-of -the-art  summary o f  V/STOL aerodynamics research but i s  
merely a presentation of some of the highlights of the conference. No 
attempt is  made t o  c i t e  the individual sources of the  material presented 
herein, but the reader may f ind  these sollrces by referr ing t o  reference 1. 
SYMBOLS 
. . A propeller disk area, sq f t  
A3 j e t  nozzle area, sq f t  
b wing span, f t  
C ~ , ~  wave-drag coefficient based on f m n t g l  area 
f effect ive skin-friction coefficient 
C~ l i f t  coefficient 
C ~ ,  s thrust  coefficient,  T/qsA 
D propeller diameter, f t ;  jet-engine t a i lp ipe  diameter, f t  
D drag, l b  
Preceding page blank 4, 
D e equivalent diameter; diameter of a single nozzle having the same area 
a s  the sum of the several nozzles of a mult i je t  configuration, ft 
M3T exhaust -gas temperature, OF 
e span efficiency fac tor  
h height of model above ground, f t  
id duct incidence angle, deg 
L l i f t ,  l b  
ATJ incremental l i f t  
% incremental l i f t  due t o  base loss,  l b  
&7 increment in  wing l i f t ,  l b  
M Mach number 
LM increment i n  pitching moment due t o  interference, f t - l b  
qn dynamic pressure a t  nozzle exi t ,  lb/sq f t  
qs - slipstream dynamic pressure, lb/sq f t  
qx dynamic pressure a t  distance x downstream of nozzle, lb/sq f t  
rotor  radius, f t  
maximum self -generated yaw disturbance , deg/sec2 
t o t a l  planform area, sq f t  
wetted area, sq f t  
thrust ,  l b  
ideal  j e t  thrust,  l b  
s t a t i c  thrust,  l b  
free-stream velocity, f t /sec o r  knots 
j e t  velocity, f t /sec 
advance rat io  
free- stream velocity,  f t /sec 
gross weight, l b  
distance downstream from j e t  ex i t ,  f t  
angle of attack, deg 
l i f t - f a n  vector angle from fan axis,  deg 
fl ight-path angle, deg 
f l a p  deflection, deg 
j e t  deflection, positive downward from chord l ine ,  deg 
a i r  density i n  je t ,  slugs/ft3 
free-stream a i r  density, s lugs/f t  3 
ro tor  angular velocity, rad/sec 
HELICOPTERS AND PROPEZUS V/STOL 
For helicopters, information i s  presented on two promising rotary-wing 
concepts - the hingeless rotor  and the  jet-flap rotor; some recent research 
dealing with descent capabi l i ty  and slipstream recirculat ion f o r  the t i l t-wing 
V/STOL type i s  discussed. 
Hingeless Rotor 
Figure 1 presents re la t ive  damping moment and control moment i n  hovering 
calculated f o r  three helicopter types - one having a rotor  with a central  hinge, 
one having a rotor  with the flapping hinge of fse t  4 percent of the rotor  radius, 
and one having a hingeless rotor. The so l id  l i nes  a re  f o r  sea l eve l  and the 
dashed l ines  f o r  an a l t i t ude  of 15 000 fee t .  The damping and control moments 
a r e  referenced t o  the values for  the ro tor  with the central  hinge a t  sea level.  
Moving up the l ines  f o r  the other two ro tor  types represents increasing the 
rotor  blade weight. The data show tha t  incorporating hinge of fse t  provides 
increases i n  both damping and control moment over the  values f o r  the rotor with 
the  central  hinge, and the use of the hingeless rotor  provides even greater  
increases. There i s  a l imiting upper boundary f o r  the hingeless rotor  labeled 
11 Unacceptable gyroscopic coupling." If rotor  weight i s  increased t o  the point 
where t h i s  boundary i s  crossed, excessive coupling of ro l l ing  and pitching 
motions w i l l  be experienced. Increasing a l t i t ude  from sea leve l  t o  15 000 fee t  
causes a substantial  increase in re la t ive  damping f o r  a l l  three rotors  and also 
a reduction i n  control moment f o r  the hingeless rotor. An important point t o  
be brought out here i s  t ha t  a hingeless rotor  design which i s  on the sat isfac-  
tory  side of the coupling boundary a t  sea l eve l  may move t o  the unsatisfactory 
s ide when operating a t  a l t i tude .  To reduce the coupling a t  a l t i t ude  it may be 
necessary t o  use l ighter  blades i n  order t o  move down on the curve below the 
boundary, or  it may be possible t o  minimize the coupling by the use of some 
I feedback device. 
I Jet-Flap Rotor 
The je t-f lap rotor has been proposed a s  a means of delaying retreat ing 
blade s t a l l  and thereby permitting much higher forward speeds f o r  the helicop- 
t e r .  Figure 2 shows cross-section views of the blade of a je t -f lap rotor  
recently tes ted  a t  Ames i n  the 40- by 80-foot tunnel. The rotor  was b u i l t  by 
the French firm of Giravions Dorand under contract t o  the U.S. Army. It i s  
driven by compressed a i r  which i s  ducted through the blade spar and exhausted 
i n  a th in  sheet over a trailing-edge f l a p  which extends over the outboard th i rd  
of the blade radius. Deflection of the  j e t  f l a p  i s  used f o r  cycl ic  and t o t a l  
pi tch control. 
The capabili ty of the jet-flap rotor  on the basis  of t e s t s  t o  date com- 
pared with tha t  f o r  a conventional rotor  is  shown i n  f igure  3. Values of l i f t  
f o r  both rotors  ratioed t o  the s t a t i c  th rus t  of the conventional rotor  a re  
plot ted against  airspeed. Over the speed range covered i n  the t e s t s ,  the meas- 
ured values f o r  the je t -f lap ro tor  a re  well above the upper l i m i t  of l i f t  capa- 
b i l i t y  f o r  conventional ?tors a s  determined from blade s t a l l  l imitations.  The 
top speed i n  the  jet-flap rotor  t e s t s  was established by a mechanical l imita- 
t i o n  on f l a p  deflection t o  about 50' on the  t e s t  rotor. Since there were no 
indications of retreat ing blade stal l  a t  t h i s  speed, it appears l i k e l y  that 
substant ial ly  higher speeds could be obtained on a modified rotor.  The experi- 
mental data and calculations (based on the method of ref .  2) f o r  the jet-flap 
rotor  show the  same general trends where they can be compared; but i n  the  high- 
e s t  speed range, the calculations involve a number of uncertainties and may 
prove t o  be somewhat optimistic. In any event, the resu l t s  obtained t o  date 
with the je t -f lap rotor indicate a promise of higher forward speeds f o r  the 
helicopter. 
I Propeller V/STOL 
Propeller t i l t-wing V/STOL a i r c r a f t  experience a l imitat ion on descent 
capabili ty because of wing s t a l l  during partial-power descent conditions when 
the slipstream velocity i s  low. Considerable research has been carried out i n  
t h i s  area and resul ts  have indicated tha t  the problem i s  qui te  amenable t o  
solution by careful design. Some of the  more recent research on the problem 
has been carr ied out with the model shown i n  f igure 4. This large-scale semi- 
span research model i s  being used i n  systematic s tudies  of configuration vari-  
ables i n  the Langley ful l -scale  tunnel. One of the  important var iables  i n  
determining partial-power descent capabili ty i s  the ve r t i ca l  posit ion of the 
- propeller thrus t  l ine.  Some resul t s  obtained with t h i s  model on the effect of 
propeller posit ion a re  shown i n  figure 5. Flight-path angle 7 (posi t ive f o r  - 
climb and negative f o r  descerit) i s  plot ted against t h rus t  coeff ic ient  CT,s. 
A value f o r  CT,, of 1.0 represents hovering and values from about 0.6 t o  0.9 
generally cover the t rans i t ion  range. Wing stall boundaries a re  shown f o r  three 
v e r t i c a l  positions of the propeller with respect t o  the wing. The data show 
t h a t  moving the propeller from a high t o  a low position r e su l t s  i n  the  capabil- 
i t y  f o r  descending a t  much steeper angles without wing s ta l l ing .  The XC-142 
ti l t-wing airplane, which has a propeller posit ion corresponding to  the mid 
posit ion shown i n  figure 5 ,  has operated sa t i s f ac to r i ly  a t  descent angles up 
t o  1 5 O .  
A problem that has proved more bothersome than descent capabi l i ty  f o r  the 
XC-142 i s  the effect  of slipstream recirculat ion i n  ground ef fec t .  Figure 6 
presents some information on t h i s  problem. The sketch a t  the  r ight  of the  f i g -  
ure i l l u s t r a t e s  the type of flow developed around the airplane a s  it approaches 
the ground a t  very low speeds. Some of the  propeller slipstream moves forward 
a f t e r  s t r ik ing  the ground and recirculates  t o  create a turbulent region through 
which the airplane must f ly .  The airplane experiences disturbances about a l l  
axes, but, f o r  the XC-142, the yaw disturbances seem t o  predominate and give 
the  most trouble. The p lo t  a t  the l e f t  shows yaw disturbances i n  terms of max- 
imum yaw accelerations experienced by the XC-142 plot ted against airspeed. The 
p i l o t s  of the airplane indicate that i n  the airspeed range from about 12 t o  
30 knots there i s  danger of losing control a s  a r e su l t  of these disturbances. 
A crash landing of one of the airplanes i n  1965 was a t t r ibuted  t o  t h i s  problem. 
Wind-tunnel and f l i g h t  research has shown tha t  varying the  f l a p  programihg can 
reduce the range of wing incidence where the problem i s  encountered but the 
, speed range of concern i s  not changed. A t  present, the problem i s  being avoided 
i n  f l i g h t  by f lying a t  speeds greater than 30 knots o r  l e s s  than 12 knots when 
i n  ground effect .  Eventual solution of the problem may require increased 
control capabi l i ty  over tha t  now available o r  some additional a r t i f i c i a l  
s tabi l izat ion.  
LIIT-FAN AND CRUISE-FAN V/STOL 
Tandem L i f t  Fan 
Figure 7 shows a large-scale model of a tandem l i f t - f a n  configuration 
mounted f o r  t e s t ing  i n  the Ames 40- by 80-foot tunnel. This model has tandem 
l i f t  fans fore and a f t  of the wing a t  the wing-fuselage juncture. Figure 8 
shows the variat ion of l i f t  with airspeed f o r  t h i s  model. The l i f t  ',s given 
i n  terms of the s t a t i c  thrust  and the airspeed i s  given i n  terms of V / V ~  
where V j  i s  the j e t  velocity. Curves are  shown f o r  operation of rear  fans 
only, f ront  fans only, and a l l  f o u r  fans. The r ea r  fans induce a substant ial  
increase i n  lift with increasing speed whereas the f ront  fans induce negative 
l i f t .  A small increase i n  l i f t  occurs when a l l  four fans a re  operating. 
Lift-Cruise Fan 
The l i f t - c ru i se  fan configuration shown i n  f igure 9 mounted f o r  tes t ing  
i n  the Ames 40- by 80-foot tunnel has l i f t  fans mounted f o v r d  on the fuselage 
so they can be extended as shown f o r  hovering and t rans i t ion  and can be folded 
i n t o  the  fuselage for  cruising f l igh t .  The fans a t  the rear  a re  cruise fans 
which are  mounted on pylons so tha t  they can be rotated t o  a ve r t i ca l  posit ion 
f o r  hovering f l igh t .  The ef fec t  of the front  fans on wing l i f t  i s  shown i n  
f igure 10. The r a t io  of wing l i f t  t o  fan s t a t i c  thrus t  i s  plot ted against 
veloci ty  r a t i o  f o r  three positions of the f ront  fans. A l o s s  i n  l i f t  due t o  
fan  operation occurs f o r  a l l  fan positions, the  greatest  l o s s  being obtained 
i n  posit ion 1, di rec t ly  ahead of the wing, and the l e a s t  l o s s  being obtained 
i n  yosit ion 3, the low ~ o s i t i o n .  Desyite t h i s  l o s s  i n  wing l i f t  due t o  fan 
operation, the  net wing l i f t  can be made posit ive by using suff ic ient  wing cam- 
ber and f l a p  deflection. There i s  also a posit ive induced l i f t  on the fan 
fair ings.  The ra t io  of t o t a l  l i f t  t o  s t a t i c  thrus t  f o r  the model with the 
f ront  fans i n  the low position i s  shown i n  f igure 11 plot ted against airspeed. 
For these t e s t s ,  the wing f laps  were s e t  a t  45' and the cruise fans were t i l t e d  
a t  various angles so tha t  the fan thrus t  balanced the drag. There appears t o  
be a substant ial  increase i n  l i f t  with increasing speed which would indicate 
considerable STOL capability. However, t h i s  increase i n  l i f t  o r  STOL capabili ty 
i s  not nearly as  great as  it could be i f  the fan slipstream were spread out more 
o r  l e s s  uniformly across the span of the wing a s  is  done i n  the case of V/STOL 
configurations such a s  the tilt wing. 
This point i s  i l l u s t r a t ed  i n  f igure 12 which compares the thrus t  required 
f o r  l eve l  f l i g h t  in  the  t r ans i t ion  range f o r  l i f t -cruise-fan and ti l t-wing con- 
f igurat ions having a wing loading of 100 pounds per  square foot. The thrust i s  
shown i n  terms of thrust-weight ra t io .  The more rapid dropoff i n  thrust 
required with increasing airspeed f o r  the tilt wing i s  an indication of greater 
STOL capability. In addition, the curves indicate tha t  i n  low-speed landing 
approaches the tilt wing could operate a t  lower thrust  values, which i s  very 
desirable from the standpoint of f u e l  consumption. 
Deflected-Slipstream Cruise Fan 
The comparison shown i n  figure 12 indicates tha t  it would be very desir- 
able t o  develop V/STOL fan configurations having a more rapid dropoff i n  thrust  
required. Some exploratory research i n  t h i s  direct ion has recently been car- 
r ied  out a t  Langley Research Center with the configuration shown i n  figure 13. 
This configuration,has four cruise  fans spaced along the wing and blowing over 
i a s lo t ted  f lap.  As shown by the cross-section sketch a t  the r ight  of the f ig-  
ure, par t  of the flow goes over and par t  under the  wing. The flow under the 
wing spreads out and blows through the s lo t ted  f l ap  a l l  across the span t o  
induce a f a i r l y  uniform l i f t  on the wing by means of the je t -f lap principle. 
Some re su l t s  of t e s t s  of a small-scale semispan model of t h i s  configuration are  
presented i n  figure 14 on a p lo t  of thrust-weight r a t i o  against airspeed. The 
curve for  the l i f t - c ru i se  fan i s  repeated f o r  comparison. The data f o r  the 
deflected-slipstream cruise-fan configuration look prodsing;  i n  fact ,  the 
curve approaches the r e su l t  which would be obtained with an e l l i p t i c a l  load 
dis t r ibut ion  across the en t i re  span of the wing. Only a l imited amount of 
research has been done on t h i s  concept t o  date, however, and an evaluation i s  
premature u n t i l  more is  known of the problems. One obvious problem of such a 
configuration i s  the very large nose-down pitching moment which must be trimmed 
by some auxi l iary device i n  hovering and low-speed f l i g h t .  The important point 
t o  be brought out here i s  tha t  it does appear possible t o  get high induced wing 
l i f t  and good STOL capabili ty with fan  configurations. This i s  an area war- 
ranting special  a t tent ion i n  future research. 
JET-LIFT' 
Cruise Performance 
One of the papers i n  the j e t  V/STOL session of the  NASA V/STOL and STOL 
Conference summarized some of the design principles now being used f o r  cruise 
optimization of conventional a i r c ra f t  i n  order t o  i l l u s t r a t e  potent ial  improve- 
ments f o r  V/STOL designs. Figures 15 and 16 taken from t h i s  paper compare the 
subsonic aerodynamic efficiency of conventional and V/STOL a i r c ra f t .  Figure 15 
presents values of ( / )  plotted against the  r a t i o  of span t o  wetted area 
f o r  f ighter  a i r c ra f t .  The shaded region and c i rcu lar  symbols a re  f o r  V/STOL 
a i r c r a f t  (data primarily from design studies, since f l i g h t  data on these a i r -  
c r a f t  a re  limited). The term Cf/e, effect ive skin-friction coefficient . 
divided by span efficiency factor,  i s  a correlating parameter represented by 
the  s t raight  l i n e  fa i red  through the data points. It appears tha t  the effec- 
t i v e  skin-friction l eve l  f o r  V/STOL f ighters  i s  similar t o  tha t  f o r  conven- 
t i o n a l  f ighters  but, because of the extra s ize required t o  house the l i f t i n g  
systems, the values of span-to-wetted-area r a t i o  a re  lower f o r  the V/STOL 
f ighters  and hence the  values of (LID),, a r e  lower. 
In  figure 16, f o r  bombers and transports,  the  V/STOL airplanes are  seen t o  
have higher effect ive skin f r ic t ion  a s  well a s  lower span-to-wetted-area r a t io s .  
The values of (LID),,, therefore, a r e  much lower than those f o r  the conven- 
t i ona l  a i r c ra f t .  This correlation indicates the direct ions i n  which refine- 
ments a re  needed t o  increase the  subsonic aerodynamic efficiency of V/STOL a i r -  
c raf t .  That i s ,  the effect ive skin f r i c t i o n  should be reduced by greater clean- 
ness, and the span-to-wetted-area r a t io s  should be increased. 
Figure 17 i l l u s t r a t e s  a point regarding the performance of supersonic con- 
figurations.  One of the  items that makes design of supersonic V/STOL a i r c r a f t  
more complicated than tha t  f o r  conventional a i r c r a f t  i s  the volumetric con- 
s t r a i n t  associated with having propulsive systems t o  provide l i f t  a s  well a s  
thrust .  This point i s  i l lus t ra ted  i n  figure 17 which presents wave-drag coef- 
f i c i en t ,  based on f ronta l  area, plotted as  a function of equivalent-body f ine-  
ness ra t io .  The square symbols in the shaded area on the r ight  a re  representa- 
t i v e  of conventional a i r c ra f t .  The circular  symbols are  f o r  V/STOL study 
configurations incorporating vectored-thrust engines. The diamond symbol 
represents a subsonic V/STOL a i r c ra f t .  Because of the volumetric constraint,  
the  V/STOL configurations u t i l iz ing  vectored- thrus t  engines generally have 
lower fineness rat ios  than the  conventional a i r c r a f t  and, therefore, have higher 
wave-drag coefficients. For V/STOL configurations using l i f t  engines and sep- 
a ra t e  cruise engines, it may be possible t o  increase the fineness r a t i o  and pro- 
vide somewhat lower wave drag i n  the region between the  two bands. 
Hovering Performance 
Figure 18 shows the e f fec t  of j e t  arrangement on base l o s s  and j e t  decay. 
The term "base loss" re fers  t o  the  aerodynamic l i f t  loss  i n  hovering resul t ing 
from suction forces on the bottom of the airplane. Data a re  shown f o r  single- 
je t ,  mult i je t ,  and multislot  arrangements having the same t o t a l  j e t  area. In  
the top plot,  the ra t io  of l i f t  l o s s  t o  s t a t i c  thrust  i s  plot ted against the 
square root of the planform-to- je t -pres  re t io .  Ir, t h e  bottom plot,  qx ( the 
measured dynamic pressure a t  a distance x downstream) divided by qn ( the 
dynamic pressure a t  the nozzle ex i t )  i s  plot ted against the  distance down- 
stream i n  terms of the effect ive diameter. This figure shows tha t  the l i f t  
l o s s  i s  a function of the decay characteristics;  t ha t  is,  the more rapid the 
decay the larger  the loss .  
From the standpoint of base los s  then, it would seem tha t  a rapid decay 
r a t e  i s  not desirable. However, from the ground erosion standpoint, a rapid 
decay of dynamic pressure i s  very desirable, and e f fo r t s  a r e  being made t o  
devise means of achieving rapid decay with special  nozzles. The Boeing Company 
has just  completed a study f o r  NASA t o  determine the e f fec ts  of different  noz- 
z l e  arrangements on j e t  decay. Some of the r e su l t s  a re  shown i n  figure 19 
which i s  a plot of dynamic-pressure r a t i o  against  distance downstream f o r  a 
c i rcu lar  nozzle and f o r  single-slot and four-slot nozzles. The s l o t  nozzles 
appear t o  achieve the desired goal of rapid dynamic-pressure decay. The thrust 
losses  f o r  these nozzles measured a t  an x/De of 3 a re  shown i n  figure 20. 
The r a t i o  of the loss t o  the idea l  s t a t i c  thrus t  i s  plot ted against the dynamic- 
pressure r a t io  fo r  the nozzles of f igure 19 along with the data f o r  other m u l t i -  
s l o t  nozzles which have been investigated. It can be seen tha t  the rapid decay 
of dynamic pressure comes at the expense of the basic nozzle efficiency. Also 
shown a re  the base losses measured with a fuselage i n  the presence of the sup- 
pressor nozzles. It i s  apparent from these r e su l t s  t h a t  the requirement f o r  
rapid decay of' j e t  exhaust velocity t o  prevent ground erosion has t o  be care- 
f u l l y  considered i n  l i gh t  of the la rger  nozzle and base losses  associated with 
suppressor nozzles. 
Hot-Gas Ingestion 
Hot-gas ingestion is  a serious problem f o r  j e t  V/STOL a i r c r a f t  because the 
raised i n l e t  a i r  temperature can r e su l t  i n  dras t ic  thrus t  losses. Unfortu- 
nately, l i t t l e  systematic work has been done i n  t h i s  f i e ld ,  but research i s  
now underway with large-scale models a t  both Ames Research Center and Langley 
Research Center t o  provide infomation on the subject. Figure 21 shows a sketch 
of the general research model a t  Langley Research Center which i s  powered by a 
single J-83 engine in the fuselage and can be f i t t e d  with various exhaust and 
i n l e t  arrangements. The lower sketch shows the hot-gas recirculat ion pat tern 
f o r  the model i n  a four-nozzle configuration. With t h i s  configuration, the hot 
gas, i n  addition t o  flowing outward along the ground i n  all directions,  flows 
upward i n  a sor t  of fountain effect between the  engines. There i s  a l so  an 
upward flow fore-and-aft against the bottom of the fuselage a s  indicated by the 
short  dashed l ines .  The hot gases i n  the upward and forward flows a r e  of course 
qui te  accessible t o  the engine in l e t s  and a re  s t i l l  very hot because they have 
not traveled very f a r  and l i t t l e  mixing with the ambient air  has taken place. 
The i n l e t  temperature r i s e  for t h i s  configuration i s  shown i n  f igure 22 
together with data from similar small-scale models tes ted  by B e l l  and North 
American. The temperature r i s e  i s  shown a s  a function of height above the 
ground i n  effect ive nozzle diameters. A l l  three models were tes ted  with s ide 
i n l e t s  and the Langley model w a s  also tes ted  with a single top in l e t .  The data 
show tha t  both side and top i n l e t s  experienced very high temperatures near the 
ground, the  model with the top in l e t  having the higher temperature. A s  nozzle 
height was increased, t he  temperature r i s e  decreased rapidly, and a t  a height 
of 5 diameters the r i s e  was of the order of 20' F. These very high temperatures 
occurred within 2 seconds following downward deflection of the exhaust nozzles. 
VTOL operation would not be possible with these high temperatures because of 
the high th rus t  l o s s  and the probability of compressor stall. 
One way of minimizing the fountain e f fec t  which apparently causes the high 
i n l e t  temperatures is t o  arrange the exhaust nozzles i n  a l i n e  instead of i n  a 
rectangular pattern. Some t e s t s  of the  B e l l  model i n  such a configuration 
showed a temperature r i s e  of only 10' i n  the top in l e t .  
The ef fec t  of another important configuration parameter, wing position, i s  
i l l u s t r a t e d  i n  figures 23 t o  25 which present some re su l t s  obtained with a 
large-scale Norair model tes ted  a t  Ames Research Center. Figure 23 shows a 
sketch of the model which has f ive  5-85 engines mounted ve r t i ca l ly  i n  the fuse- 
lage and two propulsion engines a t  the rear  of the  fuselage with the exhaust 
diverted downward f o r  ve r t i ca l  l i f t .  The i n l e t  locat ion of the propulsion 
engines could be varied and the wing was a l so  tes ted  i n  d i f fe rent  positions. 
Figures 24 and 25 present r e su l t s  of t e s t s  f o r  two d i f fe rent  configurations of 
the  model, one having high ingestion and one having low ingestion. 
Figure 24 shows the case of high ingestion. The sketch on the l e f t  i l l u s -  
t r a t e s  the recirculating flow pattern f o r  the high-wing configuration. The 
flow along the ground from the l i f t  engines meets the  flow from the propulsion 
engines t o  produce an upward flow of hot gas which i s  ingested in to  the in l e t s .  
The p lo t s  a t  the r ight  show t h a t  the temperature i n  the i n l e t  of engine number 3 
reached about 200° F i n  about 3 seconds a f t e r  the engines were accelerated t o  
f u l l  thrust .  The engine then experienced a compressor s t a l l .  
Figure 25 shows re su l t s  f o r  a configuration f o r  which there was very l i t t l e  
ingestion. I n  t h i s  case, the wing i s  i n  a low posi t ion and obstructs the upward 
and forward flow of hot gas and causes it t o  recirculate  below the  wing a s  indi- 
cated by the arrows. The p lo t s  a t  the  r ight  indicate l i t t l e  o r  no ingestion i n  
the  i n l e t  of engine 3 i n  t h i s  case. It appears therefore t h a t  wing posit ion can 
be a very important factor  i n  minimizing hot-gas ingestion. Perhaps some form 
of extendible deflectors could be used t o  serve the same purpose a s  the low wing 
of t h i s  configuration. 
In any event, the s t a t e  of the a r t  i n  t h i s  important area is s t i l l  i n  the 
exploratory stage; and it appears tha t  the development of Je t  V/STOL designs a t  
t h i s  time should include hot-gas ingestion t e s t s  f o r  the  par t icular  configura- 
t i on  and operating conditions tha t  a re  expected t o  be encountered. 
Transition Aerodynamics 
Some jet-induced interference ef fec ts  i n  t rans i t ion  fo r  j e t  V/STOL a i r c r a f t  
a re  i l l u s t r a t ed  i n  figures 26 t o  29. Figure 26 shows the effect  of wing plan- 
fGTU GIi .&t-:"a..^ ^d -:+,I.; 
, GU ,,,, ng moment l i f t  loss .  Data f c r  a swept a d  az 
unswept wing a re  plotted against an effect ive veloci ty  rat io ,  where zero repre- 
sents hovering and 0.25 represents the upper end of the  t rans i t ion  range. Suc- 
t ion  pressures on the  bottom of the wing-fuselage combination produce a l i f t  
l o s s  s b i l a r  t o  that  shown e a r l i e r  fo r  the  l i f t - c r u i s e  fan  configurations. The 
l o s s  i s  about the  same f o r  the swept and unswept configurations. The nose-up 
pitching moment, however, i s  greater  f o r  the swept wing configuration because 
much of the area on which the suction pressures a c t  i s  f a r the r  behind the cen- 
t e r  of gravity. 
The arrangement of the j e t s  can a lso  have a large ef fec t  on the magnitude 
of the  induced interference effects ,  a s  shown i n  f igure  27. Data f o r  a four-jet  
configuration a re  compared with data f o r  a configuration i n  which the sane t o t a l  
j e t  area is  arranged i n  a central  s l o t  t o  represent a row of l i f t  engines. It 
, 
can be seen that changing from the  rectangular t o  the l inea r  arrangement gives 
a very large reduction i n  both the  nose-up pitching moment and the l i f t  loss.  
The data shown i n  f igures  26 and 27 a r e  f o r  t a i l -o f f  configurations. I n  
addition t o  the jet-induced suction pressures on the lower surfaces of the wing 
and fuselage, there is  a lso  a large induced downwash a t  the horizontal t a i l  
which causes an additional nose-up pitching moment. This downwash is a function 
of angle of a t tack and can therefore change both t r i m  and s t ab i l i t y .  The ef fec t  
of power on the t a i l  contribution t o  s t a b i l i t y  is highly dependent on the flow 
f i e l d  i n  which the t a i l  operates and, i n  par t icular ,  on the flow f i e l d  generated 
by the par t s  of the airplane ahead of the wing. Figures 28 and 29 i l l u s t r a t e  
t h i s  problem. Figure 28 represents an airplane i n  cruising f l igh t .  On most 
modern high-speed jet  airplanes there a re  i n l e t s  o r  other elements such a s  fixed 
forewings f o r  variable-sweep wings which produce l i f t  and shed vort ices  inboard 
and it i s  generally considered desirable t h a t  the t a i l  be located below t h i s  
t r a i l i n g  vortex system. This arrangement causes the t a i l  t o  move away from the 
vort ices  a s  the angle of a t tack  i s  increased. For the  j e t  VTOL airplane i n  
t r ans i t ion  f l igh t ,  however, the s i tua t ion  i s  different,  a s  shown i n  f igure 29. 
The inboard vortices can be pulled below t h e  horizontal  t a i l  by the action of 
the  l i f t i n g  je t s .  Then a s  the angle of a t tack  i s  increased, the t a i l  is  forced 
t o  move through these vortices.  The severi ty  of the problem thus created 
depends on many configuration variables, such a s  the posit ion and s i ze  of the 
forewing and engine i n l e t s  and the  horizontal- ta i l  configuration and t a i l  
length. In  general, the e f fec ts  of la rge  i n l e t s  located well  forward have been - 
found t o  be detrimental. 
CONCLUSION 
The subjects covered i n  t h i s  paper a re  covered i n  much more complete 
form i n  the compilation of papers from the  NJSA Conference on V/STOL and STOL 
Aircraft ,  available a s  NASA Special Publication, SP-116. 
1. Anon. : Conference on V/STOL and STOL Aircraft .  NASA SP-116, 1966. 
2. Evans, W i l l i a m  T.; and McCloud, John L., 111: Analytical Investigation of 
a Helicopter Rotor Driven and Controlled by a J e t  Flap. NASA TN D-3028, 
1965 
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35. A REVIEW OF HYPERSONIC CRUISE VEHICLES' 
By David E. Fetterman, Charles H. McLellan, L. Robert Jackson, 
Beverly Z. Henry, Jr . , and John R. Henry 
Langley Research Center 
SUMMARY 
In an attempt t o  provide a focus fo r  future aerodynamic programs i n  the  
devel~p~exi t  sf hy&rogen-heled ky?ersonic c m i s e  vehicles, the present s t a -  
t u s  of the s t ructural ,  propulsive, and aerodynamic research i s  examined t o  
extract  the presently known factors tha t  s ignif icant ly a f fec t  vehicle def ini-  
t ion.  Existing wing and body s t ruc tura l  concepts and cryogenic-tankage 
thermal-protection systems are i l lus t ra ted ,  possible inlet-engine arrange- 
ments are  discussed, and the s tatus  of important loca l  aerodynamic heating 
areas i s  b r i e f ly  reviewed. In addition, uncertain areas which require fur -  
t he r  fundamental research and obstacles which hinder development a re  a l so  
pointed out. 
In general, exis t ing s t ructural  and propulsive technologies f o r  Mach 6 
t o  8 vehicles favor a discrete  low-wing-body arrangement with a two- 
dimensional i n l e t  mounted i n  the wing pressure f i e ld .  Aerodynamic consid- 
erations,  however, indicate equal performance poss ib i l i t i e s  fo r  e i the r  dis-  
c re te  wing-body or  blended wing-body arrangements. The paper concludes with 
a discussion of several possible design concepts which conform t o  current 
guidelines and which a re  planned for future research. 
INTRODUCTION 
Prior  t o  1957 the only means of propulsion seriously considered fo r  
hypersonic f l i g h t  was the large rocket engine. Thus, the "boost -glidet1 type 
of vehicle received almost exclusive at tent ion during the f i r s t  decade of 
hypersonic technology development. (see re fs .  1 t o  5.  ) With the  beginning - 
of space ac t iv i t i e s  i n  1957, the magnitude of the launch-vehicle problem 
began t o  be appreciated and studies of reusable launch systems were under- 
taken with the hope of obtaining cheaper and more effect ive a l te rna tes  t o  
b a l l i s t i c  rocket boosters. During t h i s  time the air-breathing engine came 
under exhaustive scrutiny as  the most obvious al ternat ive t o  rocket boosters, 
and a dramatic family of air-breathing vehicles designated "aerospaceplanes" 
became the subject of intensive study. (see refs .  6 t o  15.)  Although these 
conceptual vehicles proved t o  be premature, there  emerged from these studies 
by 1962 the f i r s t  c lear  indications tha t  hypersonic air-breathing propulsion 
using hydrogen f u e l  was feasible and a t t r ac t ive  up t o  Mach numbers of 
about 8 i n  the form of the subsonic-combustion turboramjet, and ,up t o  Mach 12 
o r  higher with the subsonic-supersonic-combustion turboramjet. With t h i s  
important capability, the poss ib i l i ty  of cruise  vehicles capable of sustained 
hypersonic f l i gh t  a l so  became apparent. (see re fs .  16 and 17. ) 
The hypersonii: cruise vehicle i s  vast ly  more complex than other hypersonic 
vehicles such'as the boost-glider or  the manned reentry vehicle. I t s  large 
l iquid  hydrogen fue l  requirement coupled with i t s  air-breathing engines which 
must provide take-off, acceleration, hypersonic cruise, and subsonic l o i t e r  
capabi l i t ies  introduce many d i f f i c u l t  new problems. In examining comparative 
vehicle studies of different design teams, it i s  apparent tha t  the present s t a t e  
of the art i s  characterized by large uncertainties. An analysis of these 
studies reveals tha t  these uncertainties a re  rooted pa r t ly  i n  aerodynamic pre- 
dictions for  complete configurations, pa r t ly  i n  the  at ta inable  weight f ract ions 
of cryogenic and high-temperature structures,  and pa r t ly  i n  the  ins ta l led  per- 
formance of hypersonic propulsion systems. Within the spread of these uncer- 
ta in t ies ,  r e su l t s  for  par t icular  missions can be found which range a l l  the  way 
from a t t r ac t ive  t o  unattractive vehicle systems. The technology fo r  air- 
breathing hypersonic cruise and boost vehicles i s  thus i n  t h e  s m e  early stage 
as  supersonic transport technology was some dozen or  so years ago when serious 
studies of complete r e a l i s t i c  aerodynamic configurations, structures,  and 
engines were just  beginning. In order t o  reduce the present uncertainties i n  
the s t a t e  of the art, extensive programs are  now get t ing underway i n  both USA. 
and NASA. 
A t  the present ear ly stage i n  the  development of these vehicles, any mean- 
ingful  discussion of configuration concept becomes involved with questions of 
structures,  materials, and propulsion, since each of these technological areas 
can have a significant influence on the shaping of the vehicle. To obtain 
r e a l i s t i c  resu l t s  that s ignif icant ly advance vehicle development, the aerody- 
namic programs, then, must  be properly focused on configurations which r e f l e c t  
- 
these influences. To a i d  i n  t h i s  focusing process, t h i s  paper b r i e f l y  examines 
the s t ructural ,  propulsive, and aerodynamic discipl ines  i n  tha t  order and s e t s  
for th  the  presently known factors affect ing vehicle shape. Singled out along 
the way w i l l  be uncertain areas which require more work and the obstacles which 
hinder development and must be overcome. The paper concludes with several pos- 
s ib le  design concepts which should be investigated i n  future programs. For 
reasons which w i l l  become apparent, vehicles i n  the Mach 6 t o  8 class  and those 
fo r  higher Mach numbers of about 12 a r e  s ignif icant ly different .  During the 
discussion Mach 6 and Mach 12 are  used t o  re fer  t o  the two speed classes.  
Although t h i s  paper t r e a t s  only the cruise vehicle, it should be noted 
tha t  many points of commonalty ex i s t  between cruise and launch vehicles. (see 
re f .  14.) Much of the information contained herein f o r  cruise vehicles, there- 
fore, applies t o  the others as well. 
CHARACTERISTICS OF HYPERSONIC W I S E  VEEIICLES 
The environment i n  which a hypersonic cruise vehicle (HCV) operates i s  
shown by the f l i g h t  profile.  The f l igh t  prof i le  i s  subject t o  the  various con- 
s t r a i n t s  shown i n  figure 1. Preliminary studies (discussed i n  paper no. 29 by 
McLean, Carlson, and ~ u n t o n )  of the sonic-boom constraint indicate tha t  because 
of the la rger  vehicles involved, the problem i s  more severe f o r  the HCV a t  lower 
speeds than fo r  the supersonic transport (SST), but because of the higher alti- 
tudes i s  l e s s  severe during cruise. The vehicle then follows a constant dynamic 
pressure path. The highest possible dynamic pressures a re  desirable f o r  
improved propulsion performance; however, from the  s t ruc tu ra l  standpoint, low 
dynamic pressures are desirable to  a l l ev ia t e  panel f l u t t e r  and the  heating 
problems denoted by the constant peak skin temperature l ines .  For subsonic- 
combustion ramjet propulsion systems, the  i n l e t  duct pressures must be l imited 
t o  avoid excessive pi-opulsion-system weight and f l i g h t  paths a re  constrained t o  
constant duct pressure l ines .  In supersonic-combustion ramjet engines, of 
course, the in te rna l  duct pressures a re  much lower and t h i s  duct pressure l i m -  
i t a t i o n  i s  eliminated. 
A typ ica l  t ra jec tory  f o r  a Mach 6 cruise  vehicle follows a peak dynamic 
pressure path of 1500 psf with cruise occurring between 800 and 500 psf.  Peak 
sb n temperatures 3 f ee t  a f t  of the leading edge are  about 1500' F. The descent 
p,,ase of the f l i g h t  i s  made at a l t i tudes  high enough t o  avoid the climb phase 
constraints.  
Because of the  conflicting t ra jec tory  requirements of structures,  propul- 
sion, and aerodynamics, a large interplay among these areas ex is t s  i n  the 
design of hypersonic cruise vehicles. As  a f i r s t  step i n  defining e f f i c i en t  
vehicle systems, it i s  essential ,  therefore, t o  perform analytic trade-off 
studies i n  which the  key parameters i n  structures,  propulsion, and aerodynamics 
a re  systematically varied. These s tudies  have been.conducted within NASA 
(ref .  16) and under contract, and these r e su l t s  have provided a preliminary 
indication of the more important vehicle character is t ics .  These resu l t s ,  com- 
pared with those for  the SST, a re  shown i n  table  I. Symbols appearing i n  the 
tab le  and the figures are defined i n  the  appendix. 
These trade-off studies considered a cruise  Mach number of 6 and assumed 
a range of 5500 n. m i .  and a gross weight equal t o  tha t  of the SST. Shorter 
ranges, such as tha t  of the SST, are  l e s s  a t t r ac t ive  f o r  hypersonic transports 
because most of the t r i p  would be taken up by acceleration and deceleration and 
l i t t l e  trip-time advantage i s  found. Studies of JP-fueled hypersonic cruise 
vehicles indicate  tha t  only about half  t he  desired range is  available ( re f .  17); 
thus, the use of hydrogen fue l  i s  the dominant requirement of these vehicles. 
The desired range can then be achieved with about the same payload weight as  
f o r  the SST but with a lower fue l  weight. The low density of hydrogen, how- 
ever, requires a f u e l  volume about an order of magnitude larger  than tha t  
required f o r  the SST. The s t ruc tura l  problems involved in housing the l iqu id  
hydrogen and designing fo r  the higher temperature environment r e su l t  i n  s t ruc-  
t u r a l  weight f ract ions sane 30 percent greater  than f o r  the SST. This more 
severe s t ruc tura l  problem causes HCV performance t o  be optimized with aerody- 
namic configurations which a re  much l e s s  slender than the SST. A comparison of 
HCV and SST vehicles i s  shown i n  f igure 2. The fuselage fineness r a t io s  a re  
about half  those f o r  the SST and the  hypersonic L/D i s  about 5 ,  a value which 
i s  below tha t  obtainable at hypersonic speeds f o r  more slender designs. The 
wing loadings tend t o  be i n  the same range as f o r  the SST because take-off and 
sonic -boom considerations s ize  the wing i n  both vehicles. 
A configuration which embodies most of the design features preferred i n  
present s t ruc tu ra l  technology i s  shown i n  figure 3 .  Probably the  most s ignif-  
icant  s t ruc tu ra l  design influence involves the manner in  which the l iquid  hydro- 
gen i s  contained i n  the vehicle. A t  hypersonic conditions an extreme tempera- 
ture  difference of about 2000' F ex is t s  between the inner wall of the f u e l  tank 
and the  outer surface of the vehicle. (see re f .  18. ) The cryogenic s t ruc tura l  
problem i s  presently one of the main concerns. One solution under extensive 
study i s  the nonintegral tankage approach sham i n  f igure 3 wherein the fue l  
tanks a re  separate from the load-bearing structure.  With t h i s  concept, cylin- 
d r i c a l  and conical tanks are preferred; and s t ruc tura l  design favors discrete  
w i n g - b ~ c ~  arrmgeiiients v i th  the xfng located over er beneath tne body t o  avoiti 
interference between the wing c a r r y - t h r o w  structure and the tankage. 
To allow lower wing weights, a fuselage-mounted ve r t i ca l  f i n  may be pre- 
ferred t o  wing-tip fins; and t o  allow thermal expansion on the hot leading 
edges, a se-ented, overlapping leading edge on the t a i l  and wing i s  required 
rather  than the smooth unit  used on the SST. Leading-edge temperatures f o r  
Mach 6 vehicles can be held t o  l e s s  than 2200° F and coated thoriated nickel 
( re f .  18) i s  a possible leading-edge material  which requires only infrequent 
refurbishment. However, fo r  Mach 12 vehicles coated refractor ies  such as 
columbium w i l l  have t o  be used ( re f .  19) and frequent leading-edge refurbish- 
ment w i l l  be required. A t  Mach 6 the wing maximum surface temperatures are  
generally l e s s  than 1600° F, and the major par t  of the wing can be constructed 
of superalloy materials using stress-skin construction similar t o  tha t  used on 
the  SST. 
The surface roughness conditions prescribed i n  f l i g h t  are  of importance 
both from configuration performance and loca l  aerodynamic heating considerations. 
A t  one time it was believed t h a t . t h e  surfaces of hypersonic vehicles would be 
covered with large buckles and discontinuities brought about by thermal s t r e s s  
and expansion. Structural concepts have been devised t o  minimize these dis tor-  
t ions,  and a concept fo r  Mach 6 vehicles i s  shown i n  figure 4. 
The leading edge i s  shown detached, and it includes the en t i r e  area behind 
the leading edge i t s e l f  over which temperatures a re  i n  excess of 1600' F. The 
load-bearing skin i s  waffle s t i f fened and s tabi l ized by corrugated webs and 
spars t o  prevent buckling. Thermal s t r e s s  i s  reduced by exposing the  spar and 
r i b  caps. With t h i s  s t ruc tura l  concept, it i s  expected tha t  the  surface w i l l  
be almost as smooth as tha t  on the SST. The only s ignif icant  discontinuity w i l l  
be steps, on t h e  order of 0.020 inch, located a t  the edges of the  leading-edge 
segments and at  the juncture of the  leading edge and the wing. If the steps 
are facing away f r ~ n  the loca l  flow, however, they should not present a serious 
problem. 
I f  designs fo r  the  Mach 12 range are  considered, higher temperatures occur 
over large surface areas of the wing and a s t ruc tura l  concept of the type shown 
i n  figure 5 i s  required. A shingled nonload-bearing exter ior  heat shield and 
insulation system must now be added t o  a basic wing and body s tructure t o  
maintain i t s  operation at tempemtures not i n  excess of 1600' F. Corrugated 
heat-protective shingles form the outer surface and large surface i r regular i -  
t i e s  w i l l  occur. It i s  a mistake t o  assume tha t  by running these corrugations 
"streamwise" t h e i r  e f fec t  can be ignored. Actually the l o c a l  flow directions 
on bodies and de l t a  wings vary s ignif icant ly with angle of attack and, there- 
fore, cross flows over the corrugations w i l l  inevitably be encountered. The 
aerodynamic and heating consequences of t h i s  a r e  not yet known but a re  almost 
cer tainly significant.  Further research i n  high-temperature s t ructures  aimed 
a t  smoother shingles withcrui excessive weight i s  needed. 
Since the trade-off s t l~dy  resul ts  ( table  I and f i g .  2) a re  sensi t ive t o  
s t ruc tura l  weight, the hydrogen-fuel tankage structure and insulat ion weight 
can have important implications on the  proportions of the optimum configuration. 
A reduction i n  t h i s  weight would s h i f t  the fuselage fineness r a t i o  t o  higher 
values with resul t ing increases in  configuration (L/D)-. Possible s t ruc tura l  
concepts fo r  nonintegral tankage are  shown i n  f igure 6. 
The storage of high volumes of l iqu id  hydrogen f u e l  within structures sub- 
ject  t o  high external heating presents major new problems. The cold tankage 
must not only be heavily insulated t o  prevent f u e l  losses, but purging must a l so  
be provided t o  avoid air and water condensation ( re f .  20) between tank and 
s t ructure and t o  remove any hydrogen leakage. In the upper l e f t  of figure 6, 
t h i s  purging i s  accomplished by helium. The basic d i f f i cu l ty  here i s  the large 
weight of the thermal protection system and helium purge system required. Addi- 
t i ona l  weight due t o  the need for a coolant system, par t icu lar ly  at Mach num- 
bers  greater  than 8, t o  reduce tank temperatures i n  "dry1' areas a f t e r  the fue l  
has been p a r t i a l l y  used may also have t o  be included. 
A scheme under t e s t  at Langley which may provide s ignif icant  reduction i n  
thermal protection and purge system weight i s  shown a t  the lower r ight  i n  f ig-  
ure 6. (see r e f .  21.) A C02 f ros t  i s  cryo-deposited within the inner thick- 
ness of fibrous insulation during ground hold p r io r  t o  f l i gh t .  During f l i g h t  
the f ros t  sublimes and provides the purge gas. The sublimation process elimi- 
nates the need for  an additional coolant system for  the dry tank walls. A 
large model of t h i s  concept shown i n  figure 7 has been b u i l t  and i s  scheduled 
f o r  radiation-heating t e s t s .  The model i s  scheduled fo r  tes t ing  i n  the Langley 
8-foot high-temperature structures tunnel a t  Mach 7. 
Another approach based on the concept of "integrart tankage i s  a l so  under 
study a t  Langley Research Center. In p r h c i p a l ,  cooling of the load-bearing 
s t ructure by the fue l  might resul t  i n  weight saving. A large model incorpo- 
rat ing the in tegra l  or evacuated "multiwall" s t ruc tura l  concept ( r e f .  21) i s  
shown i n  figure 8. Great d i f f i cu l t i e s  have been encountered i n  developing t h i s  
model, par t icular ly i n  obtaining the required vacuum i n  the thin-gage elements. 
Helium purge gas i s  shown i n  the s t ruc tura l  portion of the sandwich w a l l  t o '  
detect f u e l  leakage. The purge-gas requirements a re  uncertain but may be s iz -  
able. Further research on evacuated heat shields is  needed t o  develop improved 
techniques and t o  determine the r e l i a b i l i t y  with which thin-gage materials can 
be sealed. 
The in tegra l  tankage structure encounters an additional problem i n  the 
joining of the cold tank structure and the hot wing structure.  It i s  too ear ly 
t o  say whether a significant weight penalty i s  involved here or whether merged 
wing-body arrangements can be found which are  a t t rac t ive  f o r  the use of in tegra l  
tankage. 
The propulsion unit, shown by the  simple schematic i n  figure 3, i s  actual ly  
a very complex, specialized s t ruc tura l  problem. The uni t  contains the in l e t  
duct and a combination engine consisting of a turbojet  f o r  acceleration t o  
about Mach 3 and a ramjet fo r  acceleration t o  Mach 6. A t  higher speeds a 
supersonic-combustion ramjet (scramjet) engine must a l so  be provided. No mate- 
r i a l s  a re  now available t o  withstand the  extreme temperatures occurring on the 
turbine blades under stoichiometric operation at Mach 3 and those generated i n  
the  i n l e t  duct and ramjet combustion chamber at  higher Mach numbers. Active 
cooling of these surfaces by the l iqu id  hydrogen f u e l  is, therefore, required. 
The cooling problem presents one of the  major challenges in the s t ruc tu ra l  
design of these units. 
PROPULSION 
Typical propulsion-system ins ta l la t ions  fo r  Mach 6 cruise  vehicles are  
shown i n  figure 9. One possible type of turbo-accelerator ramjet is shown i n  
which a switching valve redirects  the 'a i rf low t o  e i the r  the turbojet  o r  the 
subsonic-combustion ramjet. These combination engines allow a common i n l e t  t o  
be used f o r  both the turbojet  and ramjet. 
An axisymmetric pod arrangement as used on lower speed cruise vehicles i s  
shown a t  the  top of the  figure. This arrangement has advantages of low weight 
and absence of contaminating boundary layers  from adjacent surfaces. Regenera- 
t i v e  fue l  cooling of the en t i re  in te rna l  ducting and external cowl l i p  w i l l  be 
required. The spike may be e i ther  radiation cooled o r  f u e l  cooled. Large 
spike t ranslat ions are  essent ia l  t o  achieve adequate performance throughout the 
speed range. The two-dimensional ins ta l la t ion  more readi ly incorporates the 
requis i te  variable geometry through the adjustable wall. However, it may 
require a more elaborate boundary-layer bleed system including a diverter  t o  
prevent the thick wing-body boundzry layer from entering the duct. 
A question of major importance i n  configuration defini t ion i s  the i n l e t  
s i ze  requirement of these ins ta l la t ions .  Factors tha t  affect  i n l e t  s i ze  are  
the vehicle aerodynamic characteristics,  efficiency of the  engine-inlet combi- 
nation, location of the i n l e t  on the vehicle, f l i g h t  path, and minimum acceler- 
a t ion  c r i t e r i a  along the f l i g h t  path. Representative calculations have been 
made for  Mach 6 and Mach 8 cruise  vehicles by using the method of reference 22 
t o  define i n l e t  size requirements and the  attendant longitudinal-acceleration 
character is t ics .  The calculations assumed tha t  the vehicle would cruise  at 
(L/D)-. The propulsion system assumed a subsonic combustion turboramjet 
engine i n  conjunction with two i n l e t  types located i n  the wing pressure f ie ld :  
the f i r s t  was assumed t o  operate a t  f u l l  capture at cruise with flow spi l lage 
through a fixed 6' wedge shock at lower speeds, whereas the second type was 
assumed t o  operate a t  fu l l  capture a t  all speeds. 
The fl ight-path constraints (see f i g .  10) included a transonic acceleration 
a l t i t ude  of 40 000 feet ,  a dynamic pressure l i m i t  of 1500 psf, and an i n l e t  duct 
pressure l i m i t  of 200 psi .  For the conditions assumed, the Mach 6 cruise  alti- 
tude l i e s  above the acceleration path and a constant Mach number climb t o  '-bis 
a l t i t ude  i s  performed. For the Mach 8 case, t he  cruise  a l t i t ude  l i e s  below ;he 
acceleration path and the f i n a l  acceleration i s  performed a t  cruise a l t i t ude  at 
reduced i n l e t  pressure recovery to  conform t o  the duct pressure l i m i t .  
The f l i g h t  aerodynamic character is t ics  a re  depicted i n  figure 11. For 
most of the acceleration phase, the vehicle system operates well below maximum 
l i f t -drag ra t io ,  reaching t h i s  condition i n  a br ief  portion of the subsonic 
climb and a t  the cruise condition. The f i n a l  portion of the Mach 8 accelera- 
t ion  path i s  flown a t  very nearly ( L )  as  a r e su l t  of the charac ter i s t ics  
imposed by the duct -pressure -lid t as sumption. 
The acceleration characteristics a re  shown in  f igure 12. The higher accel- 
erations a re  fo r  the i n l e t  operating at f u l l  capture a t  a l l  conditions, with the 
higher thrust  levels  a consequence of the higher airflow character is t ics  of 
these in l e t s .  As noted previously, t he  ac tua l  i n l e t  w i l l  probably f a l l  between 
these extremes. 
The accelerations were provided by s izing the ramjet and i n l e t  area f o r  
the condition a t  the s t a r t  of cruise. This i n l e t  area was then used over the  
f l i g h t  path and the turbojet  portion of the engine w a s  sized t o  provide minimum 
acceleration of 2 ft /sec2 at  transonic speeds. With these inlet-engine s izing 
c r i t e r i a ,  an average acceleration leve l  of about 0.2g over the Mach number 
range i s  provided, a leve l  which i s  several times larger  than SST values but i n  
the range needed t o  achieve adequately short  acceleration periods f o r  Mach 6 
cruise.  The i n l e t  areas required were l e s s  than 2 percent of the  wing area. 
The location of these i n l e t s  a lso has an important influence on vehicle 
shaping. In figure 13  the i n l e t  area required t o  obtain various accelerations 
i s  shown f o r  two cases - when the i n l e t  can be located i n  the wing compression 
f ie ld ,  as fo r  the previous calculations, and when the i n l e t  ingests free-stream 
air. A t  angle of attack the a i r  beneath the  wing is precompressed and t h i s  
advantage r e su l t s  i n  a small enough i n l e t  a t  near-zero acceleration t o  be 
located i n  t h i s  pressure f i e l d  as shown. There i s  a usable limit, however, t o  
the i n l e t  s i ze  tha t  can be contained i n  t h i s  preferred location; m d  this l i m i t  
on a de l ta  wing f o r  a two-dimensional i n l e t  of r e a l i s t i c  length i s  shown by the 
shaded region. For higher acceleration (or higher Mach number) vehicles where 
the i n l e t  may be too large t o  be located i n  the wing pressure f i e ld ,  the upper 
curves may d ic t a t e  required i n l e t  areas, and because the i n l e t  now must furnish 
a l l  the ccanpression it beccanes large enough t o  house both f u e l  and payload. The 
a i r c r a f t  must now be designed around the i n l e t  and a "flying in l e t "  configura- 
t i o n  resul ts .  These "flying engine" types w i l l  u t i l i z e  scramjet propulsion 
beyond Mach 8 where, fo r  a number of reasons, the subsonic-combustion ramjet 
performance deteriorates rapidly with increased speed. 
Both USAF and NASA have sizable programs for hypersonic ramjet development. 
The NASA work centers on the  development of an 18-inch-diameter engine capable 
of both subsonic and supersonic burning. It w i l l  eventually be f l i g h t  tes ted 
t o  Mach 8 on an uprated X-15 airplane. The f i r s t  phase of t h i s  project, which 
i s  now finished, included engine concept development and evaluation i n  depth. 
One of the r e su l t s  of these studies i s  a detailed evaluation of the regenera- 
t i ve  filel-cooling requirements; these a re  shown i n  figure 14. 
The f u e l  flow for cooling i s  shown as a fract ion of the  f u e l  required for  
21-opulsion with stoichiometric burning. For values of t h i s  r a t i o  up t o  1, the 
f u e l  carried f o r  propulsion i s  suff ic ient  for  cooling purposes. For r a t io s  
above 1, additional fue l  must be carr ied t o  meet cooling needs.. 
The study results (shown i n  f ig .  14)  ha1.re been extrzpolz.+,ed, ? d i n g  
Reynolds number corrections, fo r  an engine of 7-foot diameter. A t  Mach 6 ade- 
quate f u e l  i s  available f o r  cooling; however, cooling needs increase rapidly 
with Mach number and near 7 it i s  questionable whether suff ic ient  fue l  for  
cooling i s  available. Beyond Mach 7 the cooling requirements become severe, 
and there i s  strong evidence f r m  these studies tha t  these cooling requirements 
may const i tute  a more serious obstacle t o  higher f l i g h t  speeds than the problems 
of aerodynamics, supersonic combustion, or  even structures.  Opportunities for  
improving the situation, however, ex is t  i f  the allowable duct wall temperatures 
can be increased and/or shorter engines with lower wetted surfaces developed. 
A major concern of the aerodynamicist i s  the increase i n  drag and the 
interference ef fec ts  tha t  resu l t  when propulsion systems are  added t o  the a i r -  
frame. L i t t l e  significant hypersonic experimental work i n  t h i s  area has been 
reported i n  the l i te ra ture .  An investigation by Frank S. Kirkham and W i l l i a m  J. 
Small has recently been performed i n  the Langley l l - inch hypersonic tunnel a t  
Mach 6.8 on the models equipped with two-dimensional and pod i n l e t s  shown i n  
figure 15. Flow-through i n l e t s  were used, and the ramp and spikes were not 
included. The i n l e t  areas fo r  both types were 1.8 percent of the wing area, 
which i s  i n  the right range f o r  Mach 6 cruise vehicles, and both i n l e t s  cap- 
tured the precompressed a i r  beneath the wing. The resu l t s  show the increase i n  
t o t a l  drag due t o  in l e t  addition a t  an angle of a t tack of 6' which i s  close t o  
tha t  fo r  (L/D)-. 
The theoret ical  resul ts ,  which include pressure and both in te rna l  and 
external skin-friction drag, a re  in  good agreement with experimental resu l t s  
f o r  the  two-dimensional in l e t .  With pod i n l e t s  a much l m g e r  drag increase 
occurs and only about half  the increment i s  predicted. The difference i s  due 
t o  the greaker interference ef fec ts  between the pod i n l e t s  and the airframe. 
The calculated increase i n  internal  i n l e t  drag, which i s  not chargeable t o  
t o t a l  drag, amounted t o  about 3 percent for  the two-dimensional i n l e t  and 
7 percent f o r  the pod in l e t s .  
The extent of these interference effects  i s  indicated i n  figure 16 which 
contains oil-flow patterns i n  the v ic in i ty  of the two types of in l e t s .  The 
flow about the two-dimensional i n l e t  appears very uniform whereas large disturb- 
ances from interacting flow f i e l d s  occur f o r  the pod ins ta l la t ions .  In addi- 
t ion  t o  excessive interference drag, loca l  heating increases may be more severe 
fo r  the pod instal la t ions.  If the ramp and spikes had been included, they 
would not have caused additional interference drag under design conditions 
since the compression shock would be captured by the  i n l e t  l i p .  The off-design 
conditions, however, a r e  a matter f o r  further study. 
These drag and oil-flow resul ts  indicate the superiority of two-dimensional 
i n l e t  instal la t ions;  however, it should be remembered tha t  these a re  ear ly  
results obtained under laminar-boundary-layer conditions. Additional work i s  
required t o  determine whether similar e f fec ts  prevai l  m&sr turbulent flow con- 
di t ions and whether s m e  benefit  can be gained from the  interact ion ef fec ts  on 
pod instal la t ions.  
AERODYNAMICS 
Overall Configuration Considerations 
To determine the influence of aerodynamics on vehicle shaping, the  findings 
of basic configuration studies must be referred t o  since no def in i t ive  r e su l t s  
a re  as yet available from complete configuration studies.  In examining these 
basic study resul ts ,  the main inquiry is  concerned with whether any par t icu lar  
family of --body arrangements offers  any par t icu lar  advantage i n  (L/D), 
performance, neglecting f o r  now prac t ica l  considerations such as t r im and 
s t ab i l i t y .  
- 
Experimental resu l t s  taken f r m  references 23 and 24, which show the maxi- 
mum at tainable  performance obtained from a nunber of idealized-shape families, 
a re  presented i n  f igure  17. In t h i s  figure, (L/D)- resu l t s  a re  shown as a 
function of the volume parameter which exerts  a large influence on maximum 
l i f t -drag-rat io  character is t ics .  The probable range of volume parameters f o r  
RCV design i s  from about 0.14 t o  0.24. In t h i s  range it i s  apparent tha t  no 
one shape family has c lear ly  superior performance and tha t  blended wing-bodies 
a re  competitive with discrete  wing-body types. A t  the  higher end of the  range, 
slender l i f t i n g  bodies are  a l so  competitive; however, i n  order t o  obtain the 
(L/D)- values shown, extremely slender half  -cone bodies a re  required. 
The discrete  wing-body data indicate some small improvement i n  (L/D),, 
due t o  the favorable l i f t  interference fram the underslung body on the f la t - top  
configurations; and since the introduction of t h i s  concept i n  reference 25, 
much detailed experimental work ( re fs .  26 t o  37) has been done with the hope of 
improving the at ta inable  performance. Experimental resu l t s  from references 26, 
27, 28, 33, and 34 are  summarized i n  f igure 18. The la rges t  performance gains 
a re  obtained a t  the lower Mach numbers; and, t o  capi tal ize  on these potent ia l  
benefits, the design concept was u t i l l zed  on the XB-70 airplane. A t  higher 
Mach numbers, however, the performance gains decrease rapidly. Investigations 
were undertaken t o  explain the behavior; and the resul ts ,  given i n  d e t a i l  i n  
reference 34, indicate tha t  performance gains of these idealized shapes a re  
only obtained under r ig id  geometric constraints.  Since these idealized shapes 
a r e  not generally adaptable t o  hypersonic cruise  vehicle design, fur ther  
investigations of the more prac t ica l  shapes shown i n  f igure 19 were conducted 
a t  Mach 6.8. The experimental r e su l t s  t o  the l e f t  indicate the performance 
gains possible under idealized configuration conditions (shock-shape wings). 
The more prac t ica l  configurations, however, f a i l  t o  show any interference gains 
i n  (L/D)-. !The shapes tested, however, by no means exhaust the interest ing 
poss ib i l i t i e s .  
The foregoing data were obtained under the e f fec ts  of a laminar boundary 
layer,  The resu l t s  i n  figure 20, however, indicate tha t  under ful l -scale  f l i gh t  
conditions extensive laminar flow w i l l  not occur. A t  the top of the  figure are  
shown typica l  Reynolds numbers, based on length, fo r  a ful l -scale  hypersonic 
cruise vehicle. In the  lower par t  of the  figure are  shown Reynolds number con- 
di t ions f o r  the s t a r t  of t rans i t ion  on cones and f l a t  plates,  as obtained from 
references 38 t o  55. A t  Mach 6 t o  8, full-scale Reynolds numbers a re  seen t o  
be greater  than 200 X 106 whereas laminar flow ends at about 5 X 106. Only the 
f i r s t  few fee t  of the a i r c ra f t ,  therefore, w i l l  be subject t o  laminar flow, 
with turbulent flow dominating most of the remaining surface. 
In  extrapolating laminar wind-tunnel resu l t s  t o  turbulent f l i g h t  condi- 
t ions,  gross approximations presently have t o  be made. The method used simply 
subtracts the low Reynolds number laminar skin-friction drag, which i n  i t s e l f  
i s  i n  doubt, and replaces it with high Reynolds number turbulent values. Com- 
ponent performance and interact ion ef fec ts  on l i f t  and drag  due t o  l i f t  are  
thus assumed t o  be the same for  turbulent flow as fo r  laminar flow - an 
extremely doubtfbl assumption. This method was used t o  extrapolate the pre- 
vious resu l t s  of figure 17 t o  f l i g h t  conditions, and these extrapolated r e su l t s  
a re  given i n  figure 21. 
As a re su l t  of the  luwer turbulent skin-friction drag a t  a Reynolds number 
of 200 X 106 as compared'xith the laminar drag at  1.5 x 106, the levels  of 
L/D performance are s ignif icant ly increased and differences i n  the  performance 
of different  configuration families a re  more pronounced. It i s  not known, how- 
ever, whether these trends actual ly  ex i s t  because of the d i f f i cu l ty  i n  obtaining 
turbulent flow on small models at  hypersonic Mach numbers as discussed i n  paper 
no. 2 by Braslow, Hicks, and Harris. A t  lower speeds turbulent flow can be 
simulated by relat ively small roughness s t r i p s  attached t o  the models. A t  high 
Mach numbers t h i s  technique i s  not sat isfactory since the required roughness 
s izes  become so large tha t  extraneous ef fec ts  a re  often introduced which are 
d i f f i cu l t ,  i f  not imposssible, t o  correct f o r  ( refs .  56 t o  63). This problem 
presents a major d i f f icu l ty  i n  the present e f fo r t s  t o  study complete 
configurations . 
The provision of s t a b i l i t y  and control w i l l  have an important influence on 
configuration design. L i t t l e  experimental data on hypersonic air-breathing 
configurations exist; but during e a r l i e r  work on boost-glide vehicles, several 
design features (shown i n  f ig .  22) were developed which may have application t o  
these cruise  vehicles. 
Negative camber was found t o  decrease the t r i m  penalties on (L/D)-. 
(see r e f .  64. ) A negative-camber feature i s  i l l u s t r a t e d  by the upward 
- 
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deflection of the  forward portion of the de l t a  wing. Upward deflection of 
trailing-edge f laps fo r  t r i m  and a properly blunted and contoured underslung 
body also provide negative-camber effects .  In trailing-edge-flap instal la t ions,  
adverse yaw often occurs when these surfaces a re  d i f f e ren t i a l ly  deflected f o r  
r o l l  control. This e f fec t  can be reduced by sweeping the f l a p  hinge l i n e  for -  ' 
ward t o  move the resul tant  force closer t o  the vehicle center of gravity 
( r e f .  65). 
For direct ional  s t a b i l i t y  and control, a wedge ve r t i ca l - t a i l  section can 
reduce excessive area requirements ( r e f .  66), and a variable wedge could be 
included t o  allow optimum operation over the Mach number range and t o  reduce 
base drag at  c r i t i c a l  transonic conditions. Toed-in wing-tip f i n s  ( re f .  64) 
are a fur ther  application of the  wedge principle.  Decreasing direct ional  s t a -  
b i l i t y  with angle of a t tack can be al leviated by ro l l ing  out the t i p  f in s  
( r e f .  67). 
Drooped wing t i p s  may be useful f o r  improving the performance and direc- 
t i ona l  s t a b i l i t y  with minimum performance penalty f o r  favorable l i f t -  
interference configurations but the adverse r o l l  character is t ics  of these sur- 
faces must not be overlooked. 
Local Flow Problems 
A major new problem encountered i n  the design of hypersonic cruise  vehicles 
i s  the evaluation of loca l  interference ef fec ts  which may have an important 
influence on loads, control effectiveness, and loca l  aerodynamic heating. 
These areas a re  far more important f o r  these vehicles than f o r  supersonic trans- 
port  designs because of the more intense interactions which occur between air- 
c r a f t  canponents. Actually a large amount of study has been devoted t o  these 
loca l  flow problems, and i n  some areas a reasonably good understanding of the 
phenomena involved already exis ts .  
Turbulent surface-heating data a re  available on de l t a  wings a t  l oca l  Mach 
numbers up t o  about 5 and on flat plates  and slender cones a t  loca l  Mach numbers 
up t o  about 8 ( refs .  40 t o  44, 51 t o  55, and 68 t o  70). Typical heating r e su l t s  
a t  a free-stream Mach number of 6.8 a r e  shown i n  figure 23.  For de l t a  wings at 
w a l l  conditions near adiabatic, turbulent heating i s  predictable by use of 
s t r i p  theory. For cones the heating r a t e s  at low angles of attack a re  predict-  
able  by laminar conical-flow theory and at high angles of attack by laminar 
cross-flow theory with a large uncertainty occurring i n  the  intermediate angle- 
of-attack range. 
Although these resu l t s  are encouraging, t h e  s ta tus  of turbulent surface 
heating must be improved through additional e f fo r t s  t o  be t t e r  es tabl ish w a l l  
temperature e f fec ts  and t o  obtain delta-wing heating character is t ics  at higher 
loca l  Mach numbers. I n  addition, body shapes having larger  volumes which are  
more representative of hypersonic cruise vehicle designs must be investigated. 
In  leading-edge heating, a somewhat improved s i tua t ion  exis t s .  As  long as  
the Mach number component normal t o  the leading edge i s  larger  than about 1.5, 
laminar and turbulent heating ra tes  a re  suf f ic ien t ly  predictable for  prelimi- 
nary design purposes on a smooth leading edge (refs .  71 t o  74). The effects  on 
heating of the laps on segmented leading edges discussed previously, however, 
a re  presently uncertain. 
Shock impingement ( re fs .  75 t o  80) has long been recognized as a source of 
l o c a l  heating increases. Latest resul ts ,  however, indicate tha t  these effects  
on leading edges are predictable. In figure 24 typical  resu l t s  from refer-  
ence 80 of loca l  heating along the leading edge show an increase from shock 
impingement. If local  conditions a re  accounted for, the heating increase i s  
well predicted. Shock impingement a l so  causes premature t rans i t ion  from lami- 
nar t o  turbulent flow. However, the  t rans i t ion  Reynolds numbers, based on 
l o c a l  eonditiona, hat-e also been iletermined. Local heating from shock impinge- 
ment may a lso  occur on surfaces downstream of the leading edge but i s  l e s s  well 
understood. 
Flow separation poses a problem of predicting f l a p  control effectiveness 
and high heating ra tes  at  boundary-layer reattachment on the  deflected controls. 
In reentry vehicles which are  subject t o  laminar or  t rans i t iona l  boundary 
layers, t h i s  i s  a serious problem. In hypersonic cruise vehicles where turbu- 
l en t  flow dominates, however, the problem i s  much l e s s  severe. A t  the top of 
f igure 25, the large control deflections ( re fs .  8 1  t o  85) f o r  which a turbulent 
boundary layer wi l l  separate are  compared with the  much smaller ones f o r  l a m i -  
nar flow. Since control deflections of t h i s  order should not be required under 
normal f l i g h t  conditions, turbulent flow separation should not be encountered.' 
Should separation occur, however, r e a l i s t i c  predictions of control effective- 
ness and loca l  heating may be possible because of the smaller area affected by 
turbulent separation as compared with laminar, as  i l l u s t r a t e d  by the schlieren 
photographs of the flow over a 40° compression corner. 
Contrary t o  the good understanding i n  the previous areas, the corner-flow 
problem i s  not well understood. It occurs a t  the junctures of the wing and 
fuselage, wing and t i p  f ins ,  and i n l e t  sides and wing. The mechanisms of corner 
flow are very complex and, i n  sp i t e  of the f a c t  t h a t  many detai led investigations 
have been conducted ( re fs .  86 t o  107), loca l  heating increases are  not predict-  
able even on the most basic models. Behavior i n  an idealized corner is  i l l u s -  
t r a t ed  by the unpublished r e su l t s  recently obtained by P. Calvin Stainback i n  
the Langley Mach 8 variable-density hypersonic tunnel and shown i n  figure 26(a). 
The model consists of a two-dimensional 90' corner with one s ide deflected 5' 
i n to  the stream. The experimental data show heating ra tes  up t o  f ive  times the 
predicted values on the undeflected p la te  and a 50-percent increase i n  the 
deflected-plate values. In three-dimensional flow, similar increases occur as  
indicated by the data in  f igure 26(b) f o r  a half-cone--delta-wing configuration, 
taken from reference 51, where the cone heating r a t e s  a r e  double the  predicted 
values. These data were obtained under laminar-boundary-layer conditions. The 
increases i n  heating under turbulent conditions a t  these Mach numbers a re  
unknown. 
During the development phase of hypersonic cruise  vehicles, a number of 
configuration concepts w i l l  have t o  be considered; and, since these configura- 
t ions w i l l  be s ignif icant ly different ,  t h i s  i n a b i l i t y  t o  predict  corner-flow 
l oca l  heating w i l l  require detailed heating t e s t s  on each configuration t o  
obtain representative heating distributions.  Investigations of complete config- 
urations have begun, and heat-sensitive-paint t e s t  resu l t s  obtained a t  Mach 6.8 
fo r  one concept a re  shown i n  figure 27. Regions of high heating are  indicated 
by the dark areas and high heating from corner-flow phenomena i s  evident near 
the junctures of the wing and fuselage and the i n l e t  and wing. 
CONFIGURATION CONCEPTS 
me previo-s  disc-saion has a t t e ~ p t e d  t o  i so la te  preseiLtly 'kiiom influences 
on configuration defini t ion from the s t ructural ,  propulsive, md  aerodynamic 
disciplines.  To summarize br ief ly ,  a discrete body with low or high wing 
arrangement and fuselage-mounted vert ical  t a i l  i s  preferred from the  present 
s t ruc tura l  point of view. Propulsive considerations favor a low wing posit ion 
with two-dimensional i n l e t s  mounted i n  the wing flow f i e l d .  Both discrete  
body-wing and blended body-wing arrangements are aerodynamically competitive. 
Within these constraints a number of design concepts a re  possible and some 
examples of these a re  shown i n  figure 28. The three configurations shown i n  
figure 28(a) a re  being considered in present analytic trade-off studies.  The 
variable -geometry configuration appears t o  have the highest gross weight but is  
a t t r ac t ive  because of i t s  superior subsonic l o i t e r  and mission abort capabili-  
t i e s .  Both the variable-geometry and the  fixed-delta-wing configuration u t i l i z e  
h igh- l i f t  devices at take-off and landing. These devices cannot be included on. 
the blended wing-body design, which does not have a separate horizontal tail ,  
and s t i l l  maintain trim control; as a resul t ,  a larger  wing area i s  required 
for  the blended wing-body. 
In the  trade-off studies, a lifting-body design was a l so  considered; how- 
ever, the concept w a s  discarded because the high weight of the  retractable  wing 
used only f o r  take-off and landing l ed  t o  large f u e l  requirements and the 
resul t ing gross weight became prohibitive. The success of the twist  and camber 
concept fo r  the supersonic transport requires t h a t  it a lso  be considered i n  the 
design of hypersonic vehicles, and e f fo r t s  are now underway t o  extend the theo- 
r e t i c a l  work t o  higher Mach numbers. 
The configuration at  the  top of figure 28(b) follows XB-70 design and 
attempts t o  gain favorable interference benefi ts  from the wedge underbody. In 
providing the necessary interference flow f ie ld ,  the underbody becomes large 
enough t o  house the i n l e t  ducts and engines and also t o  provide par t  of the 
hydrogen fue l  storage volume. A potentially severe problem area exis ts ,  how- 
ever, i n  the long length of in l e t  ducts involved which may lead t o  excessive 
s t ruc tu ra l  weight and fuel-cooling requirements. Furthermore, the forward 
i n l e t  position r e s t r i c t s  the usable i n l e t  area i n  the wing flow f i e ld .  
Another form of a blended wing-body u t i l i z e s  the  "caret" wing proposed i n  
reference 108. The caret-wing lower surface i s  derived from simple wedge flow 
and of fers  more uniform pressure and l e s s  severe heating cnaracter is t ics  than 
does a conventional de l t a  wing. These advantages may, of course, be of fse t  by 
other factors  such as increased wing area and loads resul t ing from the negative 
dihedral. 
The configuration on the lower r ight  of figure 28(b) i s  one "flying in le t"  
design concept which resul ts  when the i n l e t  i s  too large t o  be contained i n  the 
wing pressure f i e ld .  It might be applied t o  higher acceleration Mach 12 cruise 
vehicles or  lower Mach number launch vehicles. 
Efforts are now beginning at  Ames and Langley Research Centers t o  invest i -  
gate complete-configuration concepts which contain requirements of trim, s ta -  
b i l i t y ,  and other pract ical  considerations. The model under study a t  Mach 7 
at Langley i s  shown i n  figure 29. A s  a s t a r t ,  t he  model design concept i s  one 
used i n  ear ly trade-off studies ( r e f .  16).  This re la t ive ly  simple concept w i l l  
serve t o  ver ify existing aerodynamic prediction techniques, es tabl ish typical  
loca l  heating distributions, and provide a base-line configuration with which 
t o  compare additional concepts which a re  planned t o  be added as the program 
proceeds. 
CONCLUDING RlwmKs 
The pr incipal  e f for t s  of the next decade w i l l  involve application of the 
considerable general knowledge and data which now ex i s t  i n  a l l  areas t o  the 
development of complete hypersonic. vehicle sys terns. A t  the present time the 
f i r s t  structural-concept models of cryogenic tankage .we being readied fo r  
high-temperature tes t ing i n  ground f a c i l i t i e s .  The f i r s t  experimental hyper- 
sonic ramjet engines f o r  f l i g h t  t e s t s  axe under development by both USAF and 
NASA. Aerodynamic studies of complete configurations have been s tar ted.  
In the  aerodynamics area, there i s  a serious handicap i n  the use of 
exis t ing wind tunnels t o  simulate the high Reynolds number turbulent flows of 
ful l -scale  f l i gh t .  A t  the higher Mach numbers, the t rans i t ion-s t r ip  technique 
used so successfully i n  the supersonic transport development tends t o  become 
ineffective.  Extensive e f fo r t s  t o  develop usable hypersonic tripping techniques 
a re  i n  progress but no prac t ica l  solution has as yet emerged. Flight t e s t s  of 
a t  l e a s t  one representative large -scale wing-body configuration t o  determine 
the detailed aerodynamic and heating behavior with natural  f u l l y  developed tu r -  
bulent flows w i l l  probably' be required t o  supplement and upgrade the wind-tunnel 
resu l t s .  This large-scale aerodynamic ' f l i g h t  t e s t  could a l so  provide the basis  
f o r  s t ruc tura l  concept development and tes t ing  f o r  wing-body arrangements which 
w i l l  be needed i n  the course of future vehicle development. 
APPENDIX 
SYMBOLS 
i n l e t  captive area 
acceleration i n  gravity uni t s  
diameter of cylindrical leading edge 
heat-transf e r  coefficient 
l i f t  -drag r a t i o  
length 
Mach number 
Stanton number 
duct t o t a l  pressure 
dynamic pressure 
Reynolds number based on diameter 
Reynolds number based on length 
Reynolds number based on distance x 
t o t a l  planform area 
t o t a l  wing area (including portion covered by fuselage) 
distance from center l ine  along surface t o  a given point 
distance from center l ine along surface t o  leading edge 
volume 
f u e l  volume 
f u e l  weight 
payload weight 
s t ruc tura l  weight 
WT gross  take-of f  weight 
X,y,Z a x i s  system 
X,Y, Z distance along X-, Y-, and Z-axis, respect ively  
a angle of a t t ack  
6 def lect ion angle 
Subscripts  : 
f'b f l a t  bottom 
f p  f l a t  p la te  
f t  f l a t  top 
max maximum 
00 f r e e  stream 
Abbreviations: 
F.R. fuselage f ineness  r a t i o  
LH2 l i q u i d  hydrogen 
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